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3.2.6 THERMAL CONTROL - The thermal con t ro l  system provides su rv ivab le  

thermal environments f o r  capsule equipment throughout a l l  mission phases. It 

must be s u f f i c i e n t l y  f l e x i b l e  t o  accommodate t h e  mission and environment 

u n c e r t a i n t i e s ,  and be compatible with known e x t e r n a l  environments, w i t h  con- 

f i g u r a t i o n  changes during t h e  mission, and with the  ope ra t ing  C h a r a c t e r i s t i c s  

of o t h e r  capsule  systems. 

The thermal c o n t r o l  parametr ic  s t u d i e s  are discussed i n  two p a r t s :  (1) 
t h e  f l i g h t  phase,  i nc lud ing  prelaunch and launch and (2) t h e  post-landed phase. 

The primary r e s u l t s  of  t h e  s tudy are d e f i n i t i o n  of thermal c o n t r o l  conf igu ra t ions ,  

performance, and s i z i n g  d a t a  f o r  a p p l i c a t i o n  t o  t h e  p o i n t  design configurat ions.  

3.2.6.1 F l i g h t  Phase. - Thermal c o n t r o l  during t h e  f l i g h t  phase provides 

t h e  required temperature levels wi th in  t h e  capsule during t h e  prelaunch pe r iod  

and during the  journey from Earth t o  Mars. 

o r i e n t a t i o n ,  and s o l a r  d i s t ance  during t h e  f l i g h t  cause varying s o l a r  h e a t  

input.  These are t h e  major thermal c o n t r o l  considerat ions.  Other considera- 

t i o n s  inc lude  s t e r i l i z a t i o n  compa t ib i l i t y ,  on-pad checkout, and t h e  thermal 

e f f e c t s  of t h e  launch t r a n s i e n t .  Previous s t u d i e s  (NASA CR-89686) have 

i n d i c a t e d  t h a t  once s t e r i l i z a t i o n  compa t ib i l i t y  has been e s t a b l i s h e d  these  

Changes i n  veh ic l e  conf igu ra t ion ,  

o the r  cons ide ra t ions  have l i t t l e  e f f e c t  on design s e l e c t i o n .  Temperature 

levels and electrical h e a t e r  requirements allow s e l e c t i o n s  of recommended 

approaches and d e f i n i t i o n  of parametr ic  performance and weight e f f e c t s ,  as 

discussed i n  t h e  following paragraphs. 

3.2.6.1.1 Design requirements: The thermal c o n t r o l  design must m e e t  t h e  

temperature levels required by t h e  on-board equipment and must a l s o  be  l i g h t -  

weight and impose few a d d i t i o n a l  mission c o n s t r a i n t s .  

are discussed i n  t e r m s  of r equ i r ed  equipment temperature levels, including 

prelaunch and launch, and external environment. 

The design requirements 

Equipment Temperature L i m i t s  - The required equipment temperature l i m i t s  

(Table 3.2.6-1) are a p p l i c a b l e  f o r  t h e  several per iods throughout t h e  f l i g h t .  

During t h i s  t i m e ,  most equipment is  inoperat ive.  The l a r g e  amount of insula-  

t i o n  necessary t o  p r o t e c t  t h e  l ande r  a f t e r  touchdown w i l l  maintain t h e  l ande r  

experiment and support ing subsystems a t  n e a r l y  t h e  s a m e  temperature during t h e  

f l i g h t  phase, i .e . ,  above 20"F, t h e  minimum i n o p e r a t i v e  b a t t e r y  temperature. 

3.2.6- 1 
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The propuls ion components must b e  maintained a t  temperatures t h a t  are high 

enough t o  avoid, (1) excessive thermal stress i n  t h e  s o l i d  d e o r b i t  motor pro- 

p e l l a n t ,  (2) performance degradation due t o  low p r o p e l l a n t  temperature, and 

(3) excessive cool ing of equipment. 

Thermal Environment - environment f o r  t h e  capsule  e x t e r i o r  is t h e  

n a t u r a l  thermal environment encountered during launch and i n  Earth o r b i t  and 

deep space. 

r a d i a t i v e  hea t ing  from t h e  p l ane t  t o  t h e  capsule  is  s m a l l  and can be  s a f e l y  

ignored f o r  prel iminary s t u d i e s .  

Near Mars and i n  Mars o r b i t  t h e  a l t i t u d e  i s  s u f f i c i e n t l y  high t h a t  

The major environmental v a r i a b l e  during t h e  i n t e r p l a n e t a r y  c r u i s e  mission 

is  t h e  change i n  s o l a r  heat ing.  Nominal values  of t h e  s o l a r  constant  are as 

follows : 

Capsule P o s i t i o n  

Near Earth 

Near Mars 

S o l a r  Distance 
(106 mi l e s )  

92.9 

141.3 

So la r  Constant 
(Btu/hr-f t 2 )  

442 

19 2 

These hea t ing  rates are expressed i n  terms of equi l ibr ium temperatures f o r  

su r faces  f ac ing  t h e  sun i n  Figure 3.2.6-1, showing t h a t  f o r  t y p i c a l  condi t ions 

t h e  capsule  s u r f a c e  temperature w i l l  decrease by about 100°F during c ru i se .  

A f a c t o r  tending t o  reduce t h e  temperature change is  s t a b i l i t y  of thermal 

c o n t r o l  coat ings during t h e  extended deep space exposure. 

degrade slowly, Figure 3.2.6-1 shows t h a t  increased s o l a r  absorptanee/ infrared 

emittance (as/e) a f t e r  launch w i l l  reduce t h e  cool-down during t h e  c r u i s e  from 

Earth t o  Mars. 

I f  t h e  coat ings 

The guiding design requirement f o r  accommodating t h e  change i n  e x t e r n a l  

thermal environment i s  t o  avoid hea t ing  t h e  lander  b a t t e r i e s  above 70°F near  

Earth,  and a l s o  maintain a minimum temperature of 20°F n e a r  Mars. During t h i s  

per iod t h e  capsule  equipment i s  nominally i n a c t i v e  except f o r  b a t t e r y  charging 

and equipment monitoring act ivi t ies .  Therefore,  waste h e a t  from equipment oper- 

a t i o n  is  no t  a v a i l a b l e ,  and electrical h e a t e r s  must b e  used t o  maintain equip- 

ment temperature as t h e  s o l a r  h e a t  decl ines .  

3.2.6-3 
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3.2.6.1.2 Candidate approaches: During i n t e r p l a n e t a r y  c r u i s e  and Mars 

o r b i t ,  t h r e e  b a s i c  thermal c o n t r o l  design concepts c a n b e  used f o r  t h e  capsule ,  

depending on t h e  relative s i z e  of t h e  capsule and o r b i t e r .  These are: 

f u l l  sun o r i e n t a t i o n  of  t h e  capsule,  (2) f u l l  shade o r i e n t a t i o n  (behind t h e  or- 

b i t e r ) ,  and (3) p a r t i a l  shade o r i e n t a t i o n .  The primary thermal con t ro l  design 

ob jec t ives  are t o  maintain b a t t e r y  temperature between 20 and 70°F, and avoid 

excessive cool ing o f  the propuls ion equipment, i nc lud ing  p rope l l an t  tankage, 

l i n e s ,  and deorb i t  motor. 

the sun i s  again important t o  avoid overheat ing o r  excessive cool ing of t h e  

exposed capsule  and equipment. 

(1) 

For o r b i t a l  descent ,  t h e  o r i e n t a t i o n  with r e spec t  t o  

A s u n l i t  o r i e n t a t i o n  allows t h e  capsule t o  be warmed by t h e  sun, but  at 

v a r i a b l e  h e a t i n g  rates as t h e  d i s t ance  from the sun increases .  

including i t s  s o l a r  panels ,  i s  as l a r g e  i n  diameter as t h e  capsule ,  

shade o r i e n t a t i o n  can be obtained, with t h e  o r b i t e r  f ac ing  t h e  sun and t h e  

capsule i n  t h e  shadow fac ing  deep space. 

s t u d i e d  f o r  t h e  VOYAGER Phase B e f f o r t  (NASA CR-89686). S m a l l e r  o r b i t e r s  

r e s u l t  i n  t he  p a r t i a l  shade conf igu ra t ion ,  where sun l igh t  impinges on the  cap- 

s u l e  base o u t s i d e  o r  between t h e  o r b i t e r  s o l a r  panels.  

I f  t he  o r b i t e r ,  

f u l l  

This configurat ion i s  similar t o  t h a t  

The capsule descends from o r b i t  i n  an exposed configurat ion.  The. . 

s t e r i l i z a t i o n  c a n i s t e r  with i t s  m u l t i l a y e r  i n s u l a t i o n  b l anke t  has  been j e t t i s o n e d ,  

exposing t h e  a e r o s h e l l  and a f t  thermal c u r t a i n  t o  t h e  combined deep space / so la r  

h e a t i n g  environment. 

descent are shown i n  Table 3.2.6-2 f o r  t y p i c a l  configurat ions and s o l a r  orien- 

t a t i o n  angles.  

The a l t e r n a t e  approaches f o r  thermal c o n t r o l  during o r b i t a l  

Seve ra l  s p e c i a l i z e d  techniques,  including thermal c o n t r o l  coat ings and 

m u l t i l a y e r  i n s u l a t i o n  b l anke t s ,  have been examined. 

Thermal Control Coatings - As shown i n  Figure 3.2.6-1, t h e  f u l l  sun and 

p a r t i a l  sun o r i e n t a t i o n s  r e q u i r e  space-s t a b l e  thermal c o n t r o l  coat ings on t h e  

s t e r i l i z a t i o n  c a n i s t e r .  would be  provided with an op- 

t i c a l l y  black thermal coa t ing  on t h e  i n s i d e  ( f o r  i n t e r n a l  h e a t  d i s t r i b u t i o n )  

and a gray p a i n t  on t h e  o u t s i d e  areas fac ing  the  sun. 

could be  one of  s e v e r a l  app l i cab le  materials, i nc lud ing  s i l i c o n e  bonded z inc  

oxide, w i th  lampblack f i l l e r  t o  o b t a i n  the  required as/e o r  s i l i c o n e  bonded 

The c a n i s t e r  material 

The external p a i n t  

3.2.6-5 
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1 
aluminum. 

Gemini horizon sensor t o  o b t a i n  a s t a b l e  as/e value of 0.5. 

The lampblack f i l l e r  with z i n c  oxide technique w a s  used on t h e  

Mult i layer  I n s u l a t i o n  Blankets - These b l anke t s  w i l l  be necessary f o r  

f u l l  and p a r t i a l  shade o r i e n t a t i o n  t o  conserve h e a t  l o s s  from the capsule t o  

deep space. 

surround t h e  capsule. 

VOYAGER Phase B s tudy e f f o r t  (NASA CR-8986) i nd ica t ed  t h a t  t h e  b l anke t  should 

be i n s t a l l e d  o u t s i d e  t h e  s t e r i l i z a t i o n  c a n i s t e r ,  and t h e  c a n i s t e r  r e t a i n e d  

during Mars o r b i t  u n t i l  just p r i o r  t o  separat ion.  

c o e f f i c i e n t  and Mars o r b i t a l  parameters i n d i c a t e  t h a t  the o r b i t a l  l i f e t i m e  of  

t h e  j e t t i s o n e d  s t e r i l i z a t i o n  c a n i s t e r  i s  s u f f i c i e n t l y  long t o  avoid v i o l a t i o n  

of p l ane ta ry  quarant ine requirements U s e  of t h i s  configurat ion provides 

r ap id  outgassing of t he  b l anke t  during launch t o  remove the  i n t e r s t i t i a l  gas, 

thus ob ta in ing  t h e  high performance c a p a b i l i t y  of  multi- layer i n s u l a t i o n .  

The f u l l  shade o r i e n t a t i o n  r equ i r e s  t h a t  t h e  b l anke t s  completely 

Trade-off s t u d i e s  of t h i s  conf igu ra t ion  during t h e  

Evaluation of  t h e  b a l l i s t i c  

A p a r t i a l  shade conf igu ra t ion  would employ a mul t i l aye r  blanket  over t h e  

forward, shaded po r t ion  of t h e  s t e r i l i z a t i o n  c a n i s t e r ,  t o  r e t a i n  t h e  s o l a r  

hea t ing  absorbed by t h e  c a n i s t e r  base. Removal of t he  s t e r i l i z a t i o n  c a n i s t e r  

and b l anke t  would be t h e  same as previously described. 

I n  both t h e  f u l l  and par t ia l -shade conf igu ra t ions ,  the mul t i l aye r  b l anke t  

would probably be constructed of from 16 t o  35 l a y e r s  of vacuum-deposited alumi- 

num on Mylar. 

i s  more s t a b l e  i n  any moisture environment encountered p r i o r  t o  launch. 

An a l t e r n a t e  material would be gold on Mylar o r  Kapton, which 

The s h e e t s  would be e i t h e r  c r ink led  o r  dimpled t o  minimize contact  between 

l aye r s .  Fabricated thickness  of  t h e  b l anke t  would be approximately .5 inches,  

including a p r o t e c t i v e  cover s h e e t  t o  avoid ground handling damage. 

performance has  been t e s t e d  f o r  var ious b l anke t  configurat ions under JPL 

Contract No .  951537. These tests y ie lded  the following vacuum thermal 

conductance da ta  : 

Thermal 

Con f i gur a t i on E f f e c t i v e  Thermal Conductivity 
10-3 Btu-ft/hr-ft2-OF 

35 shee t s  wrinkled, aluminized 1 / 4  m i l  Mylar 3.2 t o  5.7 

16 s h e e t s  dimpled, aluminized 1/2 m i l  Mylar 10.5 t o  13.1 

3.2.6-7 
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35 

16 

s h e e t s  wrinkled, aluminized 1 / 4  m i l  Mylar 4.08 t o  6.26 
(with j o i n t  and support  post)  

s h e e t s  dimpled, aluminized 1 / 2  m i l  Mylar 13.5 t o  27.6 
(with support  pos t  and s t i t c h i n g )  

These test results i n d i c a t e  t h a t  m u l t i l a y e r  i n s u l a t i o n  b l anke t s  w i th  e f f e c t i v e  

thermal c o n d u c t i v i t i e s  of less than 1 x Btu-ft/hr-ft2-OF can b e  f a b r i c a t e d  

using wrinkled aluminized Mylar. S imi l a r  performance w a s  experienced wi th  gold 

on Mylar o r  Kapton. 

Mylar b l anke t s ,  e f f e c t i v e  c o n d u c t i v i t i e s  of less than 1 x 10 Btu-ft/hr-ft'-'F 

can be obtained by using more l a y e r s .  Additional eva lua t ion  is required be fo re  

t h e  optimum material and configurat ion f o r  t h e  b l anke t  can be se l ec t ed .  However, 

the tes t  d a t a  i n d i c a t e s  t h a t  an e f f e c t i v e  thermal conduct ivi ty  of 1 x 10 

Btu-ft /hr-ft  -OF i s  a r ea l i s t i c  goal  so  t h i s  value w a s  used i n  a l l  ca l cu la t ions .  

Although t h i s  test d a t a  shows h ighe r  values  f o r  t h e  dimpled 
-4 

-4 

2 

3.2.6.1.3 Analysis techniques: Detai led thermal a n a l y s i s  of t he  f u l l  

shade configurat ion w a s  performed on t h e  VOYAGER configurat ion us ing  a 44 node 

computer thermal a n a l y s i s  model programmed f o r  t he  McDonnell General Heat 

Transfer  Program. 

b u t  s i m i l a r ,  con f igu ra t ions  of  t h i s  study on t h e  b a s i s  of constant h e a t  l o s s  p e r  

u n i t  s t e r i l i z a t i o n  c a n i s t e r  area. 

f a c t o r s  developed f o r  the VOYAGER s tudy were s i m p l i f i e d  f o r  hand c a l c u l a t i o n s  

of t h e  p a r t i a l  shade o r i e n t a t i o n .  I n  t h e  f u l l  sun o r i e n t a t i o n ,  d a t a  w a s  obtain-  

ed assuming t h e  capsule w a s  a t  constant  temperature throughout and t h a t  t he re  

w a s  no h e a t  l o s s  t o  t h e  o r b i t e r  s i n c e  t h e  o r b i t e r  s o l a r  panel  w i l l  a l s o  be i n  

the sun and f ac ing  t h e  capsule. 

Data from t h i s  a n a l y s i s  has been r a t i o e d  down f o r  the smaller, 

The r a d i a t i o n  hea t  t r a n s f e r  configurat ion 

3.2.6.1.4 Performance: The th ree  candidate approaches f o r  t h e  i n t e r p l a n e t a r y  

c r u i s e  and Mars o r b i t  phase have been compared on the  b a s i s  of  performance. Pe r -  

formance during o r b i t a l  descent has  a l s o  been analyzed. 

i s o t o p e  and RTG power sources  are a l s o  considered. 

The in f luence  of 

Capsule S u n l i t  Or i en ta t ion  - Capsule temperature levels i n  t h i s  configura- 

t i o n  are determined by s e l e c t i o n  of appropr i a t e  thermal c o n t r o l  coat ings f o r  

t h e  s t e r i l i z a t i o n  c a n i s t e r .  A s  t h e  s o l a r  d i s t a n c e  i n c r e a s e s  between Earth and 

Mars, t h e  capsule  temperature decreases  as shown i n  Figure 3.2.6-2. Thus, a 

conf igu ra t ion  using a /e =.4 would cool  from 70°F capsule temperature near  

Earth t o  -30°F i n  t h e  v i c i n i t y  of Mars. 
S 

This conf igu ra t ion  would r e q u i r e  l i t t l e  
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e l e c t r i c a l  h e a t e r  power un t i l  

electrical  h e a t e r  power would 

c a n i s t e r  area near Mars. The 

t o  be 0.150 l b / f t 2 ,  i nc lud ing  

capsule temperature decreases t o  20°F. 

i n c r e a s e  t o  a peak of about 0 . 1 3  w a t t s / f t  

thermal c o n t r o l  weight requirement is est imated 

thermal coat ings on the s t e r i l i z a t i o n  canister, 

Thereaf ter  
2 of 

a e r o s h e l l  and capsule equipment, and equipment i n s u l a t i o n .  

Capsule Ful ly  Shaded Or ien ta t ion  - Capsule equipment temperatures f o r  t h i s  

o r i e n t a t i o n  are maintained wi th in  s u r v i v a l  levels by electrical  h e a t e r s  w i th  

the rmos ta t i c  control .  

e r a tu re - sens i t i ve  equipment, and a mul t i l aye r  i n s u l a t i o n  blanket  covering t h e  

e n t i r e  s t e r i l i z a t i o n  c a n i s t e r .  For a 1 / 2  inch t h i c k  blanket  average h e a t e r  

power i s  est imated a t  0 . 3 3  w a t t s / f t 2  of s t e r i l i z a t i o n  can i s t e r .  

v a r i a t i o n  wi th  capsule  diameter i s  shown i n  Figure 3 . 2 . 6 - 3 .  Thermal c o n t r o l  

weight is  est imated a t  0.23 l b / f t  i nc lud ing  mul t i l aye r  i n s u l a t i o n ,  a e r o s h e l l  

equipment i n s u l a t i o n ,  thermal coat ings,  and e lec t r ica l  h e a t e r s .  

Heater power is minimized by use of i n s u l a t i o n  on temp- 

Heater power 

2 

Capsule P a r t i a l l y  Shaded Or ien ta t ion  - This configurat ion has  a weight 

between those f o r  f u l l  sun and f u l l  shade o r i e n t a t i o n  because i t  uses  less 

equipment i n s u l a t i o n  than t h e  f u l l y  shaded conf igu ra t ion ,  b u t  r equ i r e s  a 

mul t i l aye r  i n s u l a t i o n  blanket  over  t h e  forward po r t ion  of the s t e r i l i z a t i o n  

c a n i s t e r .  I ts  advantage is i n  reducing i n t e r f a c e  c o n s t r a i n t s  between t h e  

capsule and o r b i t e r .  With t h e  capsule p a r t i a l l y  shaded, i t  r ece ives  enough 

s o l a r  hea t ing  t o  s i g n i f i c a n t l y  reduce thermal c o n t r o l  weight requirements over 

t h e  f u l l y  shaded op t ion ,  and does n o t  i n t e r f e r e  wi th  capsule s o l a r  panels ,  

a t t i t u d e  con t ro l  s enso r s ,  o r  communication antennas.  

Figure 3.2 .6-4  shows temperature levels f o r  near-Earth and near-Mars 

condi t ions of 70°F and -40°F r e spec t ive ly ,  u s ing  an as/e value of 1 . 4 .  

temperatures are s i m i l a r  t o  those f o r  t h e  f u l l  sun configurat ion and w i l l  

r equ i r e  gradual ly  i n c r e a s i n g  e lec t r ica l  h e a t e r  power a f t e r  t h e  temperature 
2 drops below 20°F. Estimated peak h e a t e r  power n e a r  Mars is  0.15 w a t t s / f t  . 

Thermal c o n t r o l  weight f o r  capsule  equipment i s  est imated a t  0.18 l b / f t 2  of 

s t e r i l i z a t i o n  c a n i s t e r ,  i nc lud ing  mul t i l aye r  and aeroshell-mounted equipment 

i n s u l a t i o n ,  e lec t r ica l  h e a t e r s ,  and thermal coatings.  

These 

3.2.6-10 
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O r b i t a l  Descent - The capsule  o r i e n t a t i o n  which imposes t h e  least con- 

s t r a i n t s  on system design i s  one t h a t  allows t h e  capsule  t o  be  i n e r t i a l l y  

f ixed  a t  t h e  Mars atmospheric e n t r y  angle.  For landing missions near t h e  

Martian morning terminator  t h i s  o r i e n t a t i o n  would r e s u l t  i n  t h e  h e a t  s h i e l d  

p o r t i o n  of t h e  capsule  f ac ing  t h e  sun. Landings which are later i n  the  day 

r e s u l t  i n  r o t a t i o n  of t h e  capsule  u n t i l ,  f o r  evening terminator  landings,  t h e  

base of t h e  capsule  would f a c e  t h e  sun. The worst  landing t i m e  from a thermal 

c o n t r o l  s t andpo in t  is  nea r  noon, s i n c e  t h e  sun then s t r i k e s  one s i d e  of t h e  

a e r o s h e l l ,  warming i t ,  while  t h e  o t h e r  s i d e  is shaded and becomes cold,  leading 

t o  p o s s i b l e  thermal stress problems i n  t h e  a e r o s h e l l  s t r u c t u r e  and h e a t  s h i e l d .  

Figure 3.2.6-5, based on VOYAGER s t u d i e s ,  shows t h a t  r o l l i n g  t h e  capsule during 

o r b i t a l  descent can help alleviate t h e  excessive cooling problem. 

are consider ing a h e a t  s h i e l d  a b l a t o r  (McDonnell S-20T) capable of withstanding 

- 3 0 0 ' ~  which w i l l  remove a l l  o r i e n t a t i o n  c o n s t r a i n t s .  Analysis has shown t h a t  

t h e  Aeroshel l  can coo l  t o  no more than -290'F a f t e r  6 hours of descent ,  assum- 

i n g  t h e  worst  case of no s o l a r  heat ing.  

of t h e  McDonnell S-20T a b l a t o r  have shown no degradation a f t e r  exposure t o  

LN temperature -320'F. However a d d i t i o n a l  eva lua t ion  is  necessary t o  f u l l y  

q u a l i f y  t h e  a b l a t i v e  material. 

However, w e  

Preliminary experimental  eva lua t ions  

2 

Isotope Heaters - Isotope h e a t e r s  have been s t u d i e d  €or  use i n  maintaining 

post-landing temperature levels. Their i nco rpora t ion  i n t o  t h e  lander  p re sen t s  

a p o t e n t i a l  problem because t h e  r a d i o a c t i v e  decay process i s  continuous, thus 

overheat ing the  equipment. The h e a t  r e j e c t i o n  c a p a b i l i t y  of t he  lander  in su la -  

t i o n  during space vacuum condi t ions depends on t h e  i n s u l a t i o n  u l t ima te ly  s e l e c t e d ,  

b u t  i s  lower than on t h e  Mars su r face .  For example, foam i n s u l a t i o n  can r e j e c t  

about 60% of t h e  post-landing i so tope  h e a t  r equ i r ed ,  while  m u l t i l a y e r  may only 

reject  a few percent .  For t h i s  reason, i t  w a s  assumed t h a t  t h e  lander  thermal 

c o n t r o l  system would b e  optimized f o r  t h e  post-landing condi t ion ( s ince  i t  i s  

most weight s e n s i t i v e )  and t h a t  supplementary techniques would be used f o r  

i s o t o p e  h e a t  r e j e c t i o n  during t h e  f l i g h t  phases. These supplemental techniques 

include: 1) providing a movable i n s u l a t i o n  pane l  which i s  open during f l i g h t  

t o  allow h e a t  r e j e c t i o n  and closed p r i o r  t o  landing t o  maintain post-landing 

thermal i n t e g r i t y ,  o r  2)  i nco rpora t ing  a h e a t  r e j e c t i o n  device such as h e a t  

3.2.6- 13 
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pipes o r  thermal switches t h a t  can a l s o  be  used a f t e r  landing. Using i so tope  

h e a t e r s ,  t h e  h e a t e r  power requirements quoted previously f o r  t h e  va r ious  c r u i s e  

o r i e n t a t i o n s  are reduced an amount equal  t o  t h e  i s o t o p e  hea t ing  provided. 

Radioisotope Thermal Electric Generator Power Systems (RTG) - These power 

systems r e q u i r e  l a r g e  h e a t  r e j e c t i o n  c a p a b i l i t y  (about 20 times t h a t  required 

by battery-powered systems) throughout t h e  mission. Studies  performed during 

t h e  VOYAGER program i n d i c a t e d  t h a t  t h e  most c r i t i ca l  t i m e  per iod f o r  thermal 

i n t e g r a t i o n  of RTG's i s  from launch through parking o r b i t ,  whi le  t h e  p l ane ta ry  

v e h i c l e  remains enclosed i n  t h e  launch shroud. Se lec t ed  temperature h i s t o r i e s  

f o r  t h e  VOYAGER-size v e h i c l e  during t h i s  per iod,  Figure 3.2.6-6, i n d i c a t e  t h a t  

a 10 kW thermal RTG is  a t  o r  somewhat above t h e  h e a t  r e j e c t i o n  c a p a b i l i t y  of 

t h a t  s i z e  of veh ic l e .  For o t h e r  v e h i c l e  s i z e s ,  t h e  l i m i t i n g  RTG power l e v e l  

w i l l  be  approximately p ropor t iona l  t o  t h e  s u r f a c e  area of t h e  s t e r i l i z a t i o n  

c a n i s t e r  . 
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3 . 2 . 6 . 2  Landed phase. - Post-landing thermal control is concerned with 

maintaining the operative equipment and experiments within their allowable 
temperature ranges. The portion of surface landed payload attributable to 

thermal control varies between 15 and 21% and is comprised primarily of insu- 
lation necessary to protect equipment from the low temperature Martian night. 

Lander thermal control is complicated by the range of possible mission objec- 
tives and by the uncertainties in component performance after exposure to 

handling, sterilization, and mission environments. Performance is, therefore, 
dependent upon: a) heat transfer characteristics of the insulation after 

landing; b) ambient environments; c) equipment size, weight, arrangement, 
duty cycle, power level, and temperature tolerance; and d) performance of 
specialized devices such as phase change materials, isotope heaters, and heat 

pipes. Additional factors affecting the size and type of thermal control 

systems include mission duration and choice of electrical power source. 

Examination of mission variables and their effects on lander thermal 
control has resulted in definition of techniques and weights for the lander 

point designs discussed in Section 4 ,  based on the supporting parametric data 

summarized in this section. 

3.2.6.2.1 Design requirements: The external environment variations, the 

internal environment imposed by equipment power levels, and the operating tem- 

perature limits of the equipment are the primary design constraints for post- 

landed thermal control design. These are summarized in Table 3.2.6-1. 

External Environment - The external environment to which the Martian 
lander will be exposed is presently highly uncertain. It is, therefore, 
essential to determine and minimize the lander's sensitivity to these un- 

certainties, so that as better values are obtained they can be easily in- 
corporated into updated study results. 

pi> 

The near equatorial clear day solar constant for a 1973 Martian landing 
2 is approximately 180 Btu/ft -hour. 

upon a surface depends upon the orientation of the surface, as well as the 

time of day. A horizontal surface, for example, receives a sinusoidal fraction 

The portion of this irradiation impinging 
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of the  s o l a r  cons t an t ,  varying over  about 12.3 hours and having i t s  maximum 

a t  Martian noon. S imi l a r ly ,  a vert ical  s u r f a c e  o r i e n t e d  normal t o  t h e  plane 

of t h e  sun's t r a j e c t o r y  receives a q u a r t e r  cyc le  s i n u s o i d a l  po r t ion  of t h e  

s o l a r  constant .  

e f f e c t  of absorpt ion and s c a t t e r i n g  of t h e  s o l a r  r a d i a t i o n  n e a r  s u n r i s e  and 

sunse t  are n o t  considered. The r e s u l t i n g  v a r i a t i o n  of s o l a r  i r r a d i a t i o n  on 

ver t ical  and h o r i z o n t a l  s u r f a c e s  i s  depicted i n  Figure 3.2.6-7. 

Due t o  t h e  low dens i ty  of t h e  Martian atmosphere, t h e  

The range of expected d a i l y  temperature v a r i a t i o n s  f o r  t h e  Martian environ- 

ment is  shown i n  Figure 3.2.6-8. 

maximum expected is appreciable ,  averaging about 80°F. An approximately average 

temperature v a r i a t i o n  f o r  t h e  c y c l i c  day is depicted i n  Figure 3.2.6-9. This i s  

t h e  assumed nominal c y c l i c  temperature environment t h a t  w a s  used f o r  ana lys i s .  

The nominal enivronment accentuates  the d a i l y  temperature v a r i a t i o n  by incorpor- 

a t i n g  the  minimum temperature value of t he  low range and maximum va lue  of t h e  

h igh  range. A continuous cloudy day w a s  a l s o  assumed f o r  ana lys i s ,  i n  which a l l  

d i r e c t  and r e f l e c t e d  s o l a r  r a d i a t i o n  t o  t h e  lander  w a s  el iminated. A constant  

s o i l  and su r face  atmospheric temperature of -190°F w a s  assumed. 

The average v a r i a t i o n  between t h e  minimum and 

The forced convection h e a t  t r a n s f e r  c o e f f i c i e n t  f o r  t h e  Martian atmosphere, 

Figure 3.2.6-10, varies between .2 and 2.5 f o r  s u r f a c e  pressures  of 5 t o  20 mb 

and wind v e l o c i t i e s  from 10 t o  500 f t / s e c .  Convection h e a t  t r a n s f e r  c o e f f i c i e n t s  

from zero t o  2.5 were considered f o r  ana lys i s .  

3.2.6.2.2 Candidate approaches: Techniques f o r  providing post-landing 

thermal c o n t r o l  c o n s i s t  of providing s u f f i c i e n t  i n s u l a t i o n  material and 

i n t e r n a l  h e a t  generat ion t o  avoid excessive cooling o f  t h e  lander  equipment 

during t h e  Martian n i g h t  while  avoiding overheating caused by equipment o r  

continuous h e a t e r  ope ra t ion  during t h e  daytime. S p e c i f i c  techniques s t u d i e d  

include thermal i n s u l a t i o n ,  r ad io i so tope  and e lectr ical  h e a t e r s ,  and phase 

change material (PCM) i .e . ,  a hydrocarbon wax having a melt ing temperature near  

t h e  upper l i m i t  of t h e  b a t t e r y  o r  equipment. 

(Voyager Phase B) h e a t  pipes  and o the r  devices providing daytime h e a t  r e j e c t i o n  

I n  previous McDonnell s t u d i e s  
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were evaluated. 

complex, and included several highly temperature-sensit ive components n o t  

c u r r e n t l y  under considerat ion.  

The l ande r  configurat ions i n  t h a t  s tudy were l a r g e r ,  more 

During t h e  a n a l y s i s  i t  w a s  determined t h a t  through jud ic ious  s e l e c t i o n  

of t h e  amount of PCM and i s o t o p e  h e a t e r s  and t h e  operat ing c h a r a c t e r i s t i c s  

of t h e  i n s u l a t i o n ,  proper l ande r  ope ra t ion  could be  achieved f o r  a wide 

v a r i a t i o n  i n  t h e  environmental condi t ions without  employment of h e a t  pipes .  

However h e a t  p ipes  continue t o  remain attractive i f  t h e  e n t i r e  range of 

environmental condi t ions must be accommodated. 

i n  some weight savings on s m a l l  l ande r s ,  t h e  a d d i t i o n a l  development c o s t s  

must be  considered. 

While t h e i r  u se  may r e s u l t  

For a n a l y s i s  purposes a gene r i c  s o f t  lander  w a s  defined; i t  i s  shown 

schematical ly  along with t h e  thermal c o n t r o l  techniques t o  be s tud ied  i n  

Figure 3.2.6-11. These included: 

a )  U s e  of two i n s u l a t e d  compartments, where equipment can be segregated 

according t o  t h e i r  a l lowable ope ra t ing  ranges (Inner compartment 50" 

t o  120°F; Outer compartment gene ra l ly  0" t o  100°F). 

b) Phase change material o r  h e a t  s i n k s ,  e.g., Beryllium, provides a 

l a r g e  thermal i n e r t i a  t o  dampen wide temperature v a r i a t i o n s  

c) A thermostat  con t ro l l ed  e lec t r ica l  h e a t e r ( s )  t o  s i g n a l  t h e  need f o r  

h e a t  t o  the i n n e r  compartment when t h i s  compartment temperature 

f a l l s  below the  minimum ope ra t ing  temperature, 50°F. 

d) Isotope h e a t e r s  t o  supply a continuous constant  hea t  generation 

t o  e i t h e r  t he  i n n e r  o r  ou te r  compartment enabl ing a reduct ion of 

b a t t e r y  s i z e  and hea t ing  requirements f o r  t he  continuous cold day 

and e l imina t ing  t h e  need f o r  a d d i t i o n a l  hea t ing  during the  c y c l i c  

day environment . 
e )  I n s u l a t i o n  t o  dampen the  e f f e c t s  of the f l u c t u a t i n g  environment 

and the  extreme cold condi t ions t o  which the  l ande r  i s  exposed. The 

i n s u l a t i o n  reduces the hea t  l o s s e s  and t h e  hea t ing  required t o  

maintain equipment w i t h i n  ope ra t ing  temperature ranges. 
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BASIC ANALYSIS MODEL CONFIGURATION 

HEAT TRANSFER MODES: 
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The multicompartment l ande r  configurat ion w a s  s e l e c t e d  over a s i n g l e  

compartment design i n  o rde r  t o  reduce t o t a l  v e h i c l e  weight. The b a t t e r y  

and equipment such as sequencers,  whose proper ope ra t ion  r e q u i r e s  s t r i c t  

temperature c o n t r o l ,  are i s o l a t e d  i n  t h e  inne r  compartment from equipment 

t h a t  can ope ra t e  a t  s i g n i f i c a n t l y  lower temperatures. 

reduces t h e  thickness  of t h e  o u t e r  compartment i n s u l a t i o n  necessary t o  

p r o t e c t  t h e  equipment from t h e  wide temperature v a r i a t i o n s  of t h e  environment. 

A p o r t i o n  of t h i s  "saved i n s u l a t i o n "  weight w a s  u t i l i z e d  t o  p r o t e c t  t h e  inne r  

compartment, b u t  s i n c e  t h e  inne r  compartment area is  appreciably smaller than 

t h a t  of t h e  o u t e r ,  a t o t a l  i n s u l a t i o n  volume and weight reduct ion w a s  r e a l i z e d .  

This arrangement 

Arrangement of equipment i n  t h e  o u t e r  compartment i s  such t h a t  art icles 

r equ i r ing  higher  ope ra t ing  temperatures are c l u s t e r e d  around t h e  w a r m e r  

i nne r  compartment, with t h e  remaining equipment arranged near  t he  cooler  

e x t e r i o r .  Science equipment may be  included i n  t h i s  o u t e r  compartment, 

which s i m p l i f i e s  t h e  mechanism f o r  t h e i r  deployment. 

Performance c h a r a c t e r i s t i c s  of t he  thermal c o n t r o l  parameters and equip- 

ment l i m i t a t i o n s  are summarized i n  Table 3.2.6-2. 

3.2.6.2.3 Analysis techniques: Evaluation of lander  thermal response 

c h a r a c t e r i s t i c s  w a s  performed f o r  a b a s i c  dual compartment design shown i n  

Figure 3.2.6-11. The o b j e c t i v e  of t h i s  a n a l y s i s  w a s  t o  determine the  weight 

of thermal c o n t r o l  techniques necessary t o  maintain t h e  required temperature 

l i m i t s  f o r  two general  communication modes, d i r e c t  and r e l a y ,  cons i s t en t  with 

t h e  e x t e r n a l  environment and i n s u l a t i o n  performance. This d a t a  w a s  then 

appl ied t o  a n a l y t i c a l  thermal s c a l i n g  l a w s  t o  allow e x t r a p o l a t i o n  of t h e  

r e s u l t s  t o  o t h e r  lander  s i z e s ,  wh i l e  r e t a i n i n g  the  thermal response character-  

i s t ics  of t h e  b a s i c  lander .  

Complexity of t h e  h e a t  t r a n s f e r  r e l a t i o n s h i p s  germane t o  the  l ande r ,  

t h e  number of lander  elements t oge the r  with t h e  t r a n s i e n t  behavior of t h e  

power p r o f i l e  and e x t e r n a l  environment n e c e s s i t a t e s  development of an 

a n a l y t i c a l  model f o r  t h e  lander .  This model represented t h e  lander  shown 
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schematical ly  i n  Figure 3.2.6-11, and u t i l i z e d  t h e  McDonnell General Heat 

Transfer  Computer Program f o r  s o l u t i o n .  

elements (nodes) r ep resen t ing  t h e  l ande r  s t r u c t u r e ,  equipment, and thermal 

c o n t r o l  devices which were thermally connected through t h e  appropr i a t e  modes 

of h e a t  t r a n s f e r  ( r a d i a t i o n ,  conduction, and convection),  h e a t  s t o r a g e ,  

and h e a t  a d d i t i o n ,  A backward d i f f e r e n c e  technique w a s  employed i n  simul- 

taneously so lv ing  t h e  t r a n s i e n t  h e a t  t r a n s f e r  f i n i t e  d i f f e r e n c e  equations.  

Thermal c h a r a c t e r i s t i c s  of  t h i s  b a s i c  a n a l y s i s  model are summarized i n  

Table 3.2.6-3.  

It was composed of 34 thermal 

The thermal a n a l y s i s  computer model has several s p e c i a l  f e a t u r e s  t h a t  are 

e s p e c i a l l y  app l i cab le  t o  t h e  thermal c o n t r o l  methods f o r  t h e  lander .  A 

thermostat  r o u t i n e  c a l c u l a t e s  and supp l i e s  t o  t h e  h e a t  balance t h e  amount of 

h e a t  necessary t o  r e t a i n  t h e  b a t t e r y  compartment a t  t h e  prescr ibed lower 

temperature l i m i t  (50'F). Another f e a t u r e  is  t h e  c a p a b i l i t y  of properly con- 

s i d e r i n g  t h e  phase change material (PCM) i n  t h e  h e a t  balance.  A s  h e a t  is  

added t o  t h e  m a s s ,  t h e  temperature inc reases  u n t i l  t h e  fus ion  temperature of 

t h e  wax i s  reached. As a d d i t i o n a l  h e a t  is  imposed, t h e  temperature is  main- 

t a ined  a t  t h e  fus ion  value u n t i l  t h e  e n t i r e  m a s s  is  melted. 

mel t ing has occurred does t h e  temperature again inc rease  with h e a t  add i t ion .  

The program t a b u l a t e s  t h e  q u a n t i t y  of melted and frozen PCM a t  each t i m e  s t e p ,  

and reversal of t h e  process  (change from hea t ing  t o  cooling) is  allowable 

a t  any s i n g l e  o r  dua l  phase condition. 

Only a f t e r  t o t a l  

Heat sources  considered i n  t h e  thermal a n a l y s i s  can be  e i t h e r  i n v a r i a n t  

This f i r s t  class i s  e s p e c i a l l y  a p p l i c a b l e  t o  t h e  with t i m e  o r  t i m e  v a r i a n t .  

i s o t o p e  h e a t e r s  employed onboard t h e  lander;  t h e  second class is more des- 

c r i p t i v e  of t h e  h e a t  d i s s i p a t i o n  a s s o c i a t e d  with t h e  equipment power p r o f i l e .  

The l ande r  conf igu ra t ion  w a s  purposely made simple t o  enhance t h e  e f f i -  

ciency of parametr ic  computer s t u d i e s  and t o  avoid t h e  p i t f a l l s  of e s t a b l i s h i n g  

an overly s p e c i a l i z e d  conf igu ra t ion  f o r  which conclusions are unique t o  t h e  
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design. 

and the ope ra t ing  c h a r a c t e r i s t i c s  e s t ab l i shed .  

The lander  geometry can b e  e a s i l y  modified t o  o t h e r  candidate  designs 

For a n a l y s i s  purposes t h e  l ande r  w a s  o r i e n t e d  on t h e  Martian s u r f a c e  s o  

t h a t  t h e  Sun's t r a j e c t o r y  w a s  p a r a l l e l  t o  t h e  two longer  s i d e s  of t h e  c r a f t .  

Hence, t hese  two s i d e s  and t h e  bottom s u r f a c e  receive r a d i a t i o n  which has been 

r e f l e c t e d  from t h e  ground, while  t h e  o t h e r  two s i d e s  receive i n  a d d i t i o n  d i r e c t  

s o l a r  r a d i a t i o n .  I n  t h i s  o r i e n t a t i o n  t h e  lander  receives minimum d i r e c t  s o l a r  

h e a t i n g  during t h e  c y c l i c  day. 

hea t ing  i s  r equ i r ed  during c y c l i c  as w e l l  as during continuous cold operat ion,  

s e l e c t i o n  of t h i s  minimum s o l a r  hea t ing  o r i e n t a t i o n  r e f l e c t s  a conservat ive 

approximation. 

Since t h e  parametric s t u d i e s  i n d i c a t e  t h a t  

Using t h e  assumed s o l a r  hea t ing  o r i e n t a t i o n  t h e  phys ica l  and thermal 

symmetry of t h e  lander  about a ver t ical  c e n t e r l i n e  s i m p l i f i e s  t h e  ana lys i s .  

There i s  no n e t  h e a t  flow ac ross  t h i s  c e n t e r l i n e  ( a d i a b a t i c  p l ane ) .  

only one h a l f  of t h e  v e h i c l e  need be  considered f o r  a n a l y s i s ,  thus s implifying 

t h e  a n a l y s i s  model and reducing computer usage t i m e .  

Therefore,  

3.2.6.2.4 Performance: The d e s i r e d  temperature response w i t h i n  t h e  equip- 

ment l i m i t s  can be  obtained by many combinations of thermal c o n t r o l  techniques.  

Therefore,  a n  op t imiza t ion  t e c h n i c  w a s  necessary t o  a l low later d e f i n i t i o n  of 

t h e  po in t  designs.  The opt imizat ion approach w a s  t o :  

a) Minimize weight with r e spec t  t o  most l i k e l y  o r  nominal values  f o r  t h e  

environment and performance of thermal c o n t r o l  techniques.  

b )  Maximize f l e x i b i l i t y  f o r  accommodating v a r i a t i o n s  i n  environmental 

and performance c h a r a c t e r i s t i c s  with a low weight increment. 

Parametric Variables  - The nominal lander  conf igu ra t ion  used f o r  thermal 

a n a l y s i s  contained t h e  thermal c o n t r o l  techniques discussed above. Power 

p r o f i l e s  r ep resen t ing  d i r e c t  t ransmission and r e l a y  t ransmission modes, shown 

i n  Figures  3.2.6-12 and 3.2.6-13, w e r e  i nves t iga t ed .  The expected lander  

i n s u l a t i o n  performance range, expressed as thermal conduct ivi ty  divided by 

thickness  (k/x) ,  w a s  used i n  t h e  a n a l y s i s .  

l a t i o n  th i ckness  (7.5) w a s  h e l d  cons t an t ,  based upon maintaining t h e  b a t t e r y  

The r a t i o  of o u t e r  t o  inne r  insu- 



FIGURE 3.2.6-12 
3.2.6-29 



FIGURE 3.2.6-13 

3.2.4-3 



and equipment compartments above m i n i m u m  ope ra t ing  temperature requirements 

f o r  t h e  continuous co ld  (-190'F) day. The a n a l y s i s  determined t h e  h e a t e r  power 

(both electrical and i so tope )  necessary t o  maintain t h e  minimum temperature 

l i m i t s ,  and t h e  necessary amount of phase change material t o  avoid over-heating 

during daytime equipment ope ra t ions ,  

lander  s izes  through use of thermal scale modeling techniques.  

This  d a t a  was then extended t o  o t h e r  

Analysis f o r  Direct Transmission Mode - The d i r e c t  t ransmission mode 

analyzed is  c h a r a c t e r i s t i c  of t h e  high equipment power usage during Martian 

daytime when t h e  Earth is i n  view. 

g r e a t e s t  adverse e f f e c t  on thermal c o n t r o l  due t o  p o t e n t i a l  equipment over- 

hea t ing ,  s i n c e  t h e  high t r a n s m i t t e r  power levels coincide with daytime environ- 

ment heatup. U t i l i z i n g  t h e  d i r e c t  mode power p r o f i l e  (Figure 3.2.6-12) t h e  

al lowable hea t ing  energy ranges,  Figure 3.2.6-14, were determined as a func t ion  

of i n s u l a t i o n  performance (k/x) f o r  t h e  nominal cyc le  and t h e  continuous co ld  

day. Heating energy, as def ined,  i nc ludes  both equipment power p r o f i l e  hea t ing  

and h e a t e r  energy. 

necessary t o  prevent t h e  b a t t e r y  compartment temperature from f a l l i n g  below 

50°F during t h e  n i g h t .  

day is t h a t  r equ i r ed  when there is no s o l a r  hea t ing  and the ambient temperature 

i s  -190'F. 

a l lowable t o  prevent t o t a l  mel t ing of t h e  phase change material and subsequent 

overheat ing of equipment during daytime operat ions.  

This type of  t ransmission mode has t h e  

The minimum hea t ing  energy curve i n d i c a t e s  t h e  hea t ing  

The minimum hea t ing  energy shown f o r  a continuous cold 

The maximum hea t ing  energy curve shows t h e  maximum t o t a l  hea t ing  

The h o r i z o n t a l  l i n e  a t  Q/A = 24 is  t h e  equipment hea t  generat ion i n  t h e  

b a t t e r y  compartment f o r  t h e  d i r e c t  t ransmission mode. The curves are i n t e r -  

p re t ed  as follows: The p o r t i o n  of t h e  r equ i r ed  hea t ing  l i n e s  ly ing  below t h e  

b a t t e r y  compartment power p r o f i l e  l i n e  (24 whr / f t2  day) r ep resen t s  t h e  range 

of o u t e r  compartment i n s u l a t i o n  performance f a c t o r  (k/x) f o r  which no add i t -  

i o n a l  hea t ing  (above t h e  power p r o f i l e )  i s  needed t o  maintain t h e  b a t t e r y  

compartment temperature above i t s  minimum value.  Those po r t ions  of t h e  hea t ing  

curves above t h e  power p r o f i l e  r ep resen t  t h e  (k/x) range f o r  which hea t ing  i n  

excess of t h e  equipment power p r o f i l e  is  necessary - e i t h e r  by e lectr ical  o r  

i s o t o p e  h e a t e r s .  Se l ec t ion  of t h e  o u t e r  i n s u l a t i o n  th i ckness  must be such 
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t 

t h a t  t h e  r a t i o  (k/x) i s  g r e a t e r  t han  about .0027 Btu/hr-ft-OF-in, t o  avoid 

overheating during t h e  c y c l i c  day operat ion.  

Both "minimum" curves of Figure 3.2.6-14 apply t o  a con t ro l l ed  h e a t e r  

source which s u p p l i e s  h e a t  only when necessary t o  maintain temperature a t  o r  

above 50'F (i.e. electrical  h e a t e r s  with thermostats) .  The maximum curve,  

however, i s  f o r  a continuously ope ra t ing ,  constant  power source,  t y p i c a l l y  

i s o t o p e  h e a t e r s .  Based on providing equal  amounts of h e a t  energy p e r  day, the 

i so topes  are much more weight e f f i c i e n t  than b a t t e r i e s ,  by a f a c t o r  of about 

3:l.  

avoided during daytime operat ions.  

I so tope  h e a t e r s  are, t h e r e f o r e ,  p r e f e r r e d  as long as overheating can b e  

The weight advantage of i s o t o p e s  is demonstrated by t h e  opt imizat ion 

curves of Figure 3.2.6-15 f o r  t h e  d i r e c t  t ransmission mode. For t h e  range of 

i n s u l a t i o n  performance f a c t o r s  of interest, t h e  optimum i n s u l a t i o n  thickness  

necessary t o  minimize thermal c o n t r o l  weight is  t y p i c a l l y ,  between 2 and 4 
inches f o r  d i r e c t  mode. 

mean va lue  of 3 inches.  

Subsequent s i z i n g  analyses  w e r e  conducted using the 

Analysis f o r  Relay Transmission Mode - Thermal c h a r a c t e r i s t i c s  of t h e  

The t y p i c a l  r e l a y  mode d i r e c t  and r e l a y  t ransmission modes w e r e  compared. 

power p r o f i l e  (Figure 3.2.6-13) i s  e s s e n t i a l l y  cons t an t ,  wh i l e  t h e  d i r e c t  

mode (Figure 3.2.6-12) has an extended high power level during the  Martian day 

when Earth is i n  view. The s h o r t  t ransmission d i s t a n c e  a s soc ia t ed  with t h e  

r e l a y  mode is  r e f l e c t e d  i n  t h e  lower power p r o f i l e  values .  

Comparison of t h e  d i r e c t  mode power p r o f i l e  w i th  constant  power level 

p r o f i l e s ,  characteristic of t h e  r e l a y  mode, r e s u l t e d  i n  t h e  thermal response 

d a t a  of Figure 3.2.6-16. 

r e s t r u c t u r e d  t o  the  constant  power l e v e l  having t h e  equ iva len t  amount ( w a t t  

hours) of energy p e r  day. This redef ined p r o f i l e ,  c h a r a c t e r i s t i c  of t h e  r e l a y  

mode, reduced t h e  l ande r  temperature v a r i a t i o n s  and, consequently, t h e  amount 

of phase change material required t o  avoid overheating, compared t o  t h e  d i r e c t  

transmission mode. This reduct ion of phase change material i s  ind ica t ed  

(Figure 3.2.6-16) by t h e  reduced t i m e  a t  t h e  fus ion  temperature,  (117'F) 

f o r  t h e  r e l a y  mode. 

Here t h e  d i r e c t  t ransmission mode power p r o f i l e  w a s  

The al lowable hea t ing  energy values  f o r  t h e  r e l a y  mode are 
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shown i n  Figure 3.2.6-17. The maximum values  f o r  c y c l i c  days i n  t h e  r e l a y  

mode are h ighe r  than those f o r  d i r e c t  mode (Figure 3.2.6-14). 

t h a t ,  f o r  equivalent  equipment power, t h e  constant  power level p r o f i l e  can 

u t i l i z e  more i s o t o p e  hea t ing  (without overheating) than can t h e  d i r e c t  mode 

type p r o f i l e ,  and thus  t h e  thermal c o n t r o l  weight could be reduced. 

This i n d i c a t e s  

I f  t h e  a c t u a l  power levels a s s o c i a t e d  w i t h  t h e  d i r e c t  and r e l a y  mode type 

p r o f i l e s  is considered, t h e  weight opt imizat ion based on i n s u l a t i o n  th i ckness  

i s  shown i n  Figure 3.2.6-18, f o r  a nominal i n s u l a t i o n  thermal conduct ivi ty  of 

0.025 Btu/hr-ft°F. 

range. Because t h e  r e l a y  mode has  a lower power p r o f i l e ,  i t  r e s u l t s  i n  

appreciably less equipment hea t ing  during Martian n i g h t  operat ions,  and more 

h e a t e r  weight is  r equ i r ed  t o  maintain minimum temperature levels. 

Both modes d i s p l a y  optimum th i ckness  i n  t h e  2 t o  4 inch 

Mission Duration E f f e c t s  - The f a c t  t h a t  t h e  minimum hea t ing  requirement 

f o r  t h e  continuous co ld  day is  l a r g e r  than t h e  maximum allowable hea t ing  f o r  

c y c l i c  days precludes the use  of i so topes  t o  accommodate both environments 

without use of o t h e r  thermal c o n t r o l  techniques,  such as hea t  pipes  t o  d i s s i -  

p a t e  i s o t o p e  h e a t  during t h e  daytime operat ions.  A more a t t ract ive technique 

f o r  s m a l l  s o f t  l ande r s  would be t o  provide enough b a t t e r y  capac i ty  t o  su rv ive  

one co ld  day, which could occur a t  any t i m e  i n  t h e  mission, and t o  r e l y  on 

i s o t o p e  hea t ing  f o r  c y c l i c  days. The lower curve,  Figure 3.2.6-18, shows t h a t  

with t h i s  approach less thermal c o n t r o l  weight is necessary f o r  extended 

mission ope ra t ion  than f o r  a one o r  two day mission using no i so tope  h e a t e r s .  

Several  a d d i t i o n a l  f a c t o r s  must be considered f o r  missions of only several 

days. 

p i c t e d  i n  Figure 3.2.6-14, is  a p p l i c a b l e  t o  extended missions.  

missions,  t h i s  maximum hea t ing  level can be  increased somewhat. This r e s u l t s  

from t h e  n a t u r e  of t h e  phase change material ope ra t ing  over extended c y c l i c  

days. For example, Figure 3.2.6-19 d e p i c t s  t h e  inc reas ing  amount of phase 

change material which m e l t s  dur ing extended "nominal" c y c l i c  days f o r  a t y p i c a l  

i n s u l a t i o n  (k/x) and i s o t o p e  h e a t e r  power level. The amount of melted material 

inc reases  u n t i l  t h e  e i g h t h  c y c l i c  day, when a l l  of i t  m e l t s  and overheat ing 

occurs ,  as seen i n  Figure 3.2.6-20. While t h i s  example shows t h a t  excess 

A s  previously explained,  t h e  maximum al lowable c y c l i c  day hea t ing  de- 

For s h o r t e r  
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i s o t o p e  power i s  p resen t  f o r  extended ope ra t ion ,  t he  amount i s  allowable f o r  

a s i x  day mission. 

post-landed pe r iods ,  t o  reduce b a t t e r y  weight. 

Addit ional  i so topes ,  t he re fo re ,  can be employed f o r  s h o r t  

Incorporat ion of Radioisotope Thermoelectric Generator (RTG) Power 

Systems - Although a q u a n t i t a t i v e  a n a l y s i s  of t h e  i n t e g r a t i o n  and opt imizat ion 

of RTG's i n t o  t h e  thermal c o n t r o l  system has  no t  been performed, c e r t a i n  con- 

c lus ions  as t o  i t s  e f f e c t s  can be discussed. Because o f  t h e i r  high r a t i o  o f  

continuous h e a t  d i s s i p a t i o n  t o  usable  e lec t r ica l  power generated (about 20 

t o  l), the  RTG waste h e a t  can be  u t i l i z e d  t o  provide some warming of lander  

equipment. Since t h e  a n a l y s i s  considered complete thermal i s o l a t i o n  from any 

RTG power system which might be s e l e c t e d ,  the r e s u l t s  are app l i cab le  t o  both 

thermally i s o l a t e d  RTG's and o t h e r  power systems. However, use of a po r t ion  

of t h e  RTG d i s s i p a t e d  h e a t  could be  employed t o  reduce t h e  a d d i t i o n a l  hea t ing  

requirements of the l a n d e r  during t h e  c y c l i c  day ope ra t ion ,  i.e. t h a t  provided 

by i s o t o p e  h e a t e r s ,  thereby reducing t h e  i so tope  weight. Further  weight 

reduct ions may be a t t a i n a b l e  through t h e  u t i l i z a t i o n  of  c o n t r o l l a b l e  hea t  

t r a n s f e r  techniques,  such as h e a t  p ipes ,  with the  RTG system. 

of t h e s e  techniques would r e s u l t  i n  reduct ion i n  t h e  t o t a l  amount of  

i n s u l a t i o n  r equ i r ed  f o r  p r o t e c t i o n  of t h e  lander  equipment. The a d d i t i o n a l  

level of thermal i n t e g r a t i o n  and opt imizat ion required f o r  t h e s e  techniques 

w a s  no t  included i n  the c u r r e n t  study. 

Combination 

3.2.6.2.5 Performance of Other Lander Sizes  - The i n i t i a l  post  landing 

thermal con t r o  1 i n v e s t  i g a t  i ons  con cen t  r ate d on eva lua t ion ,  p a r  ame t e r i  z a t  i on, 

and opt imizat ion of a p a r t i c u l a r  l ande r  configurat ion f o r  s p e c i f i c  i n s u l a t i o n  

weight, h e a t e r  power, and d a t a  transmission c a p a b i l i t i e s .  This po in t  design 

w a s  demonstrated t o  be  operable  over a wide range of  e x t e r n a l  environmental 

condi t ions,  i n t e r n a l  h e a t i n g  inpu t s ,  and thermal c o n t r o l  techniques. However, 

t h e  r e s u l t s  obtained from t h e  a n a l y s i s  of t h e  lander  are of l i m i t e d  va lue  

unless t h e  thermal behavior of  var ious o t h e r  l ande r  s i z e s ,  weights,  and 

power p r o f i l e s  can be  predicted.  I n  t h i s  s e c t i o n ,  t he  i n i t i a l  r e s u l t s  are 

demonstrated t o  be equa l ly  v a l i d  f o r  o t h e r  l ande r  s i z e s .  
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The approach is  t o  employ thermal s c a l i n g  modeling techniques t o  i d e n t i f y  

o t h e r  s i z e  l ande r s  t o  which t h e  p re sen t  results may be e a s i l y  sca l ed ,  and t o  

i d e n t i f y  t h e  p a r t i c u l a r  design c o n s t r a i n t s  imposed on t h e  "scaled" l ande r ,  

i , e .  volume, i n t e r n a l  power levels, and equipment contained i n  t h e  two com- 

partments. 

I n  o rde r  t o  perform t h e  s i z i n g  it is  necessary t o  completely i d e n t i f y  t h e  

i n i t i a l  l ande r ,  its v a r i o u s  components, and the c o n t r o l l i n g  h e a t  t r a n s f e r  

processes.  Table 3 .2 .6 -4  summarizes t h e  components and t h e  h e a t  t r a n s f e r  

processes of t h e  b a s i c  lander  o r  "prototype" employed i n  t h e  s c a l i n g .  

analogous h e a t  t r a n s f e r  and geometric c h a r a c t e r i s t i c s  of o t h e r  s i z e  landers  

(i.e. models) and t h e  appropr i a t e  s c a l i n g  f a c t o r s  w e r e  then b e  determined. 

The s c a l i n g  i s  based on t h e  philosophy t h a t  t h e  t r a n s i e n t  temperature response 

of t h e  model and t h e  prototype w i l l  be i d e n t i c a l  a t  geometr ical ly  similar 

l o c a t i o n s  and corresponding t i m e s .  This can be accomplished by s c a l i n g  t h e  

var ious modes of h e a t  t r a n s f e r  between model and prototype f o r  each element 

and a l l  t i m e s  t o  t h e  same r a t i o .  

The 

Se lec t ion  of t h e  appropr i a t e  method f o r  s c a l i n g  t h e  b a s i c  lander  design 

depends c r i t i c a l l y  upon t h e  var ious e x t e r n a l  and i n t e r n a l  c o n s t r a i n t s .  The 

following condi t ions must b e  s a t i s f i e d .  

Ex te rna l  Environment Cons t r a in t s  - Both t h e  b a s i c  lander  and t h e  

models t o  be i d e n t i f i e d  must ope ra t e  i n  t h e  i d e n t i c a l  e x t e r n a l  

environment. This includes t h e  temperature v a r i a t i o n  of both t h e  

ground and atmosphere, t h e  s o l a r  i r r a d i a t i o n ,  and t h e  atmospheric 

convection. 

I n t e r n a l  Design Cons t r a in t s  - Cer ta in  r e s t r i c t i o n s  are placed on t h e  

components of t h e  l ande r ,  such as t h e  type of i n s u l a t i o n ,  t h e  type of 

equipment, and t h e  required ope ra t ing  temperatures of t h e  equipment. 

These remain unchanged from prototype t o  model. 

i z a t i o n  process  determined i n s u l a t i o n  performance f a c t o r s  f o r  mini- 

mizing thermal c o n t r o l  weights;  t h e s e  w i l l  a l s o  be unchanged i n  t h e  

model conf igu ra t ions .  S imi l a r ly ,  t h e  thermal p r o p e r t i e s  of equipment, 

b a t t e r y ,  and phase change material are expected t o  be  v a l i d  f o r  o t h e r  

s i z e  l ande r s ,  

The weight optim- 
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External Environment Sca l inq  - The hea t  t r a n s f e r  modes of d i r e c t  and 

r e f l e c t e d  s o l a r  r a d i a t i o n ,  lander  r a d i a t i o n  t o  space and ground, and convective 

hea t  t r a n s f e r  were scaled.  

between t h e  landers  and t h e i r  environments and t h e  preserva t ion  of d i r e c t  and 

r e f l e c t e d  s o l a r  r a d i a t i o n  reduces t h i s  opera t ion  t o  maintaining i d e n t i c a l  

hea t  t r a n s f e r  rates p e r  u n i t  area. 

The preserva t ion  of r a d i a t i o n  view f a c t o r s  

Di rec t  and Reflected Solar  1 )  
Radiat ion 

Convective Heat Transfer  2) %/Am = hm 'Tm - To) = 1 

qP/AP P 
h UP - To> t o  Atmosphere 

4 4 

4 4 and Ground 
%'Am = 'Tm - To = 1 Radiat ion from Lander t o  Space 3)  

qP/AP ep (TP - To 

where, 

Am/", = su r face  area r a t i o  of model-to prototype 

a = s o l a r  absorptance 
S 

e = emit tance 

g, m,  p, o are subsc r ip t s  r e f e r r i n g  t o  t h e  ground, model, prototype and 
ou t s ide  environment condi t ion,  respec t ive ly .  

Preserva t ion  of environmental and su r face  temperatures reduces Eqns. 2 

and 3 t o :  

Convective H e a t  Transfer  

Radiat ion from Lander 

4 )  

5) 
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As long as the sizes of the model and prototype landers do not differ 

excessively, the convective heat transfer coefficient is approximately pre- 

served, and, hence, model-to-prototype convective heat transfer is preserved. 

To assure similitude between model and prototype, the remaining external 
heat transfer processes must scale similarly, which requires that both surface 
solar absorptance and emittance be preserved in the model. 

Internal Lander Scaling - To insure model-to-prototype temperature simi- 
litude the modes of heat transfer within the lander must also scale identically 
with those at its boundary. This requires that conduction, internal radiation, 

heat storage, and heat generation per unit area scale as follows: 

qP/AP 

%/*In 

qPlAP 

qP/AP 

qP/AP 

where : 

c =  
P 
x =  

k =  

4 =  
v =  
F =  

P =  

k x  

x k  
Conduct ion - - m x = 1  

m P  

Internal Radiation 

=pm (pc - 'rn = 1 Heat Storage 

(PCPlP v P *m 

= 1  Heat Generation 

specific heat 

thickness 
thermal conductivity 

heat generation per unit surface area, (Btu/ft -hr) 

volume 

grey body radiation shape factor, which includes geometry 

and emissivity 

density 

2 

7) 

8) 

9 )  
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A s  shown i n  Table 3 . 2 . 6 - 4 ,  c e r t a i n  of t h e  above h e a t  t r a n s f e r  s c a l i n g  

r a t i o s  must be  s a t i s f i e d  f o r  each of t h e  lander  components and f o r  t h e  insu- 

l a t i o n ,  equipment compartment, and b a t t e r y  compartment. The s p e c i f i c  s c a l i n g  

technique f o r  each of t h e s e  c o n s t i t u e n t s  is  descr ibed below. 

I n s u l a t i o n  Thickness - Both the conduction and h e a t  s t o r a g e  c o n s t i t u e n t s  

above must be s a t i s f i e d  through t h e  o u t e r  i n s u l a t i o n .  

i d e n t i c a l  i n s u l a t i o n  i n  bo th  model and prototype (k, p ,  c ) r e s u l t s  i n  t h e  

following requirements: 

U t i l i z a t i o n  of t h e  

P 

x =  X I n s u l a t i o n  Thickness 10 1 m P 

Volume of I n s u l a t i o n  

Equation 10 s p e c i f i e s  t h a t  t h e  i n s u l a t i o n  thickness  must be p re -  

served and Equation 11 requ i re s  t h e  volume of t h e  i n s u l a t i o n  t o  scale 

according t o  t h e  l a n d e r  area r a t i o  (Am/A ). These condi t ions are con- 

s i s t e n t  w i th  each o t h e r ,  s i n c e  thickness  p re se rva t ion  implies  t h a t  t he  

volume scales as the area r a t i o ,  with t h e  exception of  some i n s u l a t i o n  

P 

corner" and "edge" e f f e c t s .  11 

Equipment Compartment - A s  shown i n  Table 3 . 2 . 6 - 4  t h e  a n a l y t i c a l  repre- 

s e n t a t i o n  of t h e  equipment compartment i s  dominated by hea t  s t o r a g e ,  h e a t  

generat ion,  and r a d i a t i o n  t o  t h e  lander  i n n e r  s u r f a c e  area and b a t t e r y  com- 

partment, (Equations 7 ,  8, and 9 ) .  The r a d i a t i v e  requirement of i d e n t i c a l  

grey body shape f a c t o r  of Equation 7 can be  achieved by approximately preserving 

geometric s i m i l a r i t y  and equipment s u r f a c e  emittance.  

are considered,average dens i ty  and s p e c i f i c  h e a t  are preserved, and t h e  h e a t  

s t o r a g e  s c a l i n g  requirement s i m p l i f i e s  from Equation 8 t o  Equation 11, and 

t h e  equipment compartment volume scales according t o  t h e  lander  area r a t i o .  

I f  similar equipment 

Heating inpu t  t o  t h e  equipment i n  t h e  b a s i c  l ande r  through t h e  sum of 

power p r o f i l e ,  i s o t o p e  hea t ing ,  o r  b a t t e r y  hea t ing  is  sca l ed  i n  the  model 

by mult iplying by t h e  area r a t i o ,  as shown i n  Equation 1 2  (Equation 9 ,  

rearranged):  
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A m 

P 

- 
qm - qp Heat Gene rat ion 12 1 

For example, i f  a l a n d e r  model i n n e r  s u r f a c e  area i s  one-half t h a t  of t h e  

b a s i c  l ande r ,  t h e  t o t a l  required h e a t  generat ion at any time must equal  one- 

h a l f  of t h e  corresponding pro totype h e a t  generation. 

The aforementioned method o f  modeling the equipment compartment may prove 

t o  be overly s t r i n g e n t  due t o  t h e  c o n s t r a i n t s  i t  p laces  on t h e  b a t t e r y  compart- 

ment. 

ment dimensions, t h e  area scales t o  the second power. Hence, when s c a l i n g  t o  

a smaller s i z e  model, t he  f r a c t i o n  of  t h e  lander  volume occupied by t h e  equip- 

ment compartment i nc reases  and t h a t  occupied by t h e  b a t t e r y  compartment decreases 

s i n c e  bo th  l a n d e r  volume and equipment compartment volume must scale as t h e  area 

r a t i o .  

model b a t t e r y  compartment i s  inadequate t o  contain a l l  required equipment. I n  

t h i s  case, a p p l i c a t i o n  of some h e a t  s i n k  material (high s p e c i f i c  h e a t ,  h igh 

densi ty)  o r  PCM i n  t h e  equipment compartment w i l l  reduce t h e  required equip- 

ment weight and volume while  r e t a i n i n g  the  required t o t a l  h e a t  capacity.  

While the  l a n d e r  i n n e r  volume scales as t h e  t h i r d  power of t h e  compart- 

Ultimately,  a p o i n t  may be reached whereby allowable volume f o r  t h e  

Ba t t e ry  Compartment - The b a t t e r y  compartment i s  i d e a l i z e d  as an i so the r -  

m a l  composite of b a t t e r y ,  equipment, phase change material, and isotopes.  A s  

discussed above, f o r  a smaller scale model, t h e  relative s i z e  of  t h e  b a t t e r y  

compartment volume compared t o  t h e  o v e r a l l  lander  volume is  reduced. This 

t he re fo re ,  can fo rce  t h e  use of a g r e a t e r  percentage of h e a t  s i n k  t o  equipment 

and b a t t e r y  than contained i n  the  nominal l ande r ,  i n  o r d e r  t o  s a t i s f y  t h e  h e a t  

s t o r a g e  requirement of Equation 8. 
i n  the prototype b a t t e r y  compartment and t h a t  i n  t h e  model i s  given by 

Equation 13: 

The r e l a t i o n s h i p  between t o t a l  h e a t  capaci ty  

+ 

= % E r n e  A P P  
P 

+ + 

where: E,  B,  and PCM r e f e r  t o  equipment, b a t t e r y ,  and phase change material 

r e spec t ive ly ,  and the  summation is  f o r  t h e  r e spec t ive  prototype q u a n t i t i e s .  
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Since both t h e  area r a t i o  and t h e  prototype l a n d e r  h e a t  c a p a c i t i e s  are 
known, the relative a m u n t s  of b a t t e r y  and phase change material can be  

determined t o  s a t i s f y  both t h e  s c a l i n g  r a t i o s  and t h e  volume r e s t r i c t i o n s .  

Application of  t h e  Sca l inp  Resu l t s  - The preceding desc r ibes  a method 

of extending t h e  r e s u l t s  of t he  i n i t i a l  s i z i n g  a n a l y s i s  t o  o t h e r  s i z e  landers .  

Extension of  t h e  technique us ing  modified area/volume r e l a t i o n s h i p s  between 

t h e  b a t t e r y  and equipment compartment i s  a l s o  discussed. For some p o s s i b l e  

configurat ions,  the l ande r s  may r e q u i r e  the  a d d i t i o n  of h e a t  sinks, such as 

phase change material, t o  t h e  model equipment compartment, and s c a l i n g  with a 

summation of t h e  e n t i r e  h e a t  capac i ty  (mc >. For t h e  present  case, however, 

the "family" of  l ande r s  has been def ined t o  be t r u e  scale models of  t h e  

prototype design. Through the  proper implementation of scale f a c t o r s ,  t he  

l ande r  compartment volumes, weights,  power levels, and areas can b e  derived. 

The appropr i a t e  s c a l i n g  r a t i o s  are shown i n  Figure 3.2.6-21 t o  de f ine  a range 

of l a n d e r  s i z e s  which have i d e n t i c a l l y  the  s a m e  thermal response as a r e l a y  

mode (constant  power p r o f i l e )  lander .  The r e l a y  mode temperature response 

shown i n  Figure 3.2.6-16 has  been modified s l i g h t l y  t o  correspond mre 

c l o s e l y  with d i r e c t  t ransmission mode temperature response. This w a s  

accomplished through a reduct ion i n  t h e  phase change material weight used i n  

the  i n i t i a l  eva lua t ion ,  and t o t a l  equipment compartment weights,  enabl ing 

maximum u t i l i z a t i o n  of a l l  thermal c o n t r o l  weight. 

f o r  t h e  prototype l a n d e r  are shown i n  Table 3.2.6-4 and have been used i n  

conjunction wi th  t h e  o v e r a l l  su r f  ace payload parametr ic  a n a l y s i s  t o  de f ine  

thermal c o n t r o l  requirements f o r  the p o i n t  designs of Sect ion 4 .  

P 

The s c a l i n g  parameters 
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MODEL LANDER HEAT GENERATION RATE 
NOMINAL LANDER HEAT GENERATION RATE 

- (WATTSIWATT) 
~ 

FIGURE 3.2.6-21 
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3.2.7 PROPULSION - The Mars capsule  r e q u i r e s  propuls ion t o  d e o r b i t  t h e  

v e h i c l e  from i ts  Mars parking o r b i t ,  t o  c o n t r o l  a t t i t u d e  from capsule-orbi ter  

s e p a r a t i o n  t o  l ande r  touchdown, and t o  e f f e c t  t h e  f i n a l  dece le ra t ion  r equ i r ed  

f o r  a s o f t  landing on the Mars su r face .  

evaluated f o r  each of t h e s e  funct ions during t h e  VOYAGER Phase B Study and 

system s e l e c t i o n s  were made f o r  capsules  weighing about 5000 pounds. 

t h e  d a t a  and methodology developed during t h i s  earlier s tudy are app l i cab le  t o  

t h e  S o f t  Lander Study. 

program on smaller, a u s t e r e  v e h i c l e s  warrants  re-examination of a l t e r n a t e  

concepts f o r  t h e  propuls ive func t ions ,  t o  determine i f  c o s t  and development 

r i s k  can be  reduced, perhaps a t  t h e  s a c r i f i c e  of system performance. 

Candidate propulsion concepts were 

Much of 

However, subsequent focusing of  t h e  Mars exp lo ra t ion  

The terminal  propuls ion system had previously been i d e n t i f i e d  as a long- 

lead-time i t e m ,  and t h e  combined c o s t  of t h e  t h r e e  propuls ive systems amounted 

t o  roughly 20% of t h e  t o t a l  capsule  cos t .  Consequently, t h e  propulsion systems 

o f f e r  s i g n i f i c a n t  p o t e n t i a l  f o r  reduct ions i n  program c o s t  and r i s k .  

Cold gas,  monopropellant, b i p r o p e l l a n t ,  and s o l i d  p rope l l an t  systems w e r e  

considered, where app l i cab le  t o  t h e  va r ious  mission phases. System comparisons 

w e r e  made on t h e  b a s i s  of performance, c o s t ,  r e l i a b i l i t y ,  development s t a t u s ,  

and systems i n t e r a c t i o n .  

For t h e  d e o r b i t  func t ion ,  s o l i d  p rope l l an t s  provide a weight advantage 

over  l i q u i d  monopropellant and b i p r o p e l l a n t  systems, b u t  consider ing t h a t  a 

l i q u i d  p r o p e l l a n t  system w i l l  be  r equ i r ed  f o r  t h e  terminal  propuls ion phase, 

most of t h e  c o s t  and development r i s k  of a l i q u i d  d e o r b i t  system could be 

amortized a g a i n s t  t h e  terminal  propuls ion by u t i l i z i n g  t h e  same hardware f o r  

both systems. Even so ,  a s o l i d  rocket  i s  very cost-competit ive,  due t o  t h e  

low recu r r ing  c o s t s .  

hardware f o r  t h e  two systems would r e s u l t  i n  higher  c o s t s  t o  o t h e r  capsule  

systems, and t h i s  f a c t  must be  considered i n  t h e  s e l e c t i o n  of a deorb i t  

propuls ion concept. 

Also, t h e  weight pena l ty  introduced by u t i l i z i n g  common 

Comparisons of  a t t i t u d e  c o n t r o l  concepts i nc lude  cold gas and monopropel- 

l a n t  hydrazine active c o n t r o l ;  co ld  gas s p i n / a c r i v e ;  and cold gas active con- 

t r o l  combined wi th  d e o r b i t  TVC. The propuls ive a t t i t u d e  c o n t r o l  system f i g u r e s  
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more s t r o n g l y  i n t o  t h e  design of o t h e r  capsule  systems, i .e. ,  t h e  guidance 

e l e c t r o n i c s  and t h e  guidance power requirements,  than do t h e  o t h e r  propuls ion 

systems and a jud ic ious  s e l e c t i o n  can b e  made only on an i n t e g r a t e d  systems 

level. 

Performance of t h e  terminal  propuls ion system w a s  n o t  s t r o n g l y  emphasized 

except i n  those  cases where s i g n i f i c a n t  c o s t  reduct ions could b e  r e a l i z e d  by 

optimizing f o r  minimum system weight and t h r o t t l e  r a t i o .  I n  t h i s  vein, 
several descent guidance modes were evaluated f o r  t h e  terminal  dece le ra t ion  

phase. 

thrust-to-lander weight r a t i o  of t h e  terminal  propuls ion system. A new 

guidance mode w a s  s e l e c t e d  on t h e  b a s i s  of t hese  s t u d i e s ,  making i t  p o s s i b l e  

t o  reduce engine t h r u s t  level by a f a c t o r  of two over t h a t  e s t a b l i s h e d  by 

earlier s t u d i e s .  A similar reduct ion i n  engine t h r o t t l e  r a t i o  from 1 O : l  t o  

approximately 5:l s i g n i f i c a n t l y  reduces development r i s k .  Bipropel lant  

terminal  propuls ion systems provide a performance advantage over monopropellant 

systems, b u t  monopropellants o f f e r  an edge i n  s i m p l i c i t y ,  c o s t ,  and r e l i a b i l i t y .  

Tradeoffs were made between p rope l l an t  requirements and t h e  design 

3.2.7.1 Deorbit propuls ion system - A d e o r b i t  propuls ion system i s  

required f o r  r e t rog rad ing  the capsule  from its Mars parking o r b i t ,  thereby 

placing i t  on a t r a j e c t o r y  which i n t e r s e c t s  t he  s u r f a c e  a t  a predetermined 

landing s i te .  Several  propuls ion concepts are s u i t a b l e  candidates f o r  t h i s  

function. So l id  p r o p e l l a n t ,  monopropellant, and b i p r o p e l l a n t  d e o r b i t  systems 

have been evaluated.  

c o s t ,  development s t a t u s ,  and i n t e r a c t i o n s  with o t h e r  systems i s  provided 

below. These r e s u l t s  provide the  information necessary f o r  support ing system 

s e l e c t i o n s  f o r  capsule  p o i n t  designs.  F i n a l  system s e l e c t i o n s  i n  which 

guidance, etc. are considered j o i n t l y  wi th  t h e  propuls ion system are discussed 

i n  Sect ion 3.3.1 f o r  fou r  s e l e c t e d  configurat ions.  

A comparison based on weight and performance, r e l i a b i l i t y ,  

3.2.7.1.1 Requirements: A s  e s t a b l i s h e d  i n  Sec t ion  3.1.2, t h e  v e l o c i t y  

increment required t o  d e f l e c t  t h e  capsule  from a synchronous Mars parking 

o r b i t  varies from 187 f t /sec t o  approximately 950 f t / s e c ,  depending on d e o r b i t  

anomaly, e n t r y  angle ,  and landing anomaly. Based on ou r  mission analyses ,  

however, a maximum v e l o c i t y  increment of 450 f t / s e c  i s  adequate. 

i n  landing anomaly achieved by varying t h e  maximum d e o r b i t  v e l o c i t y  from 450 

The d i f f e r e n c e  
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ft/sec t o  950 f t / s e c  is only a few degrees.  Consequently, 

propulsion parametr ics  presented i n  t h i s  s e c t i o n  are based 

deorbi  t propuls ion c a p a b i l i t y ,  

most of t h e  d e o r b i t  

on a 450 f t / s e c  

Thrust  terminat ion c a p a b i l i t y  has  been assumed f o r  t h e  deo rb i t  system t o  

provide f l e x i b i l i t y  i n  the  choice o f  o r b i t  and l and ing  site. 

3.2.7.1.2 Candidate system designs: The deorb i t  propulsion requirements 

can be s a t i s f i e d  by several types of propuls ion systems. 

monopropellant, and b i p r o p e l l a n t  systems were considered f o r  t h i s  study. 

So l id  p rope l l an t ,  

Five b a s i c  conf igu ra t ions  were evaluated f o r  t h e  th ree  system types.  I n  

t h r e e  of t h e s e  conf igu ra t ions ,  i n e r t  system p a r t s  are j e t t i s o n e d  a f t e r  the 

deorbi t  func t ion  t o  reduce capsule e n t r y  weight. The o t h e r  two u t i l i z e  tankage 

common t o  t h e  terminal  propuls ion system. The f i v e  configurat ions are depicted 

and designated i n  Figure 3.2.7-1. 

Ear th-s torable ,  hypergol ic  p rope l l an t s ,  monomethyl hydrazine (W) and 

n i t rogen  t e t r o x i d e  (N 0 ) w e r e  s e l e c t e d  f o r  the b i p r o p e l l a n t  configurat ions be- 

cause of  t h e i r  reasonably high performance and t h e i r  demonstrated a b i l i t y  t o  

su rv ive  h e a t - s t e r i l i z a t i o n .  Of t h e  monopropellants, only hydrazine (N H ) has 
2 4  

s u f f i c i e n t l y  high performance t o  be  considered f o r  t h i s  app l i ca t ion .  Saturated 

polybutadiene/amonium pe rch lo ra t e  was s e l e c t e d  f o r  the s o l i d  p rope l l an t .  

2 4  

Range d i s p e r s i o n  ana lyses ,  presented i n  Sect ion 3 . 1 . 2 ,  i n d i c a t e  t h a t  

d e o r b i t  t h r u s t  l e v e l  i s  not  a c r i t i ca l  parameter. 

p o i n t ,  however, a low-thrust l eve l  i s  d e s i r a b l e  t o  minimize engine weight and 

envelope and t o  maintain deo rb i t  a t t i t u d e  dis turbance torques t o  manageable 

l i m i t s .  Thrust f o r  the s o l i d  rocket  w a s  e s t a b l i s h e d  on the  b a s i s  o f  a minimum 

p r o p e l l a n t  burning rate of . 3  inch/second and a s p h e r i c a l  motor design. 

s p h e r i c a l  motor o f f e r s  a high p rope l l an t  f r a c t i o n  and s h o r t  c e n t e r l i n e  length.  

Thrust level f o r  t h e  l i q u i d  p r o p e l l a n t  concepts w a s  chosen t o  provide a th rus t -  

to-capsule d e o r b i t  weight (Earth) of 0.10 t o  minimize weight; however, consid- 

e r a t i o n  w a s  a l s o  given t o  t h e  use of  a s i n g l e  engine design f o r  t h e  deo rb i t  and 

terminal  propuls ion func t ions  i n  eva lua t ing  system cos t s .  

s i d e r a t i o n  provides a d e o r b i t  thrust-to-weight (Earth) of approximately - 2 6 .  

The t o l e r a n c e  on d e o r b i t  v e l o c i t y  is  one of t h e  l a r g e s t  c o n t r i b u t o r s  t o  

From a systems design stand- 

The 

This lat ter con- 

downrange touchdown d i spe r s ions .  Liquid system impulse i s  simply and 
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1 
a ccu ra t e ly  con t ro l l ed  by c los ing  t h e  engine p rope l l an t  valves. 
r e p e a t i b i l i t y  f o r  t h e  l i q u i d  systems is approximately .015% (30). 
impulse s o l i d  rocke t ,  t h e  v a r i a t i o n  i n  t o t a l  impulse is  1.0% (30). This varia- 

t i o n  can be  reduced t o  .37% and mission f l e x i b i l i t y  enhanced by incorporat ing 

t h r u s t  terminat ion c a p a b i l i t y  i n  t h e  s o l i d  rocke t ,  

195', these to l e rances  c o n t r i b u t e  t o  downrange landing d i spe r s ions  of approxi- 

mately .6 km and 15.2 km f o r  l i q u i d  and s o l i d  d e o r b i t  systems, respect ively.  

Rapid dep res su r i za t ion  t h r u s t  terminat ion was t h e r e f o r e  assumed f o r  t h e  s o l i d .  

This would b e  achieved by j e t t i s o n i n g  t h e  nozzle  assembly, as was done on t h e  

J u p i t e r  and T i t a n  v e r n i e r  c o n t r o l  rockets .  

T o t a l  impulse 

On a f i x e d  

For a d e o r b i t  anomaly of 

3.2.7.1.3 System t r a d e  s t u d i e s :  The candidate  design concepts were 

evaluated fox performance, r e l i a b i l i t y ,  c o s t ,  development s t a t u s ,  and system 

i n t e r a c t i o n s  t o  support  system s e l e c t i o n s  f o r  t h e  r e fe rence  capsule designs.  

Performance - The major f a c t o r s  t o  be considered under system performance 

are weight and envelope. The candidate  systems w e r e  compared on t h e  b a s i s  of 

t o t a l  system weight and incremental  s u r f a c e  payload weight. 

e ter  i l l u s t r a t e s  t h e  pena l ty  incurred with t h e  composite systems i n  ca r ry ing  

expended deorb i t  hardware t o  lander  impact. On a l l  o t h e r  configurat ions,  t h e  

i n e r t  p a r t s  are j e t t i s o n e d  a f t e r  deo rb i t .  

The lat ter param- 

Since t h e  d e o r b i t  motor/engine i s  mounted on t h e  capsule  r o l l  a x i s ,  t h e  

c r i t i ca l  system dimension i s  c e n t e r l i n e  length.  For t h e  l i q u i d  systems, t h i s  

dimension i s  assumed t o  be t h e  maximum p r o p e l l a n t  tank diameter o r  t h e  combined 

length of t h e  engine and p res su ran t  tank, whichever i s  g rea t e r .  The p rope l l an t  

tanks are loca ted  as c l o s e  t o  t h e  t h r u s t  a x i s  as poss ib l e ,  t o  minimize t h r u s t  

dis turbance torques due t o  r a d i a l  c.g. s h i f t s .  

So l id  rocket  performance i s  i l l u s t r a t e d  i n  Figure 3.2.7-2,  which shows t h e  

e f f e c t  of aluminum content  and t o t a l  s o l i d s  loading, i .e.,  aluminum and ammoni- 

um pe rch lo ra t e ,  on t h e  s p e c i f i c  impulse of a t y p i c a l  polybutadiene p rope l l an t .  

The curve a l s o  shows t h e  r e s t r i c t i o n  placed on s o l i d s  loading t o  provide 

reasonable assurance t h a t  t h e  motor w i l l  su rv ive  h e a t  s t e r i l i z a t i o n .  The 

corresponding p rope l l an t  phys i ca l  p r o p e r t i e s  following s t e r i l i z a t i o n  are dis-  

cussed under Development S t a t u s .  The p r o p e l l a n t  formulation considered f o r  

t h i s  s tudy contains  85% t o t a l  s o l i d s  c o n s i s t i n g  of 16% aluminum and 69% 
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ammonium pe rch lo ra t e .  

t o t a l  s o l i d s  loading would in t roduce  a performance pena l ty  of only 1%. 

For t h e  assumed aluminum con ten t ,  a 2% reduct ion i n  

Motor weight and l eng th  are shown as a funct ion of  t o t a l  capsule  weight 

and nozzle  expansion r a t i o  i n  Figure 3.2.7-3. 
50:l was s e l e c t e d  as near-optimum, providing a minimum capsule weight. 

es t imated vacuum s p e c i f i c  impulse i s  2 8 8  sec. 

A nozzle  expansion r a t i o  of  

The 

For l i q u i d  p r o p e l l a n t  system, chamber p re s su re  w a s  determined t o  be the  

most c r i t i c a l  f a c t o r  i n  optimizing performance. Low chamber pressures  minimize 

p r o p e l l a n t  tank p r e s s u r i z a t i o n  requirements bu t  r equ i r e  l a r g e r ,  and consequent- 

l y  heavier ,  engines f o r  t h e  design thrust-to-weight (Earth) of 0.10. The 

e f f e c t  of chamber p re s su re  on system weight and engine length i s  shown i n  

Figure 3.2.7-4 f o r  both t h e  mono- and b i p r o p e l l a n t  systems. 

system i s  seen t o  optimize a t  a chamber p re s su re  of approximately 75 p s i a ,  

while  t h e  monopropellant, unaffected by k i n e t i c  performance l o s s e s  a t  low 

chamber p re s su re ,  optimizes a t  approximately 50 ps i a .  

The b i p r o p e l l a n t  

Except f o r  t he  composite systems, p r o p e l l a n t  o r i e n t a t i o n  f o r  t h e  l i q u i d  

systems is  achieved by f i r i n g  a f t -d i r ec t ed  a t t i t u d e  con t ro l  engines p r i o r  t o  

deo rb i t .  This technique is  imprac t i ca l  f o r  t he  composite systems s i n c e  t h e  

t h r u s t  loads app l i ed  during the deo rb i t  and terminal  dece le ra t ion  funct ions are 

opposi te  i n  d i r ec t ion .  To o r i e n t  the p r o p e l l a n t s  be fo re  b u m  by a u x i l i a r y  

means and maintain them i n  t h a t  p o s i t i o n  during engine operat ion would r equ i r e  

o u t l e t s  on each end of  t h e  p r o p e l l a n t  tanks. 

metallic diaphragms w a s  s e l e c t e d  as a more reasonable approach. 

P o s i t i v e  expulsion with r e in fo rced  

Weight and dimensional c h a r a c t e r i s t i c s  of t he  candidate designs are 

summarized i n  Figure 3.2.7-5 f o r  a deo rb i t  v e l o c i t y  of 450 f t / s e c .  The e f f e c t  

of deo rb i t  v e l o c i t y  on system weights is  shown i n  Figure 3.2.7-6. 

R e l i a b i l i t y  - The r e l i a b i l i t y  of each of t h e  candidate  systems i s  pre- 

sented i n  Table 3.2.7-1. The b a s i c  f a i l u r e  ra te  d a t a  u t i l i z e d  i n  t h i s  s tudy 

w a s  obtained from o t h e r  programs employing s imilar  components. The r e l i a b i l i t y  

f i g u r e s  do no t  include the  e f f e c t  of  h e a t  s t e r i l i z a t i o n ;  thus,  t h e  a c t u a l  

estimates must b e  considered relative. Aerojet  (Aerojet  General Rept. 2470- 

OlF, "Space Vehicle S o l i d  Rocket Analysis and Cor re l a t ion  Study", 8 Sept. 1967) 
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has est imated t h e  effect  of h e a t  s t e r i l i z a t i o n  on t h e  s o l i d  rocke t  as an in- 

crease of 680 f a i l u r e s  p e r  m i l l i o n  f i r i n g s .  

r e l i a b i l i t y  of l i q u i d  systems have n o t  been evaluated.  

H e a t  s t e r i l i z a t i o n  e f f e c t s  on the 

Based on d a t a  a v a i l a b l e ,  t he  candidate  systems have been ranked i n  order  

of decreasing r e l i a b i l i t y ,  as follows: s o l i d ,  composite monopropellant, 

composite b i p r o p e l l a n t ,  monopropellant, and b i p r o p e l l a n t  

- Cost - The relative c o s t s  of t h e  candidate  concepts are compared i n  

Figure 3.2.7-7, as a funct ion of t o t a l  capsule weight. The d a t a  includes the  

c o s t s  f o r  development, q u a l i f i c a t i o n ,  and de l ive ry  of s i x  systems. Since h e a t  

s t e r i l i z a t i o n  of s o l i d  motors remains t o  be demonstrated, a new development 

program w a s  assumed f o r  t h a t  concept. For t h e  l i q u i d  p rope l l an t  concepts, cos t  

da t a  w e r e  derived, f i r s t  on the  b a s i s  of new system developments and second on 

t h e  b a s i s  of  using t h e  same hardware as the l i q u i d  terminal  propuls ion system. 

Under the  l a t t e r  assumption, the cos t  f o r  development, q u a l i f i c a t i o n  and del iv-  

ery of t h e  f i r s t  s i x  systems w a s  amortized aga ins t  the terminal  propulsion 

system. Hardware commonality between t h e  two systems is seen t o  provide a very 

s i g n i f i c a n t  reduct ion i n  t h e  cos t  of t h e  l i q u i d  systems. Su rp r i s ing ly ,  the 

s o l i d  p r o p e l l a n t  rocket remains cos t  competit ive,  p r imar i ly  because t h e  recur- 

r i ng  c o s t s  f o r  l i q u i d  systems are an orde r  of magnitude higher  than the s o l i d  

system. 

DeveloDment S t a t u s  - The most c r i t i ca l  development problems are h e a t  

s t e r i l i z a t i o n  and chemical decontamination. 

The f e a s i b i l i t y  of h e a t  s t e r i l i z i n g  l i q u i d  systems has been demonstrated 

by JPL,  Martin, and McDonnell. Nitrogen t e t r o x i d e  i s  extremely co r ros ive  a t  

s t e r i l i z a t i o n  temperatures and t i tanium i s  t h e  only known m e t a l  s u i t a b l e  f o r  

component use. 

s teel ,  but  it has been observed t o  decompose when i n  con tac t  w i th  t h e s e  metals 

a t  s t e r i l i z a t i o n  temperature. 

than s t a i n l e s s  steel. Monomethyl hydrazine possesses g r e a t e r  thermal s t a b i l i t y  

than hydrazine and i s  s u i t a b l e  f o r  use with bo th  t i t an ium and s t a i n l e s s  steel. 

Hydrazine does not  a t t a c k  t i tanium o r  300 series s t a i n l e s s  

Titanium i s  p r e f e r r e d  s i n c e  i t  i s  less active 
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The l i m i t e d  choice of materials which are compatible w i t h  ea r th - s to rab le  

p rope l l an t s  a t  s t e r i l i z a t i o n  temperature suggests  a system design wherein pro- 

p e l l a n t  is i s o l a t e d  from f l u i d  c o n t r o l  components during h e a t  exposure. 

r equ i r e s  new design techniques t o  overcome shortcomings i n  t h e  phys ica l  

p r o p e r t i e s  of propel lan t-compa t i b  l e  materials . 
This 

The e f f e c t  of  chemical decontamination us ing  an e thy lene  oxide-Freon 12  

mixture must a l s o  be considered. Tests a t  McDonnell have shown t h a t  S h e l l  405 

c a t a l y s t  i s  poisoned by exposure t o  t h i s  mixture. Hence, i t  w i l l  be necessary 

t o  he rme t i ca l ly  seal the  hydrazine r e a c t o r  i n  o rde r  t o  i s o l a t e  t he  c a t a l y s t  

from t h e  decontaminant . 
The requirement f o r  s t e r i l i z i n g  a s o l i d  p r o p e l l a n t  system by h e a t i n g  t h e  

e n t i r e  motor assembly f o r  6 cycles  a t  275'F has  caused s e r i o u s  degradation of 

c u r r e n t  off-the-shelf  p rope l l an t s ,  l i n e r s ,  and i n s u l a t i o n s .  Material incompat- 

i b i l i t i e s  a l s o  exis t  because of d i f f e rences  i n  thermal expansion between the  

d i f f e r e n t  materials. Tes t ing  has been performed on new p rope l l an t  formulations 

developed s p e c i f i c a l l y  t o  withstand thermal s t e r i l i z a t i o n  and on modif icat ions 

of e x i s t i n g  p rope l l an t s .  I n  add i t ion ,  system components such as l i n e r s ,  insu- 

l a t i o n ,  O-rings, nozzle ,  and i g n i t e r s  have been inves t iga t ed .  Table 3.2.7-2 

summarizes t h e  major f a i l u r e  modes a s s o c i a t e d  with t h e  h e a t  s t e r i l i z a t i o n  of a 

s o l i d  rocke t  and t h e  c o r r e c t i v e  measures most success fu l  i n  removing t h e  

d e f i c i e n c i e s ,  The c o r r e c t i v e  modif icat ions are mutually compatible. Also 

shown are t h e  measured phys ica l  p r o p e r t i e s  of Aero j e t  ANB-3289-2 p r o p e l l a n t  

before  and a f t e r  s i x  275" s t e r i l i z a t i o n  cycles.  

considered adequate f o r  high performance motor designs. 

The p r o p e l l a n t  p r o p e r t i e s  are 

Appreciable e f f o r t  has  been spen t  i n  r e c e n t  yea r s  t o  develop high energy 

p r o p e l l a n t s  w i th  increased s o l i d s  loading, t a i l o r e d  t o  withstand low tempera- 

t u r e  s t r a i n  requirements. The a d d i t i o n  of p l a s t i c i z e r s  and a low curing-agent- 

to-polymer r a t i o  improved phys ica l  p r o p e r t i e s  of p r o p e l l a n t s  a t  low temperature. 

The e x i s t e n c e  of water i n  t h e  r a w  materials w a s  not p a r t i c u l a r l y  detr imental .  

However, a t  high temperature (275°F) a l l  of t h e s e  cond i t ions  have adverse 

e f f e c t s  on the  cured p rope l l an t .  These condi t ions can be e l imina ted  t o  enhance 
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TABLE 3.2.7-2 

STERILIZATION FAILURE MODES OF 
SOLID PROPELLANT ROCKET 

FA1 LUR E 
MOD E 

CRACKING 

VOIDS 

SLUMP 

SEPARATIONS 

AUTO IGNITION 

I GNI T I  ON 
FAILURE 

BAL LI STIC 
EXCU RSlONS 

EFFECT OF H 

CAUSE OF 
FA1 L U  RE 

THERMAL STRESSES, 
EXCESS DE FORMATION 
VISCOUS MIX, CHEMICAL 
INSTABILITY 

LOW EQUILIBRIUM MODULUS 

EXCESS MOISTURE, PLAS- 
TI CI Z ERS, SHRINKAGE 

DECOMPOSITION EXOTHERMS 

D ESENSl TIZ ED IN1 TIATOR, 
PROPELLANT DEGRADATION 

OXIDIZER DECOMPOSITION, 
MI CROVOl DS 

CONTROL 
MEASURES 

STRAIN RELIEF BOOT, GOOD PRO 
PELLANT PHYSICAL PROPERTIEI 

CHOICE OF CURING AGENT, 
BAYON ET CASTING, VACUUM 
STRIPPING OF LOW MOLECULAR 
WEIGHT SPECIES FROM RAW 
MATERIALS 
GOOD PHYSICAL PROPERTIES, 
ADEQUATE GRAIN SUPPORT 
MATERIAL SELECTION (UN- 
HYDRATED FILLERS, NO 
P L AS T I C I Z E R S) 

RECRYSTALLIZATION OF 

POLYMER 
APOLLO STANDARD INITIATOR, 
SAME PROPELLANT MODIFICA- 
TIONS AS MAIN CHARGE 
RECRYSTALLIZED OXlDlZ ER, 

DENSITY 

OXIDIZER, SATURATED PRE- 

HIGH BINDER CROSS-LINK 

T STERILIZATION ON THE MECHANICAL PROPERTIES OF AEROJET 
ANB-3289-2 PROPELLANT 

0 MECHANICAL PROPERTIES AT 77OF 
0 85 PERCENT SOLIDS LOADING 

NUMBER OF ELONGATION AT E LON GAT1 ON 
MAX STRESS 

STERl L lZATl  ON 
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t h e  high temperature s t a b i l i t y  of t h e  p r o p e l l a n t  i f  t h e  low temperature require- 

ment i s  removed. 

thermal c o n t r o l  during Earth-Mars t r a n s i t .  

This would be  accomplished w i t h  a s m a l l  amount of active 

Despite p o t e n t i a l  d i f f i c u l t i e s  , s u f f i c i e n t  s t e r i l i z a t i o n  t e s t i n g  has been 

accomplished t o  i n d i c a t e  t h a t  e i t h e r  l i q u i d  o r  s o l i d  p r o p e l l a n t  systems can be 

exp lo i t ed  f o r  p l ane ta ry  l and ing  missions. However, without e a r l y  commitment t o  

a s t e r i l i z e a b l e  s o l i d  motor development program, only a l i q u i d  system w i l l  

o f f e r  reasonable assurance of  meeting a launch opportuni ty  i n  1973. 

System I n t e r a c t i o n s  - The major i n t e r a c t i o n  between t h e  deo rb i t  propulsion 

and o t h e r  systems i s  r e l a t e d  t o  engine exhaust e f f e c t s  during deorb i t  burn. 

Areas of  primary concern are : 

t i n g  b l a s t  impingement loads  on t h e  o r b i t e r .  

cells ,  o p t i c s ,  o r  o t h e r  s e n s i t i v e  s u r f a c e s  may be a l l e v i a t e d  by u t i l i z i n g  

clean-burning p rope l l an t s  o r  by providing adequate sepa ra t ion  between the 

capsule and o r b i t e r  a t  d e o r b i t  i g n i t i o n .  Only a l a r g e  sepa ra t ion  d i s t ance  is 

e f f e c t i v e  i n  keeping impingement dis turbance torques t o  manageable l e v e l s .  A 

minimum sepa ra t ion  of  300 meters has  been assumed f o r  t h i s  study. 

s t u d i e s  on the  Apollo Experiment P a l l e t  (AEP) i n d i c a t e  t h a t  a l i q u i d  p r o p e l l a n t  

system w i l l  no t  p re sen t  a problem t o  t h e  o r b i t e r  a t  t h i s  dis tance.  On the 

o t h e r  hand, alumina 

s i g n i f i c a n t  contamination p o t e n t i a l .  

p a r t i c l e s  i n  a rocket  exhaust release t h e i r  k i n e t i c  energy a t  impact, causing 

them t o  m e l t  and r e s o l i d i f y  on t h e  impinged su r face .  

performance ga ins  a v a i l a b l e  with aluminized s o l i d  p r o p e l l a n t s  (approximately 

8%), t h e  d e o r b i t  space-time r e l a t i o n s  between t h e  capsule  and o r b i t e r  were 

i n v e s t i g a t e d  as p a r t  of VOYAGER Phase B s t u d i e s  f o r  a 1973 mission. Based 

on d e o r b i t  anomalies of 190 t o  240 deg and deorb i t  a t t i t u d e s  of -20 t o  +60 deg, 

t hese  s t u d i e s  showed t h a t  t h e  "look angle", between t h e  o r b i t e r  and exhaust 

nozzle  c e n t e r l i n e  precluded exhaust impingement during t h e  f i rs t  280 f t / s e c  

d e o r b i t  v e l o c i t y  increment. 

(300 meters i n i t i a l ) .  

t o t a l  aluminum accumulation level was less than 9 m i l l i g r a m s / f t  . 

exhaust-induced s u r f a c e  contamination and upset- 

Contamination of o r b i t e r  s o l a r  

McDonnell 

i n  t h e  exhaust of high energy s o l i d  p r o p e l l a n t s  p re sen t s  

T e s t  observat ions show t h a t  alumina 

Because of t h e  high 

The range a t  t h a t  p o i n t  w a s  2 1200 meters 

For a maximum deorb i t  v e l o c i t y  of 950 f t / s e c ,  t h e  
2 
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Alumina contamination levels of t h i s  magnitude do n o t  pose a t h r e a t  

t o  o r b i t e r  operat ion.  

3.2.7.1.4 Summary and conclusions: Resul ts  from s t u d i e s  which have in- 
cluded s o l i d  p r o p e l l a n t ,  monopropellant and s t o r a b l e  b i p r o p e l l a n t  d e o r b i t  

systems are summarized i n  Table 3.2.7-3. A s  i nd ica t ed  i n  the  t a b l e ,  a s o l i d  

p r o p e l l a n t  rocket  proGides advantages i n  weight and r e l i a b i l i t y  and, f o r  new 
system developments, i t  is  less c o s t l y  than l i q u i d  p rope l l an t  systems of com- 

parable  performance, 

f o r  terminal  propuls ion and t h e  use of common hardware f o r  both t h e  terminal 

and deorb i t  systems s i g n i f i c a n t l y  reduces t h e  o v e r a l l  cos t  and r equ i r e s  devel- 

opment o f  only one system type. Liquid p r o p e l l a n t  systems w i l l  a l s o  pose less 

development r i s k  i n  meeting t h e  h e a t  s t e r i l i z a t i o n  requirements. 

f e a s i b i l i t y  has  been s u c c e s s f u l l y  demonstrated on systems containing both 

monopropellant hydrazine and the ea r th - s to rab le  b i p r o p e l l a n t s ,  monomethyl 

hydrazine and n i t rogen  t e t rox ide .  The l a r g e s t  s o l i d  rocket t o  su rv ive  s i x  

cycles  a t  275'F contained only 16 l b  p rope l l an t .  

f o r  a 450 f t / s e c  deo rb i t  v e l o c i t y  increment vary from 4 3  l b  f o r  a 1000 l b  

capsule t o  212 l b  f o r  a 5000 l b  capsule. 

On t h e  o t h e r  hand, a l i q u i d  p r o p e l l a n t  system i s  requ i r ed  

S t e r i l i z a t i o n  

So l id  p rope l l an t  requirements 

The composite (deo rb i t l t e rmina l )  systems o f f e r  no s i g n i f i c a n t  advantage 

over  d u p l i c a t e  systems f o r  t h e  two propuls ive funct ions.  

mainly because of  t he  high p r o p e l l a n t  tank p res su res  required f o r  t he  t h r o t t l e -  

a b l e  terminal  propuls ion engines ,  and because t h e  i n e r t  system p a r t s  must b e  

c a r r i e d  t o  l ande r  touchdown. 

Performance is  poor, 

The above t r a d e  s t u d i e s  were u t i l i z e d  i n  t h e  s e l e c t i o n  o f  deo rb i t  propul- 

s i o n  systems f o r  t he  p o i n t  designs,  Because of t h e  impact of deo rb i t  system 

performance and conf igu ra t ion  on o t h e r  capsule  systems, these s e l e c t i o n s  may 

appear i ncons i s  t e n t  with s e l e c t i o n s  based on propuls ion considerat ions alone. 

For in s t ance ,  a s e l e c t i o n  based on t h e  lowest system c o s t  may be  incompatible 

w i t h  t h e  lowest v e h i c l e  c o s t  because of system performance p e n a l t i e s .  

f a c t o r s  are discussed i n  Sec t ion  3.5, Cost Trends. 

These 
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3 . 2 . 7 . 2  A t t i t u d e  Control. - The a t t i t u d e  c o n t r o l  system provides capsule  

Specif i -  c o n t r o l  a f t e r  s e p a r a t i o n  from t h e  o r b i t e r  through atmospheric en t ry .  

c a l l y ,  t h e  a t t i t u d e  c o n t r o l  system provides f o r  accu ra t e  po in t ing  of t h e  d e o r b i t  

v e l o c i t y  vec to r ,  l i m i t e d  v e h i c l e  angle-of-attack excursions upon atmospheric 

en t ry ,  and a s t a b l e  p l a t fo rm f o r  e n t r y  sc i ence  measurements. A t t i t ude  control, 

is not  r equ i r ed  during t h e  parachute d e c e l e r a t i o n  i n t e r v a l ,  and c o n t r o l  during 

t h e  terminal  propuls ion phase is  maintained by d i f f e r e n t i a l  t h r o t t l i n g  of mul- 

t i p l e  engines ,  as w a s  u t i l i z e d  by Surveyor. 

S e l e c t i o n  of t h e  c o n t r o l  scheme which b e s t  s a t i s f i e s  t h e s e  requirements 

depends upon t h e  type of deo rb i t  system employed. 

f o r  s o l i d  and l i q u i d  d e o r b i t  systems are analyzed s e p a r a t e l y .  

are presented t o  show t h e  e f f e c t  of t o t a l  capsule  weight and deorb i t  v e l o c i t y  

increment on a t t i t u d e  c o n t r o l  system design,  and candidate  concepts are com- 

pared on t h e  b a s i s  of weight, r e l i a b i l i t y ,  c o s t  and development s t a t u s .  

Therefore,  c o n t r o l  concepts 

Parametric d a t a  

Analyses of t h e  i n t e g r a t e d  guidance and c o n t r o l ,  e l e c t r i c a l ,  and propul- 

s i o n  concepts are requ i r ed  t o  select t h e  optimum a t t i t u d e  con t ro l  system. This 

s e c t i o n  contains  a d e s c r i p t i o n  of design c o n s t r a i n t s  and support ing analyses 

f o r  t h e  var ious propuls ion concepts only. 

3.2.7.2.1 Requirements: A t t i t u d e  c o n t r o l  and s t a b i l i z a t i o n  requirements 

e s t a b l i s h e d  f o r  th is  s tudy are presented by mission phase i n  Table 3.2.7-4 and 

are b r i e f l y  discussed i n  t h e  following paragraphs. 

Separat ion - A v e l o c i t y  increment of 1.5 f t /sec w a s  e s t a b l i s h e d  as adequate 

t o  s e p a r a t e  t h e  capsule  from t h e  o r b i t e r .  With a r e a c t i o n  c o n t r o l  system, a f t -  

d i r e c t e d  p i t c h  and yaw engines can provide t h e  necessary t r a n s l a t i o n a l  impulse. 

Reverse c o n t r o l  l o g i c  is  used f o r  a t t i t u d e  hold during t h e  s e p a r a t i o n  maneuver. 

That i s ,  w i t h  a l l  t h r u s t e r s  operat ing,  t h e  t h r u s t e r ( s )  producing a torque i n  t h e  

same d i r e c t i o n  as t h e  d i s tu rbance  is  momentarily shut-off.  

Deorbit  Alimment and Pre-Deorbit L i m i t  Cycle - Following s e p a r a t i o n  from 

t h e  o r b i t e r ,  t h e  capsule  a t t i t u d e  must b e  maintained w i t h i n  2.25" t o  avoid 

excessive d r i f t  i n  t h e  guidance and a t t i t u d e  reference.  

val  w a s  provided between s e p a r a t i o n  and deorb i t .  

A 20 minute t i m e  i n t e r -  
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Deorbit  - A t t i t u d e  must b e  c o n t r o l l e d  w i t h i n  2.25' during d e o r b i t  

t h r u s t i n g  t o  maintain po in t ing  accuracy. 

i n g  t h e  d e o r b i t  maneuver was based on a t h r u s t  vec.tor - c.g. e c c e n t r i c i t y  of 

.25 inches (30). 

The pitch/yaw d i s tu rbance  torque dur- 

Descent - The capsule  a t t i t u d e  requirement during descent w a s  set a t  +3", 

t o  minimize angle-of-attack d i s p e r s i o n  a t  entry.  

c o n t r o l ,  t h e  capsule may b e  s p i n - s t a b i l i z e d  during t h e  descent  phase t o  conserve 

power r equ i r ed  by t h e  guidance and c o n t r o l  e l e c t r o n i c s .  

considered t o  be  no g r e a t e r  than s i x  hours. 

A s  an a l t e r n a t i v e  t o  active 

T o t a l  descent t i m e  w a s  

Entry - For t h i s  s tudy t h e  capsule  e n t r y  conf igu ra t ion  w a s  assumed dynami- 

c a l l y  uns t ab le  (CMW = . 3 ) ,  and adequate c o n t r o l  c a p a b i l i t y  w a s  provided t o  

accommodate sharp-edged wind g u s t s  i n  t h e  worst-case, VM-10 atmosphere. Rate 

damping requirements during e n t r y  w e r e  set a t  +3"/second. 

I n  a d d i t i o n  t o  d e o r b i t  and e n t r y  rate damping requirements,  t h e  diameter 

of t h e  a e r o s h e l l  i n f luences  t h e  t h r u s t  levels required t o  maintain a t t i t u d e  

control .  I n  o r d e r  t o  provide t h e  maximum moment arm, c o n t r o l  t h r u s t e r s  w e r e  

l oca t ed  about t h e  per imeter  of t h e  ae roshe l l .  The diameter of t h e  a e r o s h e l l  

i nc reases  w i t h  capsule  weight, b u t  w a s  l i m i t e d  t o  14.5 f t  t o  be  compatible wi th  

a maximum 16 f t  diameter bulbous payload f a i r i n g .  

presented i n  Figure 3.2.7-8 as a func t ion  of t o t a l  capsule  weight. 

t h r u s t  level must be  adequate t o  counteract  e n t r y  aerodynamic dis turbances as 

w e l l  as d e o r b i t  d i s tu rbance  torques.  

Required t h r u s t  levels are 

The s e l e c t e d  

3.2.7.2.2 Candidate design concepts: The a t t i t u d e  c o n t r o l  concepts con- 

s ide red  are summarized i n  Table 3.2.7-5. 

vec to r  c o n t r o l  schemes were i n v e s t i g a t e d  t o  s a t i s f y  mission a t t i t u d e  c o n t r o l  

requirements. Concepts f o r  s o l i d  and l i q u i d  deo rb i t  systems were evaluated 

s e p a r a t e l y  . 

Active, s p i n / a c t i v e  and d e o r b i t  t h r u s t  

So l id  Rocket Deorbit  Systems - Two combinations w e r e  considered f o r  t h i s  

app l i ca t ion .  The f i r s t  i s  an all-active r e a c t i o n  c o n t r o l  concept employing 

gaseous n i t r o g e n  (N2) o r  hydrazine (N2H4) as p rope l l an t .  

f o r  t h e  cold gas system because of  ex tens ive  development experience and usage 

on o t h e r  programs. 

Nitrogen w a s  s e l e c t e d  

The minor advantages o f f e r e d  by a f e w  a l t e r n a t e  gaseous 
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FIGURE 3.2.7-8 
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TABLE 3.2.7-5 

CANDIDATE ATTITUDE CONTROL SYSTEM CONCEPTS 

ENGINE GIMBAL 

*REACTION CONTROL SYSTEM 
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prope l l an t s  d i d  n o t  warrant  a d d i t i o n a l  i n v e s t i g a t i o n .  

monopropellant with demonstrated c a p a b i l i t y  f o r  s a t i s f y i n g  performance and 

s t e r i l i z a t i o n  c o n s t r a i n t s .  

t o  t h e i r  high c o s t ,  complexity, and r e l a t i v e l y  small performance margin over  

N2H4. 
sented i n  Figure 3.2.7-9. 

r o l l  c o n t r o l  while  pitch/yaw c o n t r o l  w a s  obtained by fou r  a f t - f i r i n g  t h r u s t e r s ,  

A t y p i c a l  i n s t a l l a t i o n  schematic is presented i n  Figure 3.2.7-10. 

a p p l i c a t i o n  i t  is  n o t  p r a c t i c a l  t o  u t i l i z e  p i t c h  and yaw engines i n  couples,  

because of problems presented by t h e  forward f i r i n g  chambers. The exhaust 

gases would have t o  expand counter  t o  t h e  supersonic  free-stream, c r e a t i n g  

dis turbance torques due t o  non-uniform p res su re  d i s t r i b u t i o n s  a t  t h e  edge of 

t h e  a e r o s h e l l .  

e n t r y  hea t ing  rates and t h e  p o s s i b i l i t y  of blockage from products of a b l a t i o n .  

P rope l l an t  s t o r a g e  tanks were loca ted  i n  the  nose of t he  a e r o s h e l l  t o  minimize 

la teral  c.g. s h i f t  during p r o p e l l a n t  expulsion. 

Hydrazine i s  t h e  only 

B ip rope l l an t s  were excluded from considerat ion due 

Schematics of  t h e  co ld  gas N2 and monopropellant N2H4 systems are pre- 

t h r u s t e r s  were used t o  provide coupled Four .5 l b  f 

For t h i s  

Furthermore, t h e  engines s o  placed would be exposed t o  high 

The second combination considered f o r  t he  s o l i d  rocket  d e o r b i t  system is  

a s p i n l a c t i v e  concept. 

with t h e  exception t h a t  two a d d i t i o n a l  t h r u s t e r s  are employed t o  s p i n  s t a b i l i z e  

t h e  capsule  immediately following d e o r b i t  re t rograde.  Spin-up i s  accomplished 

wi th in  10 sec t o  minimize coning angles  which c o n t r i b u t e  t o  angle-of-attack 

excursions a t  en t ry .  

range of capsule  weights from 1000-5000 l b . )  De-spin i s  n o t  t i m e  c r i t i ca l ,  and 

is  accomplished using t h e  .5 l b  r o l l  je ts .  Spin s t a b i l i z a t i o n  p r i o r  t o  d e o r b i t  

r e t rog rade  w a s  n o t  considered i n  t h i s  s tudy  due t o  l a r g e  angle-of-attack excur- 

s i o n s  a t  en t ry .  This problem is  discussed i n  g r e a t e r  d e t a i l  i n  Sect ion 3.2.4. 

The conf igu ra t ion  is  i d e n t i c a l  t o  t h e  active system 

(Spin t h r u s t  requirements are q u i t e  low: 2-5 l b f  f o r  a 

f 

Liquid Deorbit  Systems - For t h e  l i q u i d  d e o r b i t  systems, both a l l -  

active c o n t r o l  and t h r u s t  v e c t o r  c o n t r o l  (TVC) were evaluated.  Thrust  vec- 

t o r  c o n t r o l  w a s  employed i n  t h e  Ranger, Mariner, and Lunar O r b i t e r  propuls ion 

systems. 

least expensive technique. Furthermore, i f  a t e rmina l  descent type engine is  

employed f o r  t h e  deo rb i t  maneuver, electromechanical s e rvoac tua to r s  q u a l i f i e d  

TVC by engine gimballing w a s  s e l e c t e d  f o r  t h i s  s tudy s i n c e  it is  the  
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REACTION CONTROL SYSTEM INSTALLATION SCHEMATIC 

COLD GAS N2 

MONOPROPELLANT 
N2H4 
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f o r  t h e  t e rmina l  propuls ion system could a l s o  be  employed i n  t h e  d e o r b i t  system. 

Spin concepts were n o t  evaluated f u r t h e r ,  since conclusions reached f o r  s o l i d  

deo rb i t  systems are a p p l i c a b l e  t o  l i q u i d  deo rb i t  systems as w e l l .  

3.2.7.2.3 Candidate system t r a d e  s t u d i e s :  A t t i t u d e  c o n t r o l  concepts f o r  

t h e  s o l i d  and l i q u i d  p r o p e l l a n t  d e o r b i t  systems were compared on t h e  b a s i s  of 

weight, r e l i a b i l i t y ,  c o s t ,  and development s t a t u s .  

Weight - For t h e  s o l i d  p r o p e l l a n t  d e o r b i t  system, active and s p i n / a c t i v e  

c o n t r o l  system weights are presented i n  Figures  3.2.7-11 and -12 f o r  both mono- 

p rope l l an t  N H Hydrazine systems were evaluated due t o  

t h e  r e l a t i v e l y  high t h r u s t  and impulse requirements needed f o r  deo rb i t  a t t i t u d e  

con tr  o 1. 

and cold gas ni t rogen.  2 4  

The d i s c o n t i n u i t y  i n  t h e  curves r e s u l t s  from t h e  maximum a e r o s h e l l  diameter 

l i m i t  of 14.5 f t .  

t h a t  t h e  active c o n t r o l  systems are l i g h t e r  than t h e  s p i n / a c t i v e  systems 

throughout t h e  f u l l  range of capsule  weights considered. Although t h e  mono- 

p rope l l an t  N2H4 systems o f f e r  a weight advantage f o r  both active and s p i n /  

active con t ro l ,  t h e  system dry weights are nea r ly  i d e n t i c a l  up t o  a capsule  

weight of 2000 l b ,  w i th  only a s i x  pound advantage i n  favor  of t h e  N H 

system f o r  a 5000 l b  capsule.  

weight would be less than 3.5 l b .  

Using a deorb i t  AV of 450 f t / s e c  as a base l ine ,  i t  i s  seen 

2 4  
The r e s u l t i n g  v a r i a t i o n  i n  s u r f a c e  payload 

A t t i t u d e  c o n t r o l  system weights f o r  t h e  l i q u i d  p rope l l an t  deo rb i t  systems 

A comparison of t hese  f i g u r e s  are compared i n  Figures  3.2.7-13 and -14. 

i l l u s t r a t e s  t h e  f a c t  t h a t  use of gimballed engine t h r u s t  vec to r  c o n t r o l  (TVC) 

r e s u l t s  i n  a weight savings except a t  low deorb i t  A V ' s  (250 f t / s e c ) .  

R e l i a b i l i t y  - F a i l u r e  rate d a t a  used i n  t h i s  study were obtained from o t h e r  

programs employing s i m i l a r  components and design. R e l i a b i l i t y  estimates f o r  

each of t h e  a t t i t u d e  c o n t r o l  concepts are presented i n  Table 3.2.7-6 f o r  capsule  

weights of 1000 and 5000 l b .  

cold gas concepts provide g r e a t e r  r e l i a b i l i t y  than monopropellant N2H4. 

thermore, t h e  s p i n / a c t i v e  concept has  a r e l i a b i l i t y  advantage over t h e  a l l -  

For t h e  s o l i d  p rope l l an t  d e o r b i t  systems, t h e  

Fur- 
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TABLE 3.2!71-6 

ATTITUDE CONTROL SYSTEM RELIABILITY COMPARISON 

RELIABILITY 
SOLID PROPELLANT DEORBIT SYSTEM 1000 L B  CAPSULE 5000 L B  CAPSULE 

0 COLD GAS N2 = A L L  ACTIVE .9959 .9965 
COLD GAS N2 - SPIN/ACTIVE .9964 .9965 
MONOPROPELLANT N2H4 - A L L  ACTIVE 

0 MONOPROPELLANT N2H4 - SPIN/ACTIVE I .9916 
.9925 

.9933 

.9933 

LIQUID PROPELLANT DEORBIT SYSTEM 
0 COLD GAS N2 - A L L  ACTIVE .9963 .9966 
.COLD GAS N2 - WITH GIMBALLED ENGINE TVC .9959 .9964 
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active technique, due t o  a fewer number of l i m i t  cyc l e  valve ac tua t ions .  

Comparing t h e  c o n t r o l  techniques f o r  l i q u i d  p r o p e l l a n t  d e o r b i t  systems, i t  is  

seen t h a t  t h e  a l l  a c t i v e  concept possesses a s l i g h t  advantage over t h e  active/ 

TVC concept. 

- Cost - Preliminary c o s t  estimates were obtained from prospect ive vendors 

f o r  development, q u a l i f i c a t i o n  and d e l i v e r y  of s i x  f l i g h t  systems. 

were ad jus t ed  t o  reflect t o t a l  program c o s t  (vendor c o s t  p lus  system in t eg ra -  

t i o n ,  mission support  and f e e ) .  

These d a t a  

Concept Estimated Program Cost-$ Mi l l i on  

Cold G a s  N2 2.37 

Monopropellant N,H, 4.95 

Cold G a s  N2/TVC 

Although t h e  d a t a  do n o t  

adequate f o r  t h e  purpose 

weights evaluated,  t h e s e  

L 4  
2.87 

r e f l e c t  charges f o r  s t e r i l i z a t i o n ,  they are considered 

of system comparison. Also, f o r  t h e  range of capsule  

c o s t s  are s u b j e c t  t o  only minor change. 

Development S t a t u s  - Extensive development and f l i g h t  experience on 

several app l i cab le  programs provide confidence i n  t h e  a p p l i c a b i l i t y  of cold 

gas n i t r o g e n  and monopropellant hydrazine t o  r e a c t i o n  c o n t r o l  concepts. Cold 

gas N w a s  employed i n  Ranger, Mariner, Lunar O r b i t e r ,  Surveyor and Agena. 

Hydrazine systems were incorporated on Ranger, Mariner, I n t e l s a t ,  and ATS, 

and w i l l  perform t h e  a t t i t u d e  c o n t r o l  func t ion  f o r  Transtage,  The technology 

advancement r e s u l t i n g  from t h e s e  programs i s  a p p l i c a b l e  t o  t h e  cu r ren t  study. 

Developed engines t h a t  are near  t h e  required t h r u s t  levels are ava i l ab le .  

2 

The major development problems are r e l a t e d  t o  t h e  in-tank s t e r i l i z a t i o n  

requirements. S t e r i l i z a t i o n  of a cold gas system w i l l  cause high s t o r a g e  tank 

p res su res  inc reas ing  leakage p o t e n t i a l .  Control components common t o  cold gas 

and hydrazine systems are a l s o  s u b j e c t  t o  performance degradation, r equ i r ing  

c a r e f u l  c o n t r o l  of material s e l e c t i o n ,  design t o l e r a n c e s ,  and process s p e c i f i -  

ca t ions .  Test ing a t  JPL and McDonnell has  demonstrated the  f e a s i b i l i t y  of 
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s t e r i l i z i n g  hydrazine systems. 

p o s i t i o n  and care must b e  exe rc i sed  I n  s e l e c t i n g  materials and e s t a b l i s h i n g  

processing operat ions.  

p o s i t i v e  expulsion tankage. 

However, hydrazine is  s u b j e c t  t o  thermal decom- 

Of p a r t i c u l a r  importance i s  t h e  development of 

3.2.7.2.4 Summary: A summary of t h e  t r a d e  s t u d i e s  performed i s  pre- 

sented i n  Table 3.2.7-7. Due t o  d i f f e r e n t  design requirements,  c o n t r o l  schemes 

f o r  s o l i d  and l i q u i d  p rope l l an t  d e o r b i t  systems were evaluated sepa ra t e ly .  

For a s o l i d  p rope l l an t  d e o r b i t  system, t h e  N H 

advantage. However, cold gas is more r e l i a b l e ,  less c o s t l y ,  and w i l l  r e q u i r e  

less development t i m e .  Spin-active mechanizations are s l i g h t l y  more r e l i a b l e  

than t h e  all-active concepts and, although heav ie r  from a propuls ion stand- 

p o i n t ,  they may provide s i g n i f i c a n t l y  l i g h t e r  f l i g h t  capsules by e l imina t ing  

guidance power requirements during descent.  For t h e  l i q u i d  p rope l l an t  

deo rb i t  systems, gimballed engine t h r u s t  v e c t o r  c o n t r o l  w a s  evaluated due 

t o  a p o t e n t i a l  weight advantage over an a l l - a c t i v e  system. 

w a s  confirmed i n  t h e  analyses .  However, i n s t a l l a t i o n  of t h e  gimbal servo- 

a c t u a t o r s  d e t r a c t s  s l i g h t l y  Erom t h e  high r e l i a b i l i t y  afforded by t h e  a l l -  

a c t i v e  system. Se lec t ion  of t h e  p r e f e r r e d  a t t i t u d e  con t ro l  system f o r  var ious 

conceptual design concepts i s  made i n  Sect ion 3 . 3 . 1  based upon an i n t e g r a t e d  

eva lua t ion  of t h e  guidance and c o n t r o l ,  e lectr ical ,  and propulsion concepts. 

concepts possess a weight 2 4  

This assumption 
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3 . 2 . 7 . 3  Terminal Propulsion System. - The terminal  propulsion system 

(TPS) provides the f i n a l  braking r equ i r ed  f o r  s o f t  landing on t h e  s u r f a c e  of  

Mars. Previous s t u d i e s  have shown t h a t  t h i s  is  b e s t  accomplished using an 

ea r th - s to rab le  l i q u i d  p r o p e l l a n t  system employing mul t ip l e  t h r o t t l e a b l e  engines 

( e . g . ,  Surveyor). Design of t h e  TPS depends upon l ande r  weight,  t h e  a l t i t u d e  

and v e l o c i t y  a t  which the  engines are i g n i t e d ,  and t h e  type of t e rmina l  guid- 

ance l o g i c  employed. 

e s t a b l i s h  t h e  near-optimum i g n i t i o n  a l t i t u d e  and p re fe r r ed  terminal  guidance 

mode, based on propuls ion cons ide ra t ions  only,  and Second, t o  eva lua te  candi- 

d a t e  propuls ion system designs on t h e  b a s i s  of weight ,  r e l i a b i l i t y ,  c o s t ,  

development s t a t u s ,  and i n t e r a c t i o n s  wi th  o t h e r  capsule  systems. The r e s u l t s  

are used t o  support  system s e l e c t i o n s  f o r  t h e  po in t  designs covered i n  Sect ion 

4.0.  The following paragraphs con ta in  t h e  system requirements,  a d e s c r i p t i o n  

of t he  candidate  design concepts,  and a d i scuss ion  of t h e  concept t r a d e  s t u d i e s .  

The purpose of t h i s  s e c t i o n  is  two-fold: F i r s t ,  t o  

3 . 2 . 7 . 3 . 1  Requirements: The TPS must provide t h e  t h r u s t  and t o t a l  

impulse needed f o r  t h e  s o f t  landing of instrumented payloads on t h e  Mars 

surface.  The lander  v e h i c l e  varies from 500 t o  3000 Ear th  l b  f o r  t h e  range 

of capsule weights considered. I n  a d d i t i o n  t o  t h e  dece le ra t ed  mass, system 

requirements are con t ro l l ed  by t h e  a l t i t u d e  and v e l o c i t y  a t  which the  system 

i s  i n i t i a t e d .  

t h e  i g n i t i o n  region is  bounded by t h e  VM-10 atmospheric model (with parachute) ,  

landing r a d a r  l i m i t a t i o n s ,  and a maximum engine t h r o t t l e  r a t i o  of 1O:l. 
v e l o c i t y  a t  i g n i t l o n  is the r e s u l t a n t  of t h e  h o r i z o n t a l  wind and v e r t i c a l  

descent v e l o c i t y  vectors .  For these  s t u d i e s ,  t he  minimum i g n i t i o n  v e l o c i t y  

is  based on e n t r y  i n t o  t h e  VM-10 atmosphere without winds and the  maximum 

i g n i t i o n  v e l o c i t y  on e n t r y  i n t o  the VM-7 atmosphere with continuous winds. The 

t h r o t t l e  r a t i o  l i m i t a t i o n  is  based on demonstrated technology of monoporpellant 

and b i p r o p e l l a n t  systems. (All t h r o t t l e  r a t i o s  s p e c i f i e d  i n  t h i s  s tudy provide 

a margin f o r  a t t i t u d e  c o n t r o l  by d i f f e r e n t i a l  t h r o t t l i n g  of mul t ip l e  engines;  

a 20% c o n t r o l  margin I s  provided a t  deep t h r o t t l e ,  while  a 10% margin i s  pro- 

vided a t  rqax. t h r u s t . )  

con f igu ra t ion  and must no t  cause i n t e r a c t i o n s  with o t h e r  capsule systems t o  

t h e  e x t e n t  t h a t  mission o b j e c t i v e s  are jeopardized. 

The i g n i t i o n  envelope is  presented i n  Figure 3.2.7-15,  where 

The 

The system design must be compatible wi th  t h e  l ande r  
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1 
3.2.7.3.2 Candidate design concepts:  Monopropellant and b i p r o p e l l a n t  

designs were evaluated f o r  t he  terminal propuls ion system. 

l e n t s ,  only hydrazine (N2H4) o f f e r s  s u f f i c i e n t l y  high performance t o  be con- 

s ide red  f o r  t h i s  app l i ca t ion .  

compared wi th  b i p r o p e l l a n t  systems are high r e l i a b i l i t y ,  low c o s t ,  s h o r t  

development t i m e ,  and minimum i n t e r a c t i o n  wi th  t h e  landed science.  I n  a d d i t i o n ,  

compa t ib i l i t y  tests a t  McDonnell and systems tests a t  JPL have demonstrated t h e  

f e a s i b i l i t y  of  h e a t  s t e r i l i z i n g  N2H4 systems. 

Of the  monopropel- 

Advantages of monopropellant N2H4 systems as 

The b i p r o p e l l a n t  system o f f e r s  s i g n i f i c a n t  weight advantages over alter- 

n a t e  concepts. Furthermore, a f i r m  t echno log ica l  base f o r  b i p r o p e l l a n t  t h r o t -  

t l i n g  a p p l i c a t i o n s  has been e s t a b l i s h e d  as a r e s u l t  of engine developments f o r  

Surveyor ana t h e  Apollo Lunar Module. 

na t ions ,  monomethyl hydrazine (MMW) and n i t rogen  t e t r o x i d e  (N2O4) were s e l e c t e d  

f o r  t h i s  s tudy.  This combination o f f e r s  good performance and a l a r g e  backlog 

of a p p l i c a b l e  space engine experience.  A l so ,  p rope l l an t /ma te r i a l s  compati- 

b i l i t y  t e s t i n g  a t  McDonnell and systems level tests a t  Martin-Denver have 

demonstrated the  f e a s i b i l i t y  of h e a t  s t e r i l i z i n g  MMH/N2O4 systems. 

Of several candidate  p rope l l an t  combi- 

Detai led schematics of the candidate  monopropellant and b i p r o p e l l a n t  

systems are presented i n  Figure 3.2.7-16. As i l l u s t r a t e d ,  a three-engine 

conf igu ra t ion  w a s  assumed f o r  t h i s  study. 

descent is  achieved by d i f f e r e n t i a l  engine t h r o t t l i n g ,  and r o l l  c o n t r o l  i s  

obtained by hinge gimballing one engine. 

b e s t  compromise f o r  achieving the  des i r ed  performance a t  minimum complexity. 

Pitch/yaw c o n t r o l  during terminal  

This conf igu ra t ion  r ep resen t s  t h e  

Both c a t a l y t i c  and thermal decomposition chambers w e r e  considered f o r  t h e  

candidate  N2H4 engine designs.  

weight advantage f o r  t h r u s t  l e v e l s  i n  excess of 300 l b f ,  and t h e  p o t e n t i a l  of 

improved performance throughout t h e  f u l l  t h r o t t l e  range. Its primary disad- 

vantage lies i n  ob ta in ing  proper i g n i t i o n .  The chamber must be  heated t o  a t  
least 500'F t o  promote thermal decomposition of t h e  p rope l l an t .  If a chemical 

(ox id i ze r  s l u g )  start  i s  used f o r  chamber p rehea t ,  ho t  f i r e  acceptance t e s t i n g  

of the engine is impossible without undue compromise t o  t h e  design o r  mission 

r e l i a b i l i t y .  I f  a s m a l l ,  c a t a l y t i c  r e a c t o r  is provided f o r  m u l t i - s t a r t  capa- 

b i l i t y ,  t he  r equ i r ed  preheat  t i m e  tends t o  be excessive (approximately 5 s e c ) .  

Preliminary test r e s u l t s  on thermal decomposition chambers a t  TRW are encour- 

The thermal decomposition concept o f f e r s  a 
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1 
I 

aging b u t  t he  c a t a l y t i c  decomposition chamber possesses the g r e a t e s t  backlog 

of development experience and w a s  t h e r e f o r e  s e l e c t e d  f o r  t h e  system t r a d e  

s t u d i e s .  

l a n t  concepts are shown i n  Figure 3.2.7-17. 
Weight and envelope comparisons of t h e  monopropellant and bipropel-  

3.2.7.3.3 Trade s t u d i e s :  Trade s t u d i e s  were conducted t o  compare descent 

guidance modes and terminal propuls ion concepts. 

Descent Guidance Mode - Within t h e  i g n i t i o n  a l t i t u d e  - v e l o c i t y  envelope 

of Figure 3.2.7-15, t h r e e  candidate  terminal  guidance modes (adapt ive,  pre- 

programmed, and modified pre-programmed) were evaluated.  

Terminal propuls ion system design depends upon t h e  weight of t h e  l ande r ,  

t he  a l t i t u d e  and v e l o c i t y  a t  which t h e  engines are i g n i t e d ,  and t h e  type of 

command guidance l o g i c  employed. 

t h r u s t  (hence, s m a l l  engines) f o r  d e c e l e r a t i o n ,  but  p rope l l an t  requirements 

are l a r g e  because of t h e  high p o t e n t i a l  energy of  t h e  lander  a t  i g n i t i o n .  

Reducing t h e  i g n i t i o n  a l t i t u d e  reverses t h e  t rend:  p rope l l an t  requirements 

decrease b u t  engine th r i i s t  levels must i nc rease  t o  remove t h e  same v e l o c i t y  

increment over a smaller a l t i t u d e  range. This suggests  a trade-off between 

engine weight and p r o p e l l a n t  weight t o  a r r i v e  a t  a minimum weight propulsion 

system. 

below f o r  each of t h e  t h r e e  guidance techniques. 

A high i g n i t i o n  a l t i t u d e  r e q u i r e s  low engine 

The descent sequence and propulsion opt imizat ion s t u d i e s  are presented 

o Adaptive Guidance - I n  i t s  s i m p l i s t  form, t h e  adapt ive guidance mode 

uses information from t h e  landing r ada r  t o  compute t h e  dece le ra t ion  t h r u s t  

which must b e  appl ied t o  simultaneously reduce lander  range and range rate t o  

zero. The descent p r o f i l e  t h e r e f o r e  appears as a constant  dece le ra t ion  on 

a range-velocity p l o t .  The guidance technique, as used i n  t h i s  a n a l y s i s ,  i s  

a l t e r e d  s l i g h t l y  by terminat ing t h e  dece le ra t ion  phase when a l l  but  10 f t l s e c  

of t he  l ande r  v e l o c i t y  is removed a t  a nominal a l t i t u d e  of 60 f t .  A t  t h i s  

p o i n t ,  t h e  terminal  propuls ion system is t h r o t t l e d  t o  a thrust-to-weight of 

one, permit t ing t h e  lander  t o  descend a t  constant  v e l o c i t y  t o  an a l t i t u d e  of 

10 f t .  The engines are then shu t  down and t h e  lander  f a l l s  t o  t h e  surface.  

Normalizing TPS requirements f o r  lander  m a s s ,  F igure 3.2.7-18 shows the  

t o t a l  impulse (p rope l l an t )  and t h r o t t l e  r a t i o  needed t o  d e c e l e r a t e  t he  lander  
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t o  a s o f t  landing from any given set of i g n i t i o n  condi t ions  ( a l t i t u d e  and 

ve loc i ty ) .  

t o  t h e  t h r u s t  requirements f o r  t h e  f i n a l ,  constant-veloci ty  descent.  

phase of t h e  descent  sequence e s t a b l i s h e s  t h e  minimum commanded t h r u s t ,  i.e., 

a thrust-to-weight of one, while  t h e  maximum is  set by t h e  dece le ra t ion  requi re -  

ments from t h e  range and v e l o c i t y  condi t ions a t  i g n i t i o n .  

t o  minimum t h r u s t  is t h e  t h r o t t l e  r a t i o  required f o r  powered descent.  To t h i s  

must be added t h r o t t l e  margins f o r  ve loc i ty  sensing e r r o r s  and inaccurac ies  i n  

the  pred ic ted  lander  touchdown weight. Also, s u f f i c i e n t  t h r o t t l i n g  c a p a b i l i t y  

must e x i s t  about t h e  commanded thrust-to-weight range t o  permit p i t c h  and yaw 

c o n t r o l  through d i f f e r e n t i a l  t h r o t t l i n g  of t he  mul t ip l e  engines. 

ses which follow, t h r u s t  levels w e r e  s e l ec t ed  t o  provide a minimum commanded 

dece le ra t ion  of .8 g (Mars); a t t i t u d e  con t ro l  margins about t h e  commanded high 

and low t h r u s t  levels w e r e  e s t ab l i shed  a t  10% and 20%, respec t ive ly .  

The c o r r e l a t i o n  between t h r o t t l e  r a t i o  and t h r u s t  level is keyed 

This  

The r a t i o  of maximum 

I n  t h e  analy- 

Figure 3.2.7-19 shows the  propuls ion system weight opt imizat ion f o r  an 

i g n i t i o n  ve loc i ty  of  425 f t / s e c  and lander  weights of 1000 and 3000 lb .  

U t i l i z i n g  t h e  impulse and t h r o t t l e  r a t i o  requirements presented i n  Figure 

3.2.7-18, i g n i t i o n  a l t i t u d e  w a s  var ied  i n  order  t o  i d e n t i f y  t h e  po in t  a t  which 

minimum propulsion system weight i s  achieved. 

t h r o t t l e  r a t i o  is  r e l a t i v e l y  i n s e n s i t i v e  t o  lander  weight. The optimum t h r o t t l e  

r a t i o  i s  a l s o  seen t o  be less f o r  t h e  monopropellant system than f o r  t h e  bi-pro- 

pe l l an t .  This r e s u l t  r e f l e c t s  t he  f a c t  t h a t  monopropellant engines are 

c h a r a c t e r i s t i c a l l y  heavier  than b ip rope l l an t  engines ,  and c o n s t i t u t e  a g r e a t e r  

f r a c t i o n  of t o t a l  system weight. There is, the re fo re ,  a weight advantage i n  

i g n i t i n g  t h e  monopropellant system a t  a h igher  a l t i t u d e  than the  b ip rope l l an t ,  

thereby reducing t h e  t h r u s t  requirement a t  the  s a c r i f i c e  of added impulse. 

It is  seen t h a t  t h e  optimum 

The above opt imizat ion was repeated f o r  a number of i g n i t i o n  v e l o c i t i e s  

and t h e  r e s u l t s  are summarized i n  Figure 3.2.7-20. 

o Pre-Programmed Guidance - The landing approach f o r  t h i s  mode is pro- 

grammed i n t o  t h e  guidance computer t o  provide a scheduled descent  based on a 

constant  r a t i o  of range-to-velocity.  

e f f ec t ed  above t h e  descent switching l i n e .  Following i g n i t i o n ,  t h e  engines 

I g n i t i o n  of t h e  propuls ion system is 
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are t h r o t t l e d  t o  permit t h e  l ande r  t o  accelerate a t  .2g (Mars) un t i l  t h e  switch- 

i n g  l i n e  is a t t a i n e d .  

order  t o  maintain the pre-programmed r a t i o  of range-to-velocity. 

adapt ive mode, descent from 60 f t  is a t  a constant  10 ft/sec. 

descent p r o f i l e  is  shown i n  Figure 3.2.7-21, which a l s o  shows t h e  impulse 

and t h r o t t l e  r a t i o  requirements as a funct ion of i g n i t i o n  condi t ions.  

The rea f t e r ,  t h e  t h r u s t  level is con t inua l ly  ad jus t ed  i n  

Like t h e  

A t y p i c a l  

The opt imizat ion technique employed f o r  t h e  pre-programmed guidance mode 

d i f f e r s  from t h e  adap t ive  mode, and i s  i l l u s t r a t e d  i n  Figure 3.2.7.3-22 f o r  a 

1000 l b  l ande r  employing a b i p r o p e l l a n t  TPS. 

func t ion  of descent p r o f i l e  s lope  (pre-programmed range-to-velocity r a t i o )  f o r  

va r ious  i g n i t i o n  v e l o c i t i e s .  The descent p r o f i l e  s l o p e  which r e s u l t s  i n  mini- 

mum te rmina l  propuls ion system e s t a b l i s h e s  t h e  near-optimum t h r o t t l e  r a t i o  and 

i g n i t i o n  a l t i t u d e .  

Resul ts  f o r  both propuls ion concepts are summarized i n  Figure 3.2.7-23. 

System weight i s  p l o t t e d  as a 

This a n a l y s i s  w a s  repeated f o r  t h e  monopropellant system. 

o Modified Pre-Programmed Guidance - I n  examining t h e  a l t i t u d e - v e l o c i t y  

p l o t s  f o r  t h e  above guidance modes ( see  Figures  3.2.7-18 and 3.2.7-Zl), it can 

be  seen from t h e  impulse-to-mass requirements t h a t  t h e  pre-programmed mode is  

t h e  more e f f i c i e n t  a t  low v e l o c i t i e s  wh i l e  t h e  adap t ive  i s  more e f f i c i e n t  

f o r  high v e l o c i t i e s .  

v e l o c i t y  regime independently. A t  low v e l o c i t i e s ,  t h e  adapt ive guidance l o g i c  

provides a t h r u s t  command which at tempts  t o  d e c e l e r a t e  t h e  veh ic l e ,  i nc reas ing  

the  descent t i m e  from a given a l t i t u d e .  The propuls ion system is  t h e r e f o r e  

required t o  compensate f o r  t h e  l a r g e  g r a v i t y  l o s s .  

condi t ion,  t h e  pre-programmed guidance allows t h e  v e h i c l e  v e l o c i t y  t o  inc rease  

by commanding a thrust-to-weight less than one u n t i l  i n t e r c e p t  of t h e  switch- 

i ng  l i n e .  Consequently, t h e  descent  t i m e ,  and t h e r e f o r e  t h e  g r a v i t y  l o s s ,  is  

less, r e s u l t i n g  i n  a l i g h t e r  propuls ion system. A t  high i g n i t i o n  v e l o c i t i e s ,  

t h e  relative values  on descent t i m e  are reversed. The adap t ive  guidance 

commands a high constant- thrust  burn (except f o r  adjustments t o  compensate f o r  

v e h i c l e  mass) f o r  t h e  f u l l  d e c e l e r a t i o n  maneuver while  t h e  pre-programmed mode 

r equ i r e s  t h a t  t h e  engine be  con t inua l ly  throt t led-back i n  o r d e r  t o  maintain a 

l i n e a r  r e l a t i o n s h i p  between range and v e l o c i t y .  Obviously, t h e  l a t te r  concept 

r equ i r e s  a longer b u m  t o  remove t h e  same v e l o c i t y  increment. 

The reason f o r  t h i s  can be  explained by reviewing each 

For t h e  same i g n i t i o n  
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The modified pre-programmed mode combines t h e  b e s t  c h a r a c t e r i s t i c s  of each 

of t h e  above guidance schemes. 

pre-selected r e l a t i o n  between range and v e l o c i t y  governs t h e  descent p r o f i l e .  

However, i n s t e a d  of a l i n e a r  r e l a t i o n  between range and v e l o c i t y ,  a pa rabo l i c  

r e l a t i o n  is  used. 

of two w a s  employed i n  t h i s  study. 

c o n s t r a i n t s  are imposed on i g n i t i o n  a l t i t u d e .  

switching curve, the lander  i s  allowed t o  accelerate a t  .2g (Mars) u n t i l  the 

curve is  i n t e r s e c t e d .  Then, a d e c e l e r a t i o n  f o r c e  equivalent  t o  a thrust- to-  

weight r a t i o  of two is appl ied.  I f ,  on t h e  o t h e r  hand, i g n i t i o n  occurs below 

the  switching curve, maximum t h r u s t  is commanded u n t i l  t h e  switching curve is 

i n t e r s e c t e d .  

S imi l a r  t o  t h e  pre-programmed guidance mode, a 

A descent  curve corresponding t o  a thrust-to-weight r a t i o  

A s  w a s  t h e  case f o r  t h e  adapt ive mode, no 

I f  i g n i t i o n  occurs above t h e  

The TPS requirements f o r  the modified pre-programmed guidance are shown 

i n  Figure 3.2.7-24. The opt imizat ion procedure employed f o r  t h i s  technique is  

i d e n t i c a l  t o  t h e  adap t ive  mode and r e s u l t s  are summarized i n  Figure 3.2.7- 25 

o Guidance Mode Comparisons - Due t o  t h e  l a c k  of p r e c i s e  knowledge about 

t he  Martian atmosphere, t h e  terminal  propuls ion system must possess s u f f i c i e n t  

v e r s a t i l i t y  t o  s a t i s f y  a wide range of v e l o c i t i e s .  

obtained while  on t h e  parachute would be  of quest ionable  value i n  t h e  presence 

of wind g u s t s ,  i t  is  assumed t h a t  system i n i t i a t i o n  w i l l  b e  t r i gge red  by a 

range mark, only,  using t h e  altimeter. For t h i s  study a maximum design v e l o c i t y  

of 425 f t / s e c  w a s  e s t a b l i s h e d  based on t h e  VM-7 atmosphere wi th  continuous 

winds. The minimum achievable  v e l o c i t y  during ae rodece le ra t ion  w a s  set a t  

150 f t / s e c  based on the  VM-10 atmosphere without winds. To i l l u s t r a t e  t h e  

e f f e c t  of v e l o c i t y  on TPS design f o r  a constant  i g n i t i o n  a l t i t u d e ,  monopropel- 

l a n t  sys temweight  is presented i n  Figure 3.2.7-26 f o r  each of t h e  t h r e e  

guidance modes. A s  seen i n  t h i s  f i g u r e ,  f o r  t h e  adapt ive guidance modes, use 

of a TPS designed f o r  t h e  maximum v e l o c i t y  ( 4 2 5  f t / s e c )  would n o t  s a t i s f y  t h e  

requirements f o r  a minimum i n i t i a t i o n  v e l o c i t y  because of t h e  gravity-induced 

impulse p e n a l t i e s  descr ibed earlier. Hence, p rope l l an t  requirements must be 

e s t a b l i s h e d  based on t h e  lowest achievable  v e l o c i t i e s  while  t h r o t t l e  r a t i o  

must b e  s u f f i c i e n t  t o  s a t i s f y  the maximum design v e l o c i t y .  

no t  encountered i f  pre-programmed o r  modified pre-programmed guidance modes are 

employed. 

p r e f e r r e d  from a propuls ion s tandpoint  s i n c e  i t  a f f o r d s  t h e  lowest TPS weight. 

Since v e l o c i t y  measurements 

This paradox is 

Of t h e  l a t te r  two concepts,  t h e  modified pre-programmed mode is 
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Sys tern Concept Comparison - The monopropellant and b i p r o p e l l a n t  con- 

f i g u r a t i o n s  are compared i n  t h e  following s e c t i o n s  on t h e  b a s i s  o f  weight and 

performance, r e l i a b i l i t y ,  c o s t ,  development s t a t u s ,  and system i n t e r a c t i o n s .  

o Weight and Performance - System weight f o r  bo th  t h e  monopropellant and 

b i p r o p e l l a n t  conf igu ra t ions  i s  presented i n  Figure 3.2.7-27 as a func t ion  of 

lander  weight f o r  t h e  modified pre-programmed guidance mode. 

based on t h e  optimum t h r o t t l e  r a t i o  and i g n i t i o n  a l t i t u d e  der ived i n  t h e  previ-  

ous sec t ion .  A t  t h e  r eques t  of t h e  NASA (LRC), system weights were a l s o  evalu- 

a t e d  f o r  a t h r o t t l e  r a t i o  of 1 O : l  i n  o rde r  t o  provide margin f o r  capsule  growth. 

I g n i t i o n  w a s  assumed t o  occur a t  lower a l t i t u d e  than f o r  t h e  optimum t h r o t t l e  

r a t i o ,  t o  maintain high performance and reduce t h e  t o t a l  impulse requirement. 

The r e s u l t s  are presented i n  Figure 3.2.7-28. For t h e  range of l ande r  weights 

considered, t h e  monopropellant system i s  s i g n i f i c a n t l y  heav ie r  than t h e  bipro- 

p e l l a n t  system. 

Weights are 

Estimated vacuum s p e c i f i c  impulse as used i n  the  system t r a d e  s t u d i e s  i s  

shown i n  Figure 3.2.7-29.as a func t ion  of t h r u s t  r a t i o  f o r  both t h e  monopropel- 

l a n t  and b i p r o p e l l a n t  systems. 

5 mb ambient p re s su re ,  and then used t o  eva lua te  mission-average s p e c i f i c  

impulse f o r  each of t he  guidance modes previously considered. 

These d a t a  w e r e  ad jus t ed  assuming a constant  

o Development S t a t u s  - The terminal  propulsion system has been categorized 

i n  t h i s  s tudy as a long l e a d  t i m e  i t e m .  

f i c a t i o n  w i t h i n  approximately t h r e e  yea r s  from Phase D go-ahead t o  meet a 

launch i n  1973. 

The program r e q u i r e s  complete qual i -  

Heat s t e r i l i z a t i o n  and engine t h r o t t l i n g  r ep resen t  t he  g r e a t e s t  develop- 

S t e r i l i z a t i o n  t e s t i n g  t o  eva lua te  l i q u i d  p rope l l an t /ma te r i a l s  I ~ I C I I  t: prd) lems. 

compa t ib i l i t y  has  been accomplished a t  JPL, Martin-Marietta, and McDonnell. 

Furthermore, h e a t  s t e r i l i z a t i o n  of a b i p r o p e l l a n t  (MMH/N204) propulsion system 

bv  Martin and a monopropellant N2H4 system by JPL has  demonstrated t h e  f eas i -  

b i l i t y  of s t e r i l i z i n g  f l i g h t  systems. 

decomposition are t h e  major problems a s soc ia t ed  w i t h  l i q u i d  p rope l l an t  sterili- 

za t ion  and s to rage .  

n i t rogen  t e t r o x i d e  a t  t h e  s t e r i l i z a t i o n  temperature. 

Material compa t ib i l i t y  and p rope l l an t  

Titanium is t h e  only m e t a l  known t o  be  compatible wi th  

Titanium should a l s o  b e  
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used f o r  N H 

seals exposed t o  N204 during s t e r i l i z a t i o n  should b e  avoided. 

required,  a d d i t i o n a l  development work must b e  done. Teflon is  t h e  b e s t  

candidate  f o r  seal material. 

and MMH tankage t o  minimize p r o p e l l a n t  decomposition. Elastomeric 2 4  
I f  seals are 

T h r o t t l i n g  is  considered t o  be  t h e  most c r i t i ca l  problem i n  s e l e c t i o n  of 

t h e  engine. 

technique f o r  achieving t h r o t t l e  r a t i o s  i n  excess of 5 : l  i n  b i p r o p e l l a n t  engines. 

The concept has been fl ight-proven on t h e  Apollo Lunar Module Descent Engine 

(LMDE) and t h e  LANCE m i s s i l e .  

design approach, s i n c e  t h e  flow c o n t r o l  funct ion is  separated from t h e  high 

temperature i n j e c t o r  by inco rpora t ion  of upstream c a v i t a t i n g  v e n t u r i  t h r o t t l e  

valves. they c o n t r o l  p rope l l an t  flow rate 

t o  t h e  engine,  and they decouple t h e  feed system from chamber o r  i n j e c t o r  mani- 

f o l d  p re s su re  o s c i l l a t i o n s ,  thereby minimizing t h e  p o s s i b l i t y  of o v e r a l l  system 

i n s t a b i l i t y .  

N2H4-UDMH) and N204, i t s  a d a p t a b i l i t y  t o  MMH-N204 has a l s o  been demonstrated. 

The LMDE employs a concen t r i c  tube i n j e c t o r  element which inhe ren t ly  provides 

high combustion s t a b i l i t y ,  as demonstrated by "bomb" tests over t h e  f u l l  

t h r o t t l e  range. 

T h r o t t l i n g  by varying t h e  i n j e c t o r  area i s  t h e  most developed 

The LMDE concept r ep resen t s  t h e  more conservat ive 

These valves  serve two funct ions:  

Although t h e  LMDE has been q u a l i f i e d  using Aerozine 50 (50/50 

The LANCE s u s t a i n e r  has been t h r o t t l e d  over 5 0 : l  using IRFNA and UDMH, bu t  

when i t  w a s  operated with Aerozine 50 and N2O4, seve re  e ros ion  of t h e  t h r o a t  

and p i n t l e  occurred i n  approximately 11 seconds. 

modif icat ion,  t h e  engine cannot b e  r e f i r e d ,  s i n c e  h e a t  soak back after engine 

shutdown warps t h e  i n j e c t o r  p rope l l an t  flow c o n t r o l  r i n g  beyond use.  

c a p a b i l i t y  i s  required i n  lander  a p p l i c a t i o n s  f o r  p re - f l i gh t  test purposes.) 

Furthermore, without extensive 

(Res t a r t  

Due t o  i t s  high level of design maturi ty  and inherent  high s t a b i l i t y  

margins, t h e  LMDE t h r o t t l e  concept is p r e f e r r e d  f o r  b i p r o p e l l a n t  app l i ca t ions .  

Monopropellant t h r o t t l i n g  technology is s t i l l  i n  i t s  e a r l y  s t a g e s  of 

development. However, s i n c e  only one p rope l l an t  is  employed, c o n t r o l  of in-  

j e c t i o n  v e l o c i t y  is n o t  as c r i t i ca l  as it  is  f o r  b i p r o p e l l a n t  engines. F e a s i b i l -  

i t y  t e s t i n g  performed by several manufacturers has demonstrated t h r o t t l e  r a t i o s  
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up t o  l O : l ,  us ing simple upstream flow con t ro l .  

problems have been uncovered which tend t o  l i m i t  t h r o t t l e  range. During f u l l  

t h r u s t  operat ion,  t h e  bed loading must be l i m i t e d  t o  avoid excessive c a t a l y s t  

bed p res su re  drop, which could r e s u l t  i n  crushing of t h e  c a t a l y s t  p a r t i c l e s .  

Ca ta lys t  crushing may r e s u l t  i n  t h e  generat ion of "fines" and subsequent l o s s  

of c a t a l y s t  from the r e a c t i o n  chamber which can cause very rough operat ion.  

A l s o ,  a t  low t h r u s t  t h e  c a t a l y s t  bed p res su re  drop is low pe rmi t t i ng  t h e  pro- 

p e l l a n t  t o  s eek  p r e f e r e n t i a l  pa ths  (channeling) between c a t a l y s t  p a r t i c l e s .  

This cond i t ion  r e s u l t s  i n  l i m i t e d  c a t a l y s t  wet t ing.  Therefore,  i g n i t i o n  

with a co ld  bed should be  r e s t r i c t e d  t o  f u l l  t h r o t t l e  s e t t i n g s  t o  avoid flood- 

ing  o r  excessive i g n i t i o n  p res su re  spikes .  

Nevertheless,  a few design 

o R e l i a b i l i t y  - F a i l u r e  rate d a t a  u t i l i z e d  i n  t h i s  s tudy were obtained from 

o t h e r  programs employing similar components and design. 

cannot b e  app l i ed  d i r e c t l y  t o  p l ane ta ry  landing missions because more s t r i n g e n t  

requirements w i l l  b e  imposed by s t e r i l i z a t i o n  and long t e r m  space s to rage ,  they 

are s a t i s f a c t o r y  f o r  re la t ive system comparisons. Table 3.2.7-8 shows a reli- 

a b i l i t y  estimate of ,988 f o r  t h e  monoporpellant system and .979 f o r  t h e  bipro- 

p e l l a n t .  

Although these  da t a  

o Cost - T o t a l  program c o s t s  were est imated f o r  both monopropellant and 
b i p r o p e l l a n t  systems based upon development, q u a l i f i c a t i o n  and de l ive ry  of s i x  

systems. Relative c o s t s  are compared i n  Figure 3.2.7-30 as a funct ion of t o t a l  

capsule weight. A s  i l l u s t r a t e d  f o r  a lander  weight of 1000 l b ,  b ip rope l l an t  

system c o s t s  are approximately 60% h ighe r  than monopropellant c o s t s .  

o System I n t e r a c t i o n s  - The terminal  propulsion system engine exhaust i n t e r -  

acts wi th  t h e  capsule  and landing s i te .  

capsule  systems r e s u l t  from exhaust plume/radar i n t e r f e r e n c e ,  and v e h i c l e  base 

hea t ing  due t o  exhaust r e c i r c u l a t i o n .  The major landing s i t e  i n t e r a c t i o n s  are 

exhaust contamination, e ros ion ,  and s u r f a c e  heat ing.  

The primary i n t e r a c t i o n s  w i t h  t h e  

Free e l e c t r o n s  i n  rocket  exhaust plumes can cause i n t e r f e r e n c e  with 

electromagnet ic  waves o r i g i n a t i n g  from v e h i c l e  guidance and communication 

systems. 

which could i n t e r a c t  with t h e  landing r a d a r  causing wave a t t e n u a t i o n ,  phase 

The terminal  engine exhausts are p o t e n t i a l  sources of f r e e  e l e c t r o n s  
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FIGURE 3.2.7-30 
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s h i f t ,  no i se ,  r e f l e c t i o n ,  o r  r e f r a c t i o n .  The p r i n c i p a l  f a c t o r s  determining t h e  

degree of i n t e r f e r e n c e  are f r e e  e l e c t r o n  concentrat ion,  e l e c t r o n  c o l l i s i o n  

frequency, t r a n s m i t t i n g  frequency, and plasma depth. Ana ly t i ca l  c a l c u l a t i o n s  

of r a d a r  wave a t t e n u a t i o n  i n  rocket  exhausts ,  assuming only thermal i o n i z a t i o n  

of t h e  gaseous spec ie s ,  have compared favorably with experimental  measurements. 

The predominant c o n t r i b u t o r s  t o  thermal i o n i z a t i o n  a t  t y p i c a l  rocket  chamber 

flame temperatures are chemical spec ie s  t h a t  possess low i o n i z a t i o n  p o t e n t i a l s ,  

s p e c i f i c a l l y  t h e  a l k a l i  metals. 

u sua l ly  p re sen t  i n  the form of p rope l l an t  and a b l a t i v e  nozzle material contam- 

inan t s .  

u sua l ly  accounts f o r  t h e  bulk of f r e e  e l e c t r o n s .  Potassium and sodium concen- 

t r a t i o n s  i n  t h e  T i t a n  I1 p r o p e l l a n t s  (N204 and Aerozine 50) are l i s t e d  below: 

Small amounts of sodium and potassium are 

Their  presence,  even i n  concentrat ions of a few p a r t s  p e r  m i l l i o n ,  

1.0 - 1.7 Aerozine 50 .2  - .5 

Data on t h e  impurity levels i n  MMH and N2H4 were no t  a v a i l a b l e ,  but  i t  has  been 

assumed t h a t  impuri ty  concentrat ions are similar t o  Aerozine 50. 

chamber temperatures i n  t h e  N2H4 r e a c t o r  (1800'F compared wi th  5100°F f o r  MMH 

and N204) t h e  degree of i o n i z a t i o n  is  s l i g h t ,  y i e l d i n g  lower e l e c t r o n  d e n s i t i e s  

and c o l l i s i o n  frequencies  than a b i p r o p e l l a n t  engine of comparable s i z e .  

Due t o  lower 

The three-engine conf igu ra t ion  evaluated i n  t h i s  study introduces a 

p o t e n t i a l  f o r  exhaust r e c i r c u l a t i o n  o r  backflow when t h e  highly expanded jets 

impinge on one another .  A s  a r e s u l t  of shock p a t t e r n s  and a t t endan t  p re s su re  

g rad ien t s  generated by the  i n t e r s e c t i n g  plumes, a po r t ion  of t h e  rocket  exhaust 

gases i n  t h e  plume boundaries i s  forced back toward t h e  veh ic l e  base.  This 

reverse flow gives  rise t o  base hea t ing .  

base hea t ing  would b e  s i g n i f i c a n t l y  less f o r  a N2H4 engine system than f o r  a 

b i p r o p e l l a n t .  

Due t o  lower j e t  t o t a l  temperatures,  

Analyses conducted during t h e  Voyager Phase B Study and reported i n  NASA 

CR-89678 showed t h a t  r ada r  wave a t t e n u a t i o n  and base hea t ing  f o r  a four  engine 

b i p r o p e l l a n t  configurat ion w e r e  w i th in  acceptable  l i m i t s .  Therefore ,  t hese  

e f f e c t s  should no t  pose a s i g n i f i c a n t  problem f o r  e i t h e r  of t h e  candidate  con- 

f i g u r a t i o n s  employed as a b a s e l i n e  i n  t h i s  study. 
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Contamination and alteration of the landing site cannot be avoided with 

either of the concepts considered. 

exhaust contains water vapor and undersirable carbonaceous products which could 

interfere with on-site scientific measurements; the hydrazine engine contains 
neither. 

lower jet stagnation temperatures. 

On the other hand, the bipropellant engine 

Surface heating is also less for the monopropellant concept due to 

3 . 2 . 7 . 3 . 4  Summary: Studies reported in this section show that the 

modified pre-programmed terminal guidance mode, as compared with other 

candidate guidance schemes, permits a significant reduction in propulsion 
system weight over the full range of capsule weights studied (1000-5000 lb). 

Using the modified pre-programmed guidance mode as a baseline, evaluations of 
candidate monopropellant and bipropellant terminal propulsion systems were 
conducted considering weight, reliability, cost, development status, and 
interactions with other capsule systems. A summary of these evaluations is 

presented in Table 3.2.7-9. For small landers, the hydrazine monopropellant 

system offers many advantages. 
and minimum interaction with the landed science. 

that it is heavier than the bipropellant systems over the full spectrum of 

capsule weight. 

pre-programmed guidance mode should not pose unacceptable development risk for 

either propulsion concept. 

Among these are high reliability, l o w  cost, 
The major disadvantage is 

The relatively low throttle ratios required for the modified 

Final selection of a preferred terminal propulsion system must be based 
on a consideration of combined aerodynamic (parachute or aerodynamic inflatable 

decelerator - AID) and propulsive deceleration schemes. This evaluation is 

made in Section 3 . 3 . 1 .  
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SYSTEM 

MONO- 
PROPELLANT 
N2H4 

DTAL CAPSULE WEIGHT 

IO00 L B  5000 L B  

150 681 

137 503 
BIPROPELLAN' 
MMH/N$I4 

,988 

,979 

TABLE 3.2.7-9 
TERMINAL PROPULSION SYSTEM TRADE STUDY SUMMARY 

(MODIFIED PREP ROGRAMMED CUI DANC E) 

1000 1 8  , 

.78 

1.34 

3PTIMUM 
HROTTLI 

RATIO - 

4.31 

5000 L B  

2.13 

2.80 4.86 

- 

OPTIMUM 
IGNITION 
LTITUDE, F' 

8400 

7300 

SYSTEM WEIGHT, LBS I RELIABILIT' RELATIVE COST' 

OTAL CAPSULE WEIGH1 

* VALUES SHOWN ARE REFERENCED TO THE COST OF A MONOPROPELLANT 
TERMINAL PROPULSION SYSTEM FOR AN 873 L B  LANDER 
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3.2.8 AUXILIARY AERODYNAMIC DECELERATOR - Decelerat ion of t h e  capsule  t o  

a v e l o c i t y  (% 400 f t / s e c )  compatible w i t h  a minimum s i z e  terminal  propuls ion 

system w i l l  l i m i t  t h e  maximum capsule  b a l l i s t i c  parameter (m/C$) t o  va lues  of 
2 t h e  o rde r  of  0.05 s l u g s l f t  . Since t h i s  b a l l i s t i c  parameter does n o t  allow 

s u f f i c i e n t  weight f o r  reasonable diameter capsules ,  use of an a u x i l i a r y  aero- 

dynamic d e c e l e r a t o r  is  necessary.  

3.2.8.1 Requirements. - The candidate  a u x i l i a r y  d e c e l e r a t o r  must s a t i s f y  

c e r t a i n  requirements. These include : 

o The Mach number and thermodynamic performance of  t h e  system must be 

compatible with deployment i n  the low dens i ty  Martian environment. 

o I n f l a t i o n  and dece le ra t ion  must b e  compatible with t h e  t e rmina l  

propuls ion system required f o r  s o f t  landing. 

o The d e c e l e r a t o r  and suspended weight must be aerodynamically s t a b l e .  

o The d e c e l e r a t o r  system must be  light-weight. 

o The d e c e l e r a t o r  must package t o  a s m a l l  volume i n  the  capsule. 

o The d e c e l e r a t o r  system must minimize t o t a l  system cost .  

o Development t i m e  must be compatible w i t h  t h e  1973 launch opportunity.  

I n  add i t ion ,  a promising technique f o r  s epa ra t ing -  t he  a e r o s h e l l  from the  

landing configurat ion is t o  use t h e  a u x i l i a r y  d e c e l e r a t o r  t o  p u l l  t h e  l ande r  

out of  t h e  ae roshe l l .  I f  t h i s  s epa ra t ion  technique i s  used, t h e  b a l l i s t i c  

parameter of t h e  d e c e l e r a t o r  must be smaller than t h e  a e r o s h e l l ' s  i n  o rde r  t o  

p reven t recon tact . 
3.2.8.2 Candidate concepts. - The primary concepts which have been con- 

s ide red  are t h e  parachute and a tucked-back Attached I n f l a t a b l e  Decelerator  

System (AIDS), based on s t u d i e s  made f o r  VOYAGER Phase B,  NASA CR-8976. 

concepts, i nc lud ing  r i g i d  o r  i n f l a t a b l e  con ica l  a e r o s h e l l  extension,  d rag  

brakes,  t o r i ,  and r o t o r s ,  are beyond t h i s  study. The AIDS provides a 

p res su r i zed  d e c e l e r a t o r  ope ra t ing  i n  t h e  primary flow f i e l d  wi th  a rear open- 

i n g  t o  the  lander  s t r u c t u r e  f o r  deo rb i t  motor attachment.  The parachute 

ope ra t e s  i n  the wake flow f i e l d .  Some parachute experience has  been gained 

from t h e  Planetary Entry Parachute Program (PEPP), t o  simulate t h e  Martian 

Other 
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'> operat ion.  Three types of  parachutes (disk-gap-hand, c r o s s  and r i n g s a i l ) ,  

were used i n  these  tests. 

3.2.8.3 Performance. - The primary measure of t h e  d e c e l e r a t o r  performance 

is i t s  d rag  c o e f f i c i e n t .  E s t i m a t e s  f o r  t h e  AIDS (based on i n f l a t e d  cross-sec- 

t i o n a l  area, excluding fence)  are presented i n  Figure 3.2.8-1. 

design purposes, a parachute d r a g  c o e f f i c i e n t  of 0.6 (based on t o t a l  s u r f a c e  

area, inc lud ing  gaps) is c o n s i s t e n t  w i t h  PEPP d a t a  and i s  used i n  th i s  study. 

The r a t i o  o f  suspension l i n e  l eng th  t o  parachute diameter i s  1.3. 

the  PEPP d a t a  a l s o  shows t h a t  t he  parachute drag c o e f f i c i e n t  is  r e l a t i v e l y  

constant  with Mach number once f u l l  i n f l a t i o n  i s  a t t a i n e d .  

po ros i ty  parachute such as the  r i n g s a i l ,  t h e  drag c o e f f i c i e n t  (CD,), based 

on e s s e n t i a l  c l o t h  area, i s  equivalent  t o  0.7. 

r i n g s a i l  has been assumed t o  be constant  w i th  parachute s i z e ,  so long as t h e  

number of sa i ls  is kep t  constant .  

based on i ts  i n f l a t e d  c ros s - sec t iona l  area as on t h e  AIDS, then i t  would be 

about 1.3. 

For prel iminary 

Analysis of  

For a 15 pe rcen t  

The drag c o e f f i c i e n t  of t h e  

I f  t h e  parachute drag c o e f f i c i e n t  w e r e  

The use of t h e  parachute has been l i m i t e d  t o  less than Mach 2.0 by t h e  

c o n s t r a i n t s  of  t h i s  study. 

speeds. 

l i m i t  on t h e  material s t r eng th .  

b a l i i s t i c  parameter are shown i n  Figure 3.2.8-2 . 
of 300'F a t  t h e  aeroshell-AIDS i n t e r f a c e  are considered t o  be  l i m i t i n g  values  

because of t h e  r ap id  degradation of s t r e n g t h  with inc reas ing  temperature. 

V e r y  l i t t l e  experimental  d a t a  e x i s t s  a t  higher  

The speed l i m i t  on the  AIDS a c t u a l l y  corresponds t o  a temperature 

The l i m i t s  on deployment a l t i t u d e  w i t h  

Local equi l ibr ium temperatures 

The PEPP program provides experimental  d a t a  i n  a low dens i ty  environment 

similar t o  t h a t  expected i n  the  Martian atmosphere. This d a t a  w a s  used f o r  

parametric and p o i n t  design s t u d i e s .  A summary of t h e  canopy weights,  f i l l  

t i m e ,  and opening shock f a c t o r s  i s  presented i n  Figures 3.2.8-3 through -5. 

I n  ou r  analyses ,  t h e  parachute nominal diameter,  Do, is based on t h e  e s s e n t i a l  

canopy c l o t h  area, So (excluding gaps). 

d a t a  c o r r e l a t i o n  than t h a t  based on t o t a l  s u r f a c e  area ( including gaps). 

This d e f i n i t i o n  provided a b e t t e r  

Figure 3.2.8-3 p re sen t s  canopy weights versus  nominal diameter (Do) f o r  

t he  t h r e e  types o f  PEPP parachutes.  

an Earth environment are provided f o r  comparison. The f a i r e d  l i n e  through t h e  

PEPP d a t a  w a s  used f o r  canopy weight design and r e f l e c t s  t h e  more conservat ive 

Weight curves f o r  a r i n g s a i l  canopy i n  
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design requirements f o r  Martian entry.  

p re s su res  between 7 and 12 psf a t  f u l l  i n f l a t i o n .  Maximum dynamic p res su re  

f o r  Mach 2 deployment a t  23 000 f t  w a s  shown i n  Figure 3.1.4-13 t o  b e  below 

15 ps f .  

The PEPP designs were based on dynamic 

Figure 3.2.8-4 p re sen t s  a c o r r e l a t i o n  of i n f l a t i o n  f i l l  t i m e s  from t h e  

The d i s t a n c e  PEPP d a t a  i n  terms of d i s t ance  r a t i o  and mass r a t i o  parameters. 

r a t i o  parameter from mortar f i r e  t o  f u l l  i n f l a t i o n  i s  f i t t e d  as a constant ,  

40, and t h e  same parameter referenced t o  t h e  t i m e  from t h e  beginning of in- 

f l a t i o n  (deployment bag s t r i p )  t o  f u l l  i n f l a t i o n  is  13. The la t ter  agrees  

very w e l l  w i th  p r e d i c t i o n s  f o r  i n f i n i t e  mass condi t ions.  

Cor re l a t ion  of t h e  opening shock f a c t o r  as a funct ion of t he  mass r a t i o  

parameter a t  deployment is  presented i n  Figure 3.2.8-5. A more d e t a i l e d  

a n a l y s i s  would be required t o  account f o r  t h e  d i f f e r e n c e  i n  dynamic p res su re  

g rad ien t  from deployment t o  f u l l  i n f l a t i o n  i n  t h e  Martian atmosphere as 

compared t o  the  g rad ien t  i n  t h e  Earth-based s imulated tests. S l i g h t l y  higher  

opening loads would occur i n  the  Martian atmosphere. I n  t h e  event t h a t  the 

opening shock loads as shown i n  Sect ion 3.3.1.2.4 are excessive,  f u r t h e r  

i n v e s t i g a t i o n  w i l l  be necessary t o  eva lua te  t h e  t r a d e  between heav ie r  con- 

s t r u c t i o n  and r e e f i n g  f o r  s p e c i f i c  designs.  

I n  a d d i t i o n  t o  t h e  parachute canopy, t h e  d e c e l e r a t o r  system inc ludes  a 

riser assembly, parachute deployment bag, c a t a p u l t  and attachment s t r u c t u r e ,  

The weight of t hese  items is  ca l cu la t ed  as a funct ion of canopy weight, aero- 

s h e l l  diameter, i n i t i a l  loads and d i f f e r e n t i a l  drag. Weight d i s t r i b u t i o n  of 

t he  d e c e l e r a t o r  system i s  i l l u s t r a t e d  f o r  a t y p i c a l  case i n  

d e t a i l e d  d e s c r i p t i o n  i s  a v a i l a b l e  i n  McDonnell' s VOYAGER Capsule Phase B 

Study Report, NASA CR 89673 and CR 89688. 

Figure 3.2.8-6; 
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3.2.9 AEROSHELL - The a e r o s h e l l  d e c e l e r a t e s  t h e  e n t r y  capsule  and pro- 

vides  thermal p r o t e c t i o n  t o  t h e  capsule  during b a l l i s t i c  e n t r y  i n t o  t h e  Martian 

atmosphere. 

s p h e r i c a l  nose r a d i u s  equal  t o  one-half t h e  base radius .  

has t h e  c a p a b i l i t y  t o  s u s t a i n  e n t r y  loads and t h e  h e a t  s h i e l d  provides thermal 

p r o t e c t i o n  f o r  the a e r o s h e l l  s t r u c t u r e  and o t h e r  systems of t h e  capsule  during 

entry.  

It is  a 60 degree half-angle  sphere-cone configurat ion,  with a 

The a e r o s h e l l  s t r u c t u r e  

An extensive parametr ic  s tudy of both t h e  a e r o s h e l l  s t r u c t u r e  and t h e  h e a t  

s h i e l d  w a s  conducted during t h e  VOYAGER Phase B s t u d i e s  (NASA CR-89677). 

Resul ts  of t hose  s t u d i e s  w e r e  used as a b a s i s  f o r  t h e  parametric s t u d i e s  pre- 

sented here. Small weight savings could poss ib ly  be  r e a l i z e d  by r e i n v e s t i g a t i o n  

of Phase B concepts f o r  smaller veh ic l e s ,  bu t  t h i s  d e t a i l e d  a n a l y s i s  w a s  consid- 

ered unwarrented f o r  t h i s  parametric study. 

3.2.9.1 Summary of Phase B s tud ie s .  - Screening of f o r t y  s t r u c t u r a l  con- 

f i g u r a t i o n s  l e d  t o  chosing t h r e e  promising candidates  which w e r e  s tud ied  i n  

g r e a t e r  depth. 

nesium r ing - s t i f f ened  monocoque, and t i t an ium semi-monocoque with aluminum 

r ings.  The l i g h t e s t  conf igu ra t ion  w a s  t h e  beryl l ium sandwich; however, i t  w a s  

not  s e l e c t e d  because of t h e  c o s t  and d i f f i c u l t y  of f a b r i c a t i n g  and inspect ing 

such a l a r g e  sandwich s t r u c t u r e .  The magnesium r ing - s t i f f ened  monocoque w a s  

e l iminated because of t h e  numerous r i n g s  and t h e  s u s c e p t i b i l i t y  of magnesium 

t o  corrosion. 

l o n g i t u d i n a l l y  corrugated t i t an ium s h e l l  with i n t e r n a l  aluminum r ings.  

have high confidence i n  t h i s  concept because of success fu l  f l i g h t  experience 

with similar s p a c e c r a f t  s t r u c t u r e .  

They w e r e  t h e  beryl l ium sandwich with an aluminum core,  mag- 

Our s e l e c t e d  concept t h e r e f o r e  consis ted of a single-faced, 

W e  

Approaches i n v e s t i g a t e d  f o r  thermal p ro tec t ion  of t h e  a e r o s h e l l  included 

metallic r a d i a t i v e  (both ho t  and cold s t r u c t u r e ) ,  h e a t  s ink ,  i n s u l a t i n g  non- 

a b l a t o r s ,  high d e n s i t y  cha r r ing  a b l a t o r s ,  low temperature sublimers,  and low 

d e n s i t y  cha r r ing  a b l a t o r s .  

t h e  l i g h t e s t  system weight t h a t  could meet t h e  wide range of a n t i c i p a t e d  e n t r y  

condi t ions.  

nominal e n t r y  w a s  considered. 

Each of t h e s e  approaches w a s  assessed t o  select 

I n  add i t ion ,  t h e  f l e x i b i l i t y  of each approach t o  accept  an o f f -  

3.2.9- 1 



Evaluat ion of t h e  var ious  approaches r e l a t i v e  t o  weight,  s t e r i l i z a t i o n  and 

decontamination s u s c e p t i b i l i t y ,  low temperature and hard vacuum e f f e c t s ,  RF 

t ransparency,  f a b r i c a t i o n ,  handling, c o s t ,  and f l i g h t  experience showed t h a t  

t he  low dens i ty  char r ing  a b l a t o r s  provide the l i g h t e s t  weight w i th  a minimum 

number of problems expected i n  t h e i r  l i f e  cyc le  preceding en t ry .  

i zed  non-ablative app l i ca t ions  on t h e  vehicle, such as t h e  area around atmo- 

sphe r i c  sampling p o r t s ,  t h e  l o w  dens i ty  ceramics w e r e  p refer red .  Hardened 

compacted f i b e r s  w e r e  s e l e c t e d  f o r  t h e  non-ablative nose cap. 

thermal c u r t a i n  w a s  used f o r  thermal p ro tec t ion  of t h e  a e r o s h e l l  base areas. 

For spec ia l -  

A s i l i c a  c l o t h  

Thi r teen  low dens i ty  a b l a t o r s  w e r e  s e l e c t e d  as candidates .  Extensive test 

programs w e r e  conducted f o r  t hese  candidate  materials, t o  a i d  i n  t h e  f i n a l  

s e l e c t i o n  prccess .  

tests w e r e  conducted t o  sub jec t  t h e  materials t o  most aspects of t h e  t o t a l  

mission environment, including f a b r i c a t i o n ,  s t e r i l i z a t i o n ,  launch v i b r a t i o n ,  

space vacuum pressures ,  and simulated e n t r y  hea t ing .  

t he  recommended a b l a t o r s  included McDonnell S-20T, a chemically blown s i l i c o n e  

elastomer i n  phenol ic  g l a s s  honeycomb t h a t  is  pre-bonded t o  t h e  a e r o s h e l l  s t ruc -  

t u r e  wi th  HT-424 adhesive.  

make weight p red ic t ions  f o r  t h e  numerous combinations of e n t r y  condi t ions.  

A l a r g e  number of thermal,  mechanical and environmental 

I n  t h e  f i n a l  eva lua t ion  

The McDonnell S-20T has been used i n  t h i s  s tudy t o  

I n  a similar eva lua t ion  process  f o r  nose cap materials, hardened compacted 

f i b e r s  (HCF) of a luminos i l i ca t e  w e r e  s e l ec t ed .  This  f i b e r  m a t  material has  uni- 

form s t r e n g t h  throughout i t s  th ickness .  The HCF material is bonded t o  t h e  sub- 

s t r u c t u r e  wi th  HT-424, o r  with HT-435 adhesive when low RF t ransmission l o s s  i s  

a requirement. Thermal performance of HCF exposed t o  the  Martian e n t r y  hea t ing  

rates has  been shown by tests t o  equal  o r  exceed the  performance of t h e  se l ec t ed  

low dens i ty  ab la to r s .  For the mild Martian e n t r y  hea t ing  environment, t he  low 

dens i ty  a b l a t o r s  and the  HCF both behave pr imar i ly  as high temperature i n s u l a t o r s ,  

with t h e  vas t  major i ty  of incoming hea t  being r e j e c t e d  by su r face  r ad ia t ion .  

3.2.9.2 Requirements. - I n  add i t ion  t o  the  fundamental requirements s t a t e d  

earlier, t h e  ae roshe l l  a l s o  provides s t r u c t u r a l  support  f o r  t he  capsule  support  

equipment ( en t ry  sc ience ,  altimeter antennas,  RCS system) and t h e  lander ,  and 

provides  a clean (non-ablative) and geometr ical ly  s t a b l e  region on the  s p h e r i c a l  

nose cap where the  e n t r y  sc i ence  instrument p o r t s  are i n s t a l l e d .  

3.2.9-2 



2. 

Entry i n t o  the  Mars atmosphere is  t h e  most s i g n i f i c a n t  mission phase i n  

Def in i t i on  of t he  design requirements include:  the design of  t h e  ae roshe l l .  

a) 

b)  

Se lec t ion  of t he  e n t r y  c o r r i d o r  and atmospheric models. 

Determination of maximum loading and maximum h e a t i n g  condi t ions.  

c) Descr ipt ion of p re s su re  and hea t ing  d i s t r i b u t i o n s  over t h e  v e h i c l e  

s u r f a c e  and base regions,  i nc lud ing  angle-of-attack e f f e c t s .  

Establishment of e n t r y  sc i ence  requirements. d) 

Variables  having a s i g n i f i c a n t  i n f luence  on a e r o s h e l l  weight are l i s t e d  

i n  Figure 3.2.9-1 along with t h e  range of values  considered i n  t h i s  s tudy and 

a d e f i n i t i o n  of  t h e  e n t r y  co r r ido r .  

As shown, design condi t ions f o r  the s t r u c t u r e  and t h e  h e a t  s h i e l d  occur 

a t  opposi te  corners  of t h e  e n t r y  co r r ido r .  Furthermore, peak load occurs i n  

t h e  VM-8 atmosphere and maximum t o t a l  hea t ing  i n  odd numbered VM atmospheres 

(e.g., VM-9). Thus, t h e  maximum temperature a t  t h e  bondline of t h e  a b l a t o r  

and s t r u c t u r e  does not  occur simultaneously wi th  maximum loads.  

s t r u c t u r a l  i n t e g r i t y  of t h e  adhesive used t o  bond t h e  a b l a t o r  t o  t h e  s t r u c t u r e ,  

t h e  h e a t  s h i e l d  i s  designed t o  l i m i t  t h e  maximum bondline temperature t o  800°F. 

VOYAGER s t u d i e s  showed c l e a r l y  t h a t  t h e  s e l e c t e d  s t r u c t u r a l  concept is  c r i t i ca l  

f o r  t h e  maximum loading cond i t ion  r a t h e r  than f o r  t h e  maximum hea t ing  condition. 

To i n s u r e  

Weight parametr ics  discussed below are f o r  t h e  f u l l  e n t r y  co r r ido r  and 

The e f f e c t s  of  changing t h e  co r r ido r  f o r  t he  f u l l  range of VM atmospheres. 

o r  t h e  environment are discussed i n  Sect ion 3.4. 

3.2.9.3 S t ruc tu re .  - The s t r u c t u r a l  conf igu ra t ion  used f o r  t h i s  s tudy 

i s  a t i t an ium single-faced , l o n g i t u d i n a l l y  corrugated s h e l l  with i n t e r n a l  

aluminum r i n g s ,  as shown i n  Figure 3.2.9-2. 

a forward and a f t  s e c t i o n  mechanically joined a t  t h e  payload r ing.  

s e c t i o n  c o n s i s t s  of a 0.008 inch t i t an ium 6A1-4V o u t e r  s k i n ,  st i tch-welded 

t o  a 0.008 inch  corrugated i n n e r  skin.  

o u t e r  skin.  

The con ica l  po r t ion  c o n s i s t s  of 

Each 

The a b l a t o r  i s  bonded t o  t h e  smooth 

This conf igu ra t ion  i s  designed without t h e  need f o r  a hoop l o a d  pa th  i n  

the skin.  Each corrugat ion,  p l u s  i t s  e f f e c t i v e  s k i n ,  funct ion as an i n d i v i d u a l  
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l o n g i t u d i n a l  beam supported by t h e  r ings .  

are the re f  o r e  beamed l o n g i t u d i n a l l y  t o  the r ings.  

Loads normal t o  t h e  s h e l l  s u r f a c e  

The r i n g s  provide s t a b i l i t y  f o r  c o l l a p s i n g  p res su re  and r e d i s t r i b u t e  

lateral  loads from unsymmetrical p re s su re  i n t o  t h e  o v e r a l l  s h e l l .  

aluminum t r i a n g u l a r  torque boxes composed of t h r e e  caps and two beaded webs, 

with t h e  s h e l l  providing t h e  t h i r d  web. 

They are 

Aluminum bipod t r u s s e s  a t t a c h  t o  t h e  lander  a t  e i g h t  p o i n t s  and t o  t h e  

a e r o s h e l l  payload r i n g  a t  s i x t e e n  equa l ly  spaced po in t s .  

ponent of t h e  bipod loads  a t  t h e  16 a t t a c h  p o i n t s  is  d i s t r i b u t e d  i n t o  t h e  s h e l l  

by a s p l i c e  p l a t e  ad jacen t  t o  t h e  payload ring. The r a d i a l  component is dis-  

t r i b u t e d  i n t o  t h e  s h e l l  by t h e  payload ring. 

The meridional com- 

F i t t i n g s  and b racke t s  a t  the a f t  r i n g  provide support  f o r  t h e  r eac t ion  

con t ro l  jets, and a t r u s s  a t t ached  t o  the  r i n g  a t  t h e  sphere-cone tangency 

provides support  f o r  r e a c t i o n  con t ro l  system equipment. 

The a e r o s h e l l  s t r u c t u r e  is completed when t h e  nose cap i s  a t t ached  t o  t h e  

con ica l  s h e l l  a t  t h e  cone-sphere tangency by a r a d i a l  b o l t  p a t t e r n .  

nose cap i n  t h i s  s tudy,  w e  have used a r e in fo rced  p l a s t i c  sandwich c o n s i s t i n g  of 

hea t  r e s i s t a n t  phenol ic  (HRP) honeycomb core and phenolic f i b e r g l a s s  f a c e  

s h e e t s  as shown i n  Figure 3.2.9-3. 

adhesive (HT-435). The minimum sandwich s e c t i o n  used has  a core t h a t  is  0.26 

inch t h i c k  and f a c e  s h e e t s  t h a t  are each 0.020 inch th i ck .  It is designed t o  

be l a i d  up, cured, and bonded d i r e c t l y  t o  t h e  i n s i d e  s u r f a c e  of t h e  p re fab r i ca t ed  

hea t  s h i e l d ,  i n  one assembly operat ion.  

For t h e  

It i s  assembled with a modified epoxy f i l m  

3.2.9.4 Entry h e a t  p ro t ec t ion .  - The following i s  a summary of t h e  base- 

l i n e  h e a t  p r o t e c t i o n  system used i n  t h i s  study: 

a) The s p h e r i c a l  nose cap is  covered with hardened compacted f i b e r s  (HCF) 
3 of a l u m i n o s i l i c a t e  (dens i ty  = 20 t o  25 l b / f t  ). This material is  

non-ablative and w i l l  no t  contaminate t h e  e n t r y  sc i ence  p o r t s  l oca t ed  

i n  a beryl l ium plug a t  t h e  apex of t h e  nose cap. 

The c o n i c a l  a e r o s h e l l  s u r f a c e  is covered with a low d e n s i t y  foamed 

s i l i c o n e  a b l a t o r ,  McDonnell S-20T (densi ty  = 18 t o  20 l b / f t  ). 

b) 
3 
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c )  The HCF and S-20T are a t t ached  t o  t h e  a e r o s h e l l  s t r u c t u r e  with HT-424 

h i g h  temperature adhesive,  using techniques similar t o  those developed 

f o r  t h e  Gemini h e a t  sh i e lds .  

d) A s i l i ca  c l o t h  thermal c u r t a i n  over  t h e  a e r o s h e l l  base area a i d s  h e a t  

r e t e n t i o n  during o r b i t a l  descent,  p reven t s  overheat ing of  t h e  i n t e r n a l  

equipment during e n t r y ,  and prevents  h e a t i n g  and contamination from 

the  d e o r b i t  motor exhaust products.  

These components are shown i n  Figure 3.2.9-4. 

3.2.9.5 Parametr ic  Studies .  - Weight of t h e  a e r o s h e l l  s t r u c t u r e  w a s  deter-  

mined as a func t ion  of app l i ed  external loads,  s i z e ,  and e n t r y  weight. For 

t h e  maximum loading cond i t ion  discussed i n  Sect ion 3.2.9.2, e x t e r n a l  loads 

(dynamic p res su re )  are p ropor t iona l  t o  t h e  e n t r y  v e h i c l e  b a l l i s t i c  parameter, 

as shown i n  Figure 3.1.3-4. 

T o t a l  a e r o s h e l l  s t r u c t u r a l  weight i s  p r imar i ly  a t t r i b u t a b l e  t o  t h e  s h e l l ,  

r i n g s ,  and l ande r  support  s t r u c t u r e  i n  t h e  c o n i c a l  s e c t i o n  and t h e  f i b e r g l a s s  

sandwich s t r u c t u r e  i n  t h e  nose cap. 

shown i n F i g u r e  3.2.9-5. 

s i z e ,  because of minimum gage cons ide ra t ions  and manufacturing l i m i t a t i o n s .  

For a given diameter a e r o s h e l l ,  i nc reases  i n  s t r u c t u r a l  weight with inc reas ing  

dynamic p res su re  are due p r imar i ly  t o  t h e  r ings .  

weight, al though inf luenced by dynamic p res su re ,  e n t r y  weight, and diameter,  

is  a small p a r t  of t o t a l  a e r o s h e l l  s t r u c t u r a l  weight. 

The combined weight of t h e s e  i t e m s  i s  

These weights are inf luenced p r imar i ly  by a e r o s h e l l  

Lander support  s t r u c t u r e  

Entry h e a t  p r o t e c t i o n  system weight w a s  determined f o r  several combina- 

t i o n s  of system and mission v a r i a b l e s ,  using t h e  s e l e c t e d  hea t  p r o t e c t i o n  

materials and def ined hea t ing  environments. 

weight of l o c a l  hea t  p r o t e c t i o n  has  been reported by Mezines (S. A. Mezines, 

"A Semi-Empirical Method f o r  Cor re l a t ing  t h e  Thermal Performance of Charring 

Ablative Materials ," McDonne11 Company, AIAA Paper No. 68-757, presented a t  

3rd Thermophysics S p e c i a l i s t  Conference, June 24, 1968). 

t he  required a b l a t i v e  u n i t  weight f o r  a s p e c i f i c  i n i t i a l  temperature and 

maximum bondline temperature t o  t h e  t o t a l  h e a t  and h e a t i n g  t i m e  as follows: 

The method used t o  d e f i n e  t h e  

This method relates 

3.2.9-9 
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FIGURE 3.2.9-5 

3.2.9-1 1 



where 
2 

W/A = 

Q = 

8 = Duration of hea t  pulse ,  sec. Defined as t h e  t i m e  t h a t  

Unit weight of e n t r y  h e a t  p r o t e c t i o n  - l b / f t  

Local t o t a l  h e a t  - B t u / f t  2 

t h e  equi l ibr ium s u r f a c e  temperature of t h e  a b l a t o r  

exceeds t h e  s p e c i f i e d  l i m i t i n g  bondline temperature. 

Relat ionship obtained from arc-plasma test  d a t a  

c o r r e l a t i o n s  f o r  s p e c i f i c  materials 

K = 

The powers f o r  t o t a l  h e a t  and h e a t i n g  t i m e  w e r e  der ived from t h e  theory f o r  

composite f l a t  p l a t e s .  The method has been shown t o  be s a t i s f a c t o r y  f o r  non- 

a b l a t i v e  i n s u l a t o r s  and several a b l a t i v e  materials, including the  McDonnell 

S-20T low d e n s i t y  s i l i c o n e  elastomer.  

r e s u l t s  with those  obtained from computerized a b l a t i o n  analyses.  The s e l e c t e d  

materials do n o t  recede when exposed t o  the  Martian hea t ing  environment, which 

is  c o n s i s t e n t  w i t h  t h e  assumptions used i n  t h e  development of  t h e  empi r i ca l  

method. 

It has  been v e r i f i e d  by comparing 

The u n i t  weight f o r  t h e  S-20T a b l a t o r  w a s  computed a t  t h e  sphere-cone 

tangent p o i n t ,  assuming s t a g n a t i o n  po in t  heat ing condi t ions (angle of a t t a c k  = 

30"),  and a t  t h e  o u t e r  edge of t h e  cone assuming t h e  hea t ing  equaled 40% of 

t h e  s t a g n a t i o n  condi t ions.  

and t o t a l  h e a t s  are shown i n  Figure 3.2.9-6 f o r  a nose r ad ius  of one f o o t .  

These p r o f i l e s  are f o r  t h e  thermal design cond i t ion  of Point  A of Figure 3.2.9-1, 

i n  a VM-9 atmosphere. 

temperature a t  t h e  beginning of e n t r y  (800,000 f t ) .  

temperatures were l i m i t e d  t o  a maximum of 640'F (maximum design temperature of 

800°F). 

Design convective and r a d i a t i v e  hea t ing  p r o f i l e s  

The S-20T weights were computed with a 0°F i n i t i a l  

The p red ic t ed  bondline 

Unit weights f o r  t h e  cone were area-averaged and mul t ip l i ed  by t h e  
con ica l  s u r f a c e  area t o  o b t a i n  t o t a l  a b l a t o r  weight using a dens i ty  of 20 l b / f t  3 

The computed a b l a t o r  weight w a s  increased 10% t o  allow f o r  hea t ing  u n c e r t a i n t i e s  

a s soc ia t ed  with non-equilibrium r a d i a t i o n  and l i k e l y  boundary l a y e r  turbu- 

lence during t h e  t e rmina l  po r t ion  of t h e  e n t r y  t r a j e c t o r i e s .  

tached t o  t h e  s t r u c t u r e  wi th  HT-424 adhesive having a u n i t  weight of 0.089 

Ablator i s  at- 

2 l b / f t  . 
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Figure 3.2.9-7 p r e s e n t s  t h e  a b l a t o r  weight as a func t ion  of t h e  a e r o s h e l l  

diameter and b a l l i s t i c  c o e f f i c i e n t  f o r  t h e  maximum hea t ing  cond i t ion  (Point A 

of Figure 3.2.9-1). 

t e c t i o n  weight,  

Aeroshel l  diameter i s  t h e  dominant i n f luence  on h e a t  pro- 

Nominal changes i n  m/CDA a l s o  produce modest changes i n  weight. 

Heat p r o t e c t i o n  f o r  t he  nose cap w a s  computed using t h e  method descr ibed 

earlier. 

surface.  The thermal performance of  HCF w a s  assumed t o  be equivalent  t o  the 

S-20T a b l a t i v e  performance, based on a v a i l a b l e  test r e s u l t s .  Weights w e r e  

based on a HCF d e n s i t y  of 25 l b / f t  . A beryl l ium p lug ,  l oca t ed  a t  the  c e n t e r  

of t h e  nose cap s u r f a c e ,  con ta ins  p o r t s  f o r  e n t r y  sc i ence  atmospheric sample 

co l l ec t ion .  The p lug  weight w a s  computed considering t h e  t o t a l  hea t  s t o r a g e  

and l i m i t i n g  the  maximum beryl l ium temperatures t o  less than 500°F t o  m i n i -  

mize degradation of t h e  e n t r y  sc i ence  measurements. 

s t r u c t u r e  wi th  HT-424 adhesives.  

Stagnat ion po in t  h e a t i n g  condi t ions w e r e  used f o r  the e n t i r e  cap 

3 

The HCF is  a t t ached  t o  t h e  

The nose cap h e a t  s h i e l d  weight required f o r  t he  maximum hea t ing  condi t ion 

versus a e r o s h e l l  diameter and m/C A is  shown i n  Figure 3.2.9-8. 

include t h e  HCF, and beryl l ium plug. The HCF weights w e r e  computed 

with a 0°F i n i t i a l  temperature at e n t r y  (800,000 f t .  a l t i t u d e ) .  The 

pred ic t ed  bondline temperatures were l i m i t e d  t o  a maximum of  640°F (maximum 

design temperature of  800°F). Figure 3.2.9-9 i l l u s t r a t e s  t he  f r a c t i o n  of 

weight reduct ion t h a t  i s  p o s s i b l e  f o r  e i t h e r  t he  HCF material o r  t he  S-20T 

a b l a t o r  when allowable bondline temperatures are changed. 

These weights D 

In a similar manner, h e a t  p r o t e c t i o n  weight can be  reduced i f  a e r o s h e l l  

temperatures lower than -150°F can be accepted during c r u i s e  and o r b i t a l  

descent. Lower a e r o s h e l l  temperatures i n t e r f a c e  with t h e  s t r u c t u r e ,  a b l a t o r  

materials, c r u i s e  thermal c o n t r o l ,  and o t h e r  a e r o s h e l l  systems. Es t ab l i sh ing  a 

lower l i m i t  on a e r o s h e l l  temperature r equ i r e s  a d d i t i o n a l  study. 

V i e  weights of  the i n d i v i d u a l  components of t h e  e n t r y  h e a t  p r o t e c t i o n  

system were combined t o  o b t a i n  a t o t a l  system weight, as shown i n  Figure 

3.2.9-10 f o r  a combination of  a e r o s h e l l  diameters and m/CDA. 

include weight of hea t  p r o t e c t i o n  f o r  nose cap and c o n i c a l  s h e l l ,  adhesives,  

and t h e  a f t  thermal c u r t a i n .  The a f t  thermal c u r t a i n ,  made of s i l i ca  c l o t h ,  

These weights 
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FIGURE 3.2.9-9 
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has a unit weight estimated to be 0.1 lb/ft2, including seams and attachment 

devices. This estimate is based on the weight of the Gemini adapter thermal 
curtain. 

Finally, the total aeroshell weight - structure plus heat protection 
system is shown in Figure 3.2.9-11. 
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3.2.10 LANDING - Safe  d e l i v e r y  of t h e  s u r f a c e  payload r e q u i r e s  coordi- 

nated design of t h e  impact a t t e n u a t i o n  system, t h e  t e rmina l  descent propulsion 

system, t h e  landing r ada r  a l t i m e t e r ,  and t h e  o t h e r  support  systems required t o  

c o n t r o l  descent and landing. This  s e c t i o n  d e s c r i b e s  t h e  c h a r a c t e r i s t i c s  of 

t h e  Uni-Disc landing system. 

3.2.10.1 Requirements. - The requirements e s t a b l i s h e d  f o r  t h i s  s tudy are 

as follows: 

a) 

b)  

The l ande r  must remain up r igh t  during and a f t e r  impact. 

Landings w i l l  b e  l i m i t e d  t o  s u r f a c e  s lopes  of 34" maximum. 

c) The combination of V 

and V = 20 f t / s e c  and VH = 5 f t / s e c  f o r  s t r u c t u r a l  s t r e n g t h  w i l l  be 

used throughout. 

= 16 f t / s e c  and VH = 10 f t / s e c  f o r  s t a b i l i t y ,  V 

V 
(Determined most cr i t ical  i n  VOYAGER Phase B study, 

NASA CR-89673.) 

d) "G" f o r c e s  f e l t  by t h e  payload should no t  exceed 25g. 

e) No a t t e n u a t i o n  i s  contr ibuted by t h e  impact surface.  

f )  The t o t a l  landed weights i nves t iga t ed  vary from 750 t o  1500 pounds. 

3.2.10.2 Uni-Disc s e l e c t i o n .  - Many landing system concepts were i n v e s t i -  

gated p r i o r  t o  and during t h e  Phase B VOYAGER s tudy,  including l i m i t e d  

d i r e c t i o n a l  and omnidirect ional  l ande r s ,  mechanical and pneumatic landing 

systems, and t o r o i d a l  and s p h e r i c a l  shapes. Various legged l ande r s  were 

s tud ied ,  such as a pendulum payload concept, and o t h e r s  similar t o  t h e  Lunar 

Module and Surveyor, as w e l l  as f l a t  d i s c  shaped landers .  Of a l l  those 

s tud ied ,  only t h e  Uni-Disc m e t  t h e  t o t a l  requirement; t he re fo re ,  i t  w a s  

s e l e c t e d  as t h e  landing system f o r  t h i s  study. 

This conf igu ra t ion  i s  b a s i c a l l y  a l a r g e  d i s c  having a low landing 

s i l h o u e t t e ,  which produces a low c e n t e r  of g r a v i t y  and e x c e l l e n t  s t a b i l i t y ,  

and which a t t e n u a t e s  t h e  lander  energy remaining a f t e r  terminal  propuls ion cut- 

o f f .  It c o n s i s t s  of t h e  following components (Figure 3.2.10-1): 

a) A base  platform, which performs t h e  d u a l  funct ion of 1) support ing t h e  

payload and propulsion equipment and 2) providing t h e  backup and carry- 

through s t r u c t u r e  f o r  t h e  impact a t t e n u a t o r  and t ens ion  cab le  assemblies.  
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b)  An impact a t t e n u a t o r  r i n g ,  which is a c y l i n d r i c a l  r i n g  of aluminum 

c e l l u l a r  crushable  material such as "Trussgrid." 

c) Eight t ens ion  cab le  assemblies. 

d) A landing footpad. 

The base platform reacts loads introduced by t h e  a t t e n u a t o r  r i n g  and t h e  

t ens ion  cab le s  by 

s u r f a c e  payload, terminal  descent propulsion system, and o t h e r  support  sub- 

systems required t o  c o n t r o l  descent and landing. 

bending of t h e  r a d i a l  I-beams, and provides  support  f o r  t h e  

3.2.10.3 Landing system operat ion.  - A t  a p o i n t  10 f e e t  above t h e  s u r f a c e  

of Mars, terminal descent  engines are c u t  o f f ,  al lowing t h e  lander  t o  f r e e  f a l l  

from t h a t  height .  

a t t i t u d e  e r r o r  due t o  uneven engine t a i l  o f f ,  t h e  lander  may be r o t a t e d  as much 

as 10" from h o r i z o n t a l  on impact. 

landing on a 34" s lope ,  imposes an equipment i n s t a l l a t i o n  c l ea rance  l i n e  of 44", 
as shown i n  Figure 3.2.10-2. 

Because of t h e  3.5" v a r i a t i o n  i n  t r a j e c t o r y  ang le  and a 2 5 "  

This 10" of l ande r  tilt, when coupled with 

I n  t h e  case of a s t r a i g h t  f l a t  landing a t  zero h o r i z o n t a l  v e l o c i t y  on 

l e v e l  su r f ace ,  t h e  footpad d i s t r i b u t e s  t h e  loads uniformly t o  t h e  crushable  

a t t enua to r .  The a t t e n u a t o r  absorbs s u f f i c i e n t  energy t o  reduce t h e  loads f e l t  

by t h e  s u r f a c e  payload and a s soc ia t ed  equipment during landing t o  t h e  des i r ed  

maximum g level. For t h i s  landing condi t ion,  t h e  e i g h t  tension cable  assemblies 

ca r ry  no loads,  bu t  merely r o l l  up t h e  s l a c k  cable c rea t ed  by t h e  crushing 

a t t enua to r .  The landing r a d a r  antenna, which i s  mounted t o  t h e  bottom c e n t e r  

of t h e  footpad, t h e  f r a n g i b l e  terminal  descent engine nozzles ,  and t h e  r a d a r  

altimeter antenna are crushed during landing. 

For t h e  case of an off-center  landing on a s l o p e  r idge ,  o r  peak, o r  a 

landing with h o r i z o n t a l  v e l o c i t y ,  t h e  landing system ope ra t e s  as follows: 

The off-center  v e r t i c a l  load appl ied t o  t h e  footpad is  r eac t ed  by t h e  

t ens ion  cab le s  and t h e  a t t enua to r .  I f  t h e  s t r u c t u r a l l y  s t i f f  footpad w a s  no t  

r e s t r a i n e d  by t h e  t ens ion  cab le  assemblies,  i t  would begin t o  r o t a t e  about t h e  

a t t e n u a t o r  n e a r e s t  t h e  impact po in t .  This  r o t a t i o n  of t h e  footpad would pu t  

tension loads on t h e  bond between t h e  a t t e n u a t o r  r i n g  and t h e  footpad on t h e  

s i d e  opposi te  t h e  impact p o i n t ,  r e s u l t i n g  i n  s e p a r a t i o n  of a t t e n u a t o r  and 
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footpad, w i th  only l o c a l  crushing of t h e  a t t e n u a t o r  r ing .  

cab le s  prevents  t h i s  s epa ra t ion  and f o r c e s  t h e  crushable  r i n g  t o  crush over 

i t s  e n t i r e  area. 

aga ins t  t h e  a t t e n u a t o r  r i n g  andkeeps t h e  system o p e r a t i o n a l  during bouncing o r  

s l i d i n g  movements. 

Use of t h e  t ens ion  

The one-way r a t c h e t t e d  cab le  pu l l eys  keep t h e  footpad t i g h t  

3.2.10.4 Performance. - Maintaining s t a b i l i t y  during touchdown is t h e  

most demanding requirement on the landing system. 

the  r a t i o  of center-of-gravity weight t o  base diameter (H/R). 

al lowable value f o r  t h i s  r a t i o  is  approximately .6  f o r  success fu l  landing on 

a 34" s l o p e  wi th  t h e  worst  approach v e l o c i t y  condi t ion.  

i s  decreased, t he  al lowable H/R is increased;  see Figure 3.2.10-3. I n  

c a l c u l a t i n g  t h e  l i m i t i n g  H/R values  it is  necessary t o  use i n e r t i a  values  of 

t he  landing veh ic l e ;  f o r  t h i s  landing system, t h e  i n e r t i a s  used w e r e  t hose  of 

t he  capsules  descr ibed i n  s e c t i o n  3.3. Since these  i n e r t i a  va lues  do n o t  

scale with weight i n  a manner which provides exac t  dynamic s i m i l a r i t y  of 

d i f f e r e n t  s i z e  l ande r s ,  t h e  H/R  l i m i t s  vary w i t h  landed weight. 

presented i n  Figure 3.2.10-3 i s  f o r  a landed weight of  780 l b ,  t y p i c a l  of those 

which can support  t h e  minimum mission f o r  the s tudy and 1500 l b ,  t y p i c a l  of t h e  

l a r g e s t  capsule which satisfies the  study c o n s t r a i n t s .  The landing system 

weight r equ i r ed  f o r  t hese  two landed weights is  presented i n  Figure 3.2.10-4 

as a func t ion  of t h e  maximum s lope  t o  be  encountered. The e f f e c t  of landed 

weight on landing system weight i s  shown i n  Figure 3.2.10-5 f o r  34' and 20" 

s lopes.  A d i f f e r e n c e  of about 2% of t h e  landed weight f o r  t h i s  14"  s lope  

d i f f e rence .  

small landers  t o  less than 14% of landed weights of 2000 l b .  

t he  Uni-Disc footpad ranges from 5 t o  7 f e e t .  

general ly  less than 20 g's  f o r  t h e  range of capsule  s i z e s  being considered i n  

t h i s  s o f t  lander  study. 

It is  assured by l i m i t i n g  

The maximum 

A s  t h e  s u r f a c e  s lope  

The da ta  

Landing system weight v a r i e s  from 20% of the  landed weight f o r  

Diameter of 

Landing load f a c t o r s  are 
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3.2. l l  CANISTER AND ADllPTER - The funct ion of t h e  s t e r i l i z a t i o n  Can i s t e r  

i s  t o  maintain s ter i le  condi t ions of t h e  l ande r ,  capsule,  and a s soc ia t ed  equip- 

ment from terminal  s t e r i l i z a t i o n  u n t i l  s epa ra t ion  from t h e  o r b i t e r  i n  Mars o r b i t .  

The adap te r  a t t a c h e s  the capsule t o  t h e  canister i n t e r f a c e  cone which supports  

the f l i g h t  capsule  from t h e  o r b i t e r  u n t i l  separat ion.  The conceptual designs o f  

both the  canister and adapter  are based on t h e  VOYAGER Phase B s t u d i e s  (NASA 

CR-89673). 

a e r o s h e l l  diameter on canister and adapter  weight. 

of t h e  canister and adap te r  are presented i n  Sec t ions  3.2.11.1.3 and 3.2.11.2.3, 

r e spec t ive ly  . 

The p resen t  s tudy shows t h e  in f luence  of f l i g h t  capsule  weight and 

Resul ts  of parametr ic  s t u d i e s  

3.2.11.1 Canister.  - The c a n i s t e r  configurat ion,  shown i n  Figure 3.2.11-1, 

c o n s i s t s  of forward and a f t  aluminum semi-monocoque s h e l l  s t r u c t u r e s ,  mechan- 

i c a l l y  j o i n e d  a t  t h e  f i e l d  j o i n t  r i n g  by a r a d i a l  b o l t  pa t t e rn .  

accomplished a t  t h i s  r i n g  by a dua l  confined explosive sepa ra t ion  device (CESD- 

t h e  device i s  redundant) which i s  sandwiched between the  b o l t  f langes.  

t h e  device is  f i r e d ,  b o l t s  f a i l  i n  tension,  causing t h e  forward c a n i s t e r  s e c t i o n  

t o  separate from t h e  capsule. 

i n s t a l l e d  i n  the c a n i s t e r  t o  prevent excessive i n t e r n a l  pressures .  

Separat ion i s  

When 

A p r e s s u r i z a t i o n  and vent ing (PSrV) system i s  

3.2.11.1.1 Requirements: The c a n i s t e r  must provide a microbiological  

b a r r i e r  t o  prevent contamination of  t h e  enclosed capsule. 

constrained by the  dynamic c h a r a c t e r i s t i c s  of t h e  spacec ra f t  and by t h e  launch 

v e h i c l e  shroud envelope. 

Its diameter i s  

A p r e s s u r i z a t i o n  and ven t ing  system maintains  a p o s i t i v e  p re s su re  d i f f e r -  

e n t i a l  of  a t  least  .5 p s i  between t h e  i n s i d e  of t h e  c a n i s t e r  and t h e  outs ide.  

This p re s su re  d i f f e r e n t i a l  i s  l imi t ed  t o  2.25 p s i  ( t h e  s t r u c t u r e  i s  designed 

f o r  a 3.75 p s i  b u r s t  p re s su re ) .  

up during on-pad ope ra t ions  without vent ing o r  r e q u i r i n g  steri le make-up gas. 

The i n t e r n a l  p re s su re  i s  vented during launch and a scen t ,  and reduced t o  zero 

upon reaching Earth o r b i t .  

The P&V system must t o l e r a t e  temperature build- 

A s epa ra t ion  system i s  required t h a t  completely s e v e r s  t h e  c a n i s t e r  around 

i t s  per iphery while  r e t a i n i n g  the d e b r i s  t o  prevent  contaminated ejecta from 

impacting on Mars. 

3.2.1 1- 1 



CANISTER STRUCTURAL ARRANGEMENT 

INTERFACE CONE 
CAN ISTE R/ADAPTER INTER F AC E 

ADAPTER INSULATION PAD 

ORBITER 
INTERFACE 

3.2.11-2 

FI GURE 3.2.11- 1 
SHEET 1 OF 2 



AL 

CANISTER STRUCTURAL ARRANGEMENT 

PLANE OF SEPARATION 

r A L  RING 

CON F INED E XP LOSl V E 
SEPARATION DEVICE 
(CESD) 

3.2.11-3 

FIGURE 3.2.11-1 
SHEET 2 OF 2 



3.2.11.1.2 System desc r ip t ion :  The c a n i s t e r  s t r u c t u r e  is composed of two 

major s ec t ions  o r  assemblies ,  as shown i n  Figure 3.2.11-1. The forward s e c t i o n  

c o n s i s t s  of an 0.012 inch  aluminum s p h e r i c a l  segment s h e l l  and a t o r o i d a l  

segment ad jacent  t o  t h e  f i e l d  j o i n t  r ing .  

r i ngs  and meridional  s t r i n g e r s .  

f o r  t h e  i n s u l a t i o n  b lanket  covering t h e  external sur face .  

S t i f f e n i n g  is  provided by e x t e r n a l  

These s t r i n g e r s  and r ings  a l s o  provide support  

The a f t  s e c t i o n  mates with t h e  forward s e c t i o n  a t  t h e  f i e l d  j o i n t  r i ng ,  

and i ts  shape and cons t ruc t ion  are similar t o  t h a t  of t h e  forward sec t ion .  

add i t ion ,  t h e  a f t  s e c t i o n  mates with t h e  adapter  and t h e  i n t e r f a c e  cone. 

through t h e  c a n i s t e r  w a l l  are used t o  a t t a c h  t h e  adapter  t o  f i t t i n g s  on t h e  

i n t e r f a c e  cone. The 

i n t e r f a c e  cone t r a n s f e r s  loads from t h e  can i s t e r / adap te r  i n t e r f a c e  t o  t h e  

o r b i t e r .  

of t h e  c a n i s t e r  w a l l .  

j o i n t s  during assembly with RTV-560, a room temperature-curing, e las tomer ic  

sea l ing  compound. 

on o r  i n  t h e  a f t  c a n i s t e r  sec t ion .  

I n  

Bol t s  

The o ther  end of t hese  f i t t i n g s  b o l t s  t o  t h e  o r b i t e r .  

U s e  of t h e  i n t e r f a c e  cone minimizes pene t ra t ion ,  and the re fo re  leakage, 

Leakage is f u r t h e r  minimized by sea l ing  t h e  s t r u c t u r a l  

Most p re s su r i za t ion  and vent  and separa t ion  equipment mounts 

The sepa ra t ion  system provides a w e l l  proven design t o  sepa ra t e  and e j e c t  

t h e  c a n i s t e r  forward s e c t i o n  from t h e  a f t  s e c t i o n ,  Major elements of t h e  

separa t ion  system are shown i n  Figure 3.2.11-2 and inc lude  t h e  following: 

a )  The confined explosive sepa ra t ion  device,  which i s  i n s t a l l e d  i n  grooves 

on each s i d e  of t h e  b o l t s  t h a t  clamp t h e  c a n i s t e r  forward and a f t  

s ec t ions  toge ther .  This device c o n s i s t s  of a mild detonat ing cord 

(MDC), pos i t ioned  by a Teflon ex t rus ion  i n  a s t a i n l e s s  steel tubing 

which is  f l a t t e n e d  t o  t h e  shape of t h e  groove i n  t h e  f i e l d  j o i n t  

f lange .  The CESD i s  made up of two 180' s ec t ions ,  sea led  a t  each end 

f o r  each groove. 

b)  The s t imulus t r a n s f e r  tube,  which contains  an explosive f o r  t r ans fe r -  

r i ng  t h e  de tona t ion  t o  t h e  CESD. 

c )  The electro-explosive device (EED). 
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d) The f i e l d  j o i n t  t i t an ium b o l t s ,  which have t h e i r  head end d r i l l e d  t o  

t h e  depth of  t he  d e s i r e d  break p o i n t  s o  t h a t  t h e  breaking s t r e n g t h  

is predetermined. 

The EED's  are i n i t i a t e d  on r e c e i p t  of  an electrical  s i g n a l ,  followed by 

detonat ion of t h e  s t imu lus  t r a n s f e r  tubes and then t h e  CESD. This detonat ion 

expands t h e  steel tube and exerts a f o r c e  between t h e  clamped f l anges  of t h e  

f i e l d  j o i n t  r i ng ,  which causes t h e  b o l t s  t o  break i n  tension and t h e  forward 

s e c t i o n  of t h e  c a n i s t e r  t o  be e j e c t e d .  

r e t a i n e r  from l eav ing  the  c a n i s t e r  forward h a l f ,  and the  n u t  is  r e t a i n e d  by 

n u t  p l a t e s .  The c a n i s t e r  s e p a r a t e s  a t  a v e l o c i t y  of from 1.25 t o  1 0  f t / s e c .  

The broken b o l t s  are constrained by a 

The p r e s s u r i z a t i o n  and vent  equipment maintains t h e  internal b i o i n t e g r i t y  

of t he  c a n i s t e r  and prevents  t h e  canister s t r u c t u r e  from being overloaded during 

terminal  s t e r i l i z a t i o n  and u n t i l  capsule  sepa ra t ion  i n  Mars o r b i t .  Two redun- 

dan t  components of each major element are incorporated as shown in  Figure 3.2.11-3 

s o  t h a t  no s i n g l e  f a i l u r e  can have c a t a s t r o p h i c  r e s u l t s .  This redundancy i s  

c a r r i e d  i n t o  the  valve systems by having f i l t e r s  i n  series t o  p r o t e c t  t h e  open 

valves. 

The major elements of t h e  P&V equipment are: 

a) Vent values  t o  provide the  c a p a b i l i t y  t o  quickly release t h e  c a n i s t e r  

i n t e r n a l  p re s su re  during launch. 

b) Pressure operated r e l i e f  valves t o  p r o t e c t  t h e  c a n i s t e r  s t r u c t u r e  

i n t e r n a l  p re s su re  from exceeding 2.25 p s i .  

c) Purge and evacuation valves, which are used during decontamination 

and s t e r i l i z a t i o n  cycles  on t h e  ground. 

and remain open t o  bleed o f f  any r e s i d u a l  p re s su re  o r  outgassing. 

They are opened i n  Earth o r b i t  

d) B io log ica l  f i l t e r s ,  placed i n  series with each of t h e  above valves t o  

p r o t e c t  t he  va lve ' s  p e n e t r a t i o n  i n t o  the  s ter i le  c a n i s t e r  i n t e r i o r .  

This b a r r i e r  t o  recontamination is redundant with t h e  valve t o  provide 

a double guard a g a i n s t  recontamination. 

e) D i f f e r e n t i a l  p re s su re  switches provide a signal t o  t h e  Operational 

Support Equipment (OSE) t o  reduce p res su re  on the ground and a signal 
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a f t e r  launch t o  c l o s e  t h e  vent  valves  when d i f f e r e n t i a l  p re s su re  f a l l s  

below .50 p s i .  

The OSE G a s  Serv ic ing  Unit is connected t o  t h e  purge and evacuat ion va lves  

as soon as t h e  c a n i s t e r  i s  closed i n  p repa ra t ion  f o r  t e rmina l  s t e r i l i z a t i o n .  

It maintains  i n t e r n a l  p re s su re  from .5 p s i  t o  2.25 p s i  ( l i m i t  p re s su re ) .  

3.2.11.1.3 Parametr ic  s tudy:  Resul t s  of parametr ic  s t u d i e s  t o  determine 

the  e f f e c t  of f l i g h t  capsule  weight and a e r o s h e l l  diameter on c a n i s t e r  weight 

are shown i n  Figure 3.2.11-4. 

s epa ra t ion  system, and t h e  p r e s s u r i z a t i o n  and vent ing system. 

The c a n i s t e r  weight inc ludes  t h e  s t r u c t u r e ,  t h e  

S t r u c t u r a l  weight con t r ibu te s  t h e  l a r g e s t  po r t ion  t o  t h e  t o t a l  c a n i s t e r  

weight and is  pr imar i ly  inf luenced  by a e r o s h e l l  diameter. S t r u c t u r a l  weight 

inc ludes  weights of t h e  forward and a f t  shel l  s t r u c t u r e s  and t h e  f i e l d  j o i n t  

r ing .  

An 0.012 inch aluminum s k i n  (considered t o  be t h e  minimum material gage 

p r a c t i c a l  f o r  handl ing)  is used f o r  t h e  forward and a f t  s h e l l  s t r u c t u r e .  This 

th ickness  is s u f f i c i e n t  t o  withstand t h e  3.75 p s i  b u r s t  p re s su re  f o r  t h e  range 

of a e r o s h e l l  diameters  i nves t iga t ed  during t h i s  s tudy.  Therefore,  c a n i s t e r  

s t r u c t u r a l  weight i s  pr imar i ly  a func t ion  of a e r o s h e l l  diameter.  However, 

s h e l l  weight is  a l s o  inf luenced by f l i g h t  capsule  weight ,  because of t h e  

e f f e c t s  on a f t  c a n i s t e r  geometry. A s  t h e  f l i g h t  capsule  weight is increased ,  

t he  depth of t h e  a f t  c a n i s t e r  must be  increased  t o  provide more c learance ,  

r e s u l t i n g  i n  a d d i t i o n a l  s h e l l  weight.  

f l i g h t  capsule  weights are p a r t i a l l y  o f f s e t  by a reduct ion  i n  t h e  weight of t h e  

f i e l d  j o i n t  r i n g ,  because r a d i a l  loads appl ied  t o  t h e  r ing  decrease as the  

c a n i s t e r  depth is increased.  

Increases  dn s h e l l  weight due t o  l a r g e  

The sepa ra t ion  system con t r ibu te s  only a s m a l l  p a r t  t o  t h e  t o t a l  c a n i s t e r  

weight. Its weight is  p r imar i ly  inf luenced by a e r o s h e l l  diameter. 

The P&V system a l s o  con t r ibu te s  only a s m a l l  p a r t  t o  t h e  t o t a l  c a n i s t e r  

weight. 

a e r o s h e l l  diameter.  

Its weight i s  p r imar i ly  a func t ion  of c a n i s t e r  volume, and t h e r e f o r e  
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3.2.11.2 Adapter. - The adapter  is a simple t r u s s  assembly which a t t aches  

t h e  capsule  t o  t h e  o r b i t e r .  Capsule i n e r t i a  loads which occur during ground 

handling, launch, and c r u i s e  are t r a n s f e r r e d  by t h e  adapter  s t r u c t u r e  t o  t h e  

can i s t e r / adap te r  i n t e r f a c e  and through t h e  canister i n t e r f a c e  cone t o  t h e  

o r b i t e r .  

a func t ion  of f l i g h t  capsule  weight. 

Parametr ic  s t u d i e s  of t h e  adapter  show t h a t  i t s  weight is pr imar i ly  

3.2.11.2.1 Requirements: The requirements t h a t  have a s i g n i f i c a n t  

in f luence  on t h e  design of t h e  adapter  are: 

a) Attaching adapter  t o  capsule before  a t t ach ing  adapter  t o  

can i s t e r .  

b )  In t e rchangeab i l i t y  of adapter  as a t o t a l  assembly. 

e )  Accurate alignment between t h e  i n e r t i a l  platform of t h e  capsule  and 

t h a t  of t h e  o r b i t e r .  

d)  Thermal i s o l a t i o n  of t h e  o r b i t e r  from t h e  capsule.  

e )  

3.2.11.2.2 S t ruc tu re :  The adapter  is designed t o  support  t h e  capsule  

Limi ta t ions  on dynamic frequencies  and excursions.  

f o r  ground handling, launch, and c r u i s e  loads ,  and t o  allow f o r  j o in ing  o r  

s epa ra t ion  of t h e  capsule  t o  t h e  c a n i s t e r  without access doors i n  the  a e r o s h e l l  

o r  i n  t h e  c a n i s t e r .  The main t r u s s  c o n s i s t s  of 16 aluminum tubu la r  members 

assembled as shown i n  F igure  3.2.11-5. 

The design of t h e  adapter- to-canis ter  e n d f i t t i n g s ,  wi th  f ixed  p l a t e  nu ts  

on t h e  adapter  s i d e  of t h e  j o i n t ,  permits  t h e  adapter  t o  be  a t tached  t o  t h e  

capsule.  

Bol ts  which a t t a c h  t h e  adapter  t o  t h e  c a n i s t e r  are i n s t a l l e d  from ou t s ide  t h e  

c a n i s t e r  wi th  s e a l i n g  washers, t o  complete t h e  i n s t a l l a t i o n .  

This  assembly can then be i n s t a l l e d  wi th in  t h e  c a n i s t e r  a f t  s ec t ion .  

The adapter  is  made an interchangeable  u n i t  by j i g - d r i l l i n g  t h e  i n t e r f a c e  

f i t t i n g s  a f t e r  assembly. 

machined t o  maintain a c l o s e  alignment between t h e  capsule  and o r b i t e r .  

i s o l a t i o n  between t h e  adapter ,  capsule ,  and c a n i s t e r  is not  requi red ,  s i n c e  

a l l  t h r e e  are i n  a nea r ly  isothermal  environment wi th in  t h e  i n s u l a t i o n  b lanket .  

The s t r u c t u r a l  i n t e r f a c e  su r faces  are accura t e ly  

Thermal 
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The t russ- type design provides a s h o r t  and s t i f f  load p a t h  between t h e  

capsule and the  o r b i t e r  through t h e  i n t e r f a c e  cone. N o  o b s t r u c t i o n s  t o  

c i r c u l a t i o n  of  gases during s t e r i l i z a t i o n  are presented by t h e  widely spaced 

tubes. 

s t r u t s  and f i t t i n g s  and minimizes weight f o r  t h e  l a r g e ,  l ight ly- loaded canister 

s t r u c t u r e .  

Using e i g h t  attachment p o i n t s  t o  the canister allows fewer support  

3.2.11.2.3 Parametr ic  study: The r e s u l t s  of the adap te r  parametr ic  

s t u d i e s  t o  determine the in f luence  of f l i g h t  capsule weight and a e r o s h e l l  

. diameter on adap te r  weight are shown i n  Figure 3.2.11-6. Adapter weight 

i nc reases  as f l i g h t  capsule  weight i nc reases  because t h e  adapter  must have 

g r e a t e r  l eng th  and g r e a t e r  l oad  ca r ry ing  capab i l i t y .  

The o r b i t e r  i n t e r f a c e  diameter w a s  maintained constant  at 6.5 f t  f o r  

The adapter  geometry and weight are influenced by changes these s t u d i e s .  

i n  adapter  l eng th  which is a s s o c i a t e d  with f l i g h t  capsule weight changes and/ 

o r  changes i n  adap te r / l ande r  i n t e r f a c e  diameter. 

diameter are as soc ia t ed  with changes i n  a e r o s h e l l  diameter. 

Changes i n  adap te r / l ande r  

3.2.11-12 
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3.3 Capsule Parametr ic  Analysis 

There are many p o s s i b l e  combinations of capsule  systems. I n  o rde r  t o  pre- 
s e n t  meaningful and usab le  d a t a  t h e  number of t h e s e  combinations m u s t  b e  con- 

s t r a i n e d  t o  some manageable level. The capsule  parametr ics  accomplished dur- 

ing t h i s  s tudy cover t h e  most l i k e l y  system combinations. 

b ina t ions  and some r a t i o n a l e  f o r  t h e i r  s e l e c t i o n  are discussed below. 

The s e l e c t e d  com- 

The cri teria used i n  t h e  s e l e c t i o n  were t o  minimize t h e  capsule  c o s t ,  

weight, o r  a e r o s h e l l  diameter. Thus, i n  some cases, t h e  l i g h t e s t  weight 

system w a s  n o t  s e l ec t ed .  

The parametr ic  a n a l y s i s  w a s  conducted s e p a r a t e l y  on t h e  d e l i v e r y  systems 

and t h e  s u r f a c e  payload. 

of q u a n t i t a t i v e  values  of t h e  s u r f a c e  payload. 

t o  i n t e g r a t e  s e l e c t e d  s u r f a c e  payloads wi th  t h e  appropr i a t e  d e l i v e r y  systems. 

This type of matching has been done f o r  t h e  fou r  designs of Sect ion 4.0. 

The d e l i v e r y  system parametr ies  are made as a func t ion  

This provides t h e  c a p a b i l i t y  

3.3.1 DELIVERY SYSTEMS - The de l ive ry  systems inc lude  a l l  capsule  systems 

except t h e  s u r f a c e  payload. 

major mission phases: 

These systzms were analyzed i n  terms of  t h e  two 

descent and e n t r y  and terminal  dece le ra t ion .  

3.3.1.1 Descent and en t ry .  - Descent and e n t r y  begins wi th  capsule sepa- 

r a t i o n  from the  o r b i t e r  and ends a t  deployment of t h e  ae rodece le ra to r  o r , f o r  

t he  a l l -p ropu l s ive  system, a t  i g n i t i o n  of t h e  terminal propulsion system. The 

systems considered i n  t h i s  phase are t h e  a t t i t u d e  c o n t r o l  system, t h e  r e a c t i o n  

c o n t r o l  system, t h e  d e o r b i t  motor, the a e r o s h e l l ,  t h e  e n t r y  science,  communica- 

t i o n s ,  and thermal con t ro l .  

3.3.1.1.1 Requirements: The capsule descent  and e n t r y  systems must pro- 

v ide  t h e  c a p a b i l i t y  t o  s e p a r a t e  t h e  capsule  from t h e  o r b i t e r ,  perform t h e  de- 

o r b i t  maneuver, and make an e n t r y  i n t o  t h e  VM-1 t o  VM-10 model atmospheres. 

The important parameters which d e f i n e  t h e  descent and e n t r y  phase are the  de- 

s i r e d  landing s i te ,  the  o r b i t  s i z e ,  and the  e n t r y  co r r ido r .  Data t ransmission 

requirements d e f i n e  a d d i t i o n a l  parameters t h a t  a f f e c t  t he  descent and entry.  

These inc lude  equipment and power requirements, f o r  t ransmission of e n t r y  

sc i ence  d a t a  t o  t h e  o r b i t e r  f o r  r e l a y  t o  Earth,  minimization of mult ipath in- 

t e r f e rence ,  and communication range. 

The condi t ions a t  t h e  end p o i n t ,  i .e . ,  v e l o c i t y  and a l t i t u d e  a t  deploy- 
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ment of the ae rodece le ra to r ,  must be  considered. 

i.e., landing anomaly (eL), capsule  l e a d  ang le  a t  e n t r y  ( A 0  ), e n t r y  v e l o c i t y  

(Ve), e n t r y  ang le  (ye), o r b i t  s i ze ,  ae rodece le ra to r  deployment condi t ions 

(V &h ), then e s t a b l i s h  t h e  descent and e n t r y  requirements such as t h e  d e o r b i t  

v e l o c i t y  increment (AVDo), d e o r b i t  anomaly (GDo) d e f l e c t i o n  angle,  and e n t r y  

r e l a y  communication range. 

A l l  of t h e  considerat ions,  

e 

D D  

3.3.1.1.2 Candidate system combinations: The candidate  descent  and e n t r y  

systems are presented i n  Table 3.3.1-1. 

modes are f ixed.  

t h e  f u n c t i o n a l  performance of a l l  t h e  systems. 

primary reasons f o r  s e l e c t i o n )  are: r e l a y  communications (energy requirements),  

ablator/composite h e a t  s h i e l d  (weight, prevent ion of e n t r y  atmospheric s enso r  

contamination, and provis ion f o r  an RF window f o r  t h e  r ada r  a l t i m e t e r ) ,  e n t r y  

science,  and thermal con t ro l .  

I n  some cases t h e  system/operating 

For o t h e r  systems they must be  determined a f t e r  consider ing 

The f ixed  systems (and t h e  

3.3.1.1.3 Deceleration: The funct ions t o  be performed are sepa ra t ion  of 

the capsule from t h e  o r b i t e r ,  deo rb i t  maneuver, and a t t i t u d e  c o n t r o l  of t h e  

capsule through en t ry .  

Capsule Separation - Routine sepa ra t ion  techniques are used t o  accomplish 

sepa ra t ion .  

provide the  t h r u s t  f o r  s epa ra t ion .  

Explosive b o l t s  provide disconnect and t h e  r e a c t i o n  c o n t r o l  jets 

Deorbit  Maneuver - The d e o r b i t  maneuver requirements are based on t h e  

s e l e c t i o n  of t h e  d e o r b i t  v e l o c i t y  increment. 

i n g  s i t e  s e l e c t i o n  a trade-off must be made between (1) t he  d e o r b i t  v e l o c i t y  

increment, t o  permit v a r i a t i o n  i n  d e o r b i t  anomaly,and (2) t h e  o r b i t  i n s e r t i o n  

v e l o c i t y  increment, t o  permit o r b i t  r o t a t i o n .  A AVDO = 450 f t / s e c  w a s  chosen 

f o r  t h e s e  parametr ic  s t u d i e s .  The e f f e c t  of t h i s  s e l e c t i o n  on t h e  o t h e r  

descent  and e n t r y  parametr ics  is  shown i n  Sect ion 3.1. 

i n  t h i s  d e o r b i t  v e l o c i t y  increment w i l l  al low a reduct ion of approximately 

1 f t / s e c  of o r b i t  i n s e r t i o n  v e l o c i t y  increment. 

To provide f l e x i b i l i t y  i n  land- 

A 2-3 f t / s e c  inc rease  

It should be  noted that a small inc rease  i n  the  AVDO inc reases  t h e  t o t a l  

capsule weight but  has  n e g l i g i b l e  e f f e c t  on t h e  e n t r y  and l ande r  weight. 

t h e r e  i s  no s i g n i f i c a n t  change t o  a capsule 's  a e r o s h e l l  diameter by inc reas ing  

the  AVDO. 

Thus, 

I f  t h e  AVDO i s  inc reased  by 500 f t / s e c  (AVDO = 950 f t / s e c )  f o r  a 
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TABLE 3.3.1-1 

DESCENT AND ENTRY CANDIDATE SYSTEMS - CAPSULE PARAMETRICS 
SELECTED SYSTEM 

SYSTEM CANDIDATES 1 -  REMARKS 

DEORBIT MOTOR ........... 

LIQUID MONOPROPELLANT 
LIQUID BI PROPEL LAN T 

LOWEST WEIGHT 
EASE OF SEPARACTION 
HIGH RE L lABl  LI TY 
LOW COST 

HIGH RELIABILITY 
LOW EST W El GHT 

REACTION CONTROL 
SY ST EM 

A E ROSH EL L/H EAT 
SHIELD 

ENTRY SCIENCE 

........ .............. ........ 

MONOPROPELLANT 
HYDRAZINE 

SAME PLUS IMAGING 

HIGH RELIABILITY 
LOW COST 
NEGLlGl BLE WEIGHT PENALTY 

LOW WEIGHT 
NO ENTRY SCIENCE SENSOR 
CONTAMINATION 

COMMUNICATIONS LOWENERGYREQUIREMENT 
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only 

l b  capsule  us ing  a s o l i d  d e o r b i t  motor, the capsule  weight 

about 6%. 

The s o l i d  p r o p e l l a n t  motor w a s  s e l e c t e d  f o r  t h e  parametr ic  

i n c r e a s e s  

s t u d i e s  . This 

system i s  l i g h t e s t  i n  weight, and has t h e  h ighes t  r e l i a b i l i t y  and lowest c o s t  

(see Sec t ion  3.5). 
i s  much s imple r  w i th  t h e  s o l i d  motor. 

l i q u i d  d e o r b i t  systems, t h e  tankage, valves, l i n e s ,  t h r u s t e r s ,  etc. must be  

assembled on some type of  truss. 

would r e q u i r e  a d d i t i o n a l  development ( sepa ra t ion  t e s t i n g )  cos t s .  The steri l iza- 

t i o n  c a p a b i l i t y  of t h e  s o l i d  must be demonstrated; however, no major problems 

are an t i c ipa t ed .  

I n  add i t ion ,  j e t t i s o n i n g  the d e o r b i t  r e s i d u a l  and i n e r t s  

I n  o rde r  t o  j e t t i s o n  e i t h e r  of t h e  

This would r e s u l t  i n  a d d i t i o n a l  weight and 

A t t i t u d e  Control - Control system e l e c t r o n i c s  and r e a c t i o n  c o n t r o l  system 

parametric s t u d i e s  w e r e  made f o r  active, s p i n  s t a b i l i z e d ,  s p i n / a c t i v e ,  (both 

s o l i d  and l i q u i d  s p i n  motors), and TVS/active c o n t r o l  modes. 

c o n t r o l  and capsule  s e p a r a t i o n  requirements are s a t i s f i e d  by using t h e  active 

c o n t r o l  mode. This mode, although i t  involves  somewhat higher  c o s t s ,  r e s u l t s  

i n  combined sys  t e m s  t h a t  are l i g h t e r ,  more accurate ,  and more r e l i a b l e .  

The a t t i t u d e  

The s p i n  s t a b i l i z e d  mode w a s  e l iminated because of t he  requirement f o r  

o r b i t e r  maneuvering and e n t r y  ang le  of attack d i spe r s ions  (see Sect ion 3.2.4). 

It is lowest i n  cos t ,  bu t  i s  the heav ie s t ,  has l a r g e  po in t ing  e r r o r s ,  and 

i s  less r e l i a b l e  than t h e  o the r  systems. The c o n t r o l  e l e c t r o n i c s  are h e a v i e s t  

f o r  t h e  active mode, b u t  when a l l  systems, ( b a t t e r y  increment, sequencing and 

timing, r e a c t i o n  c o n t r o l  system, and r ada r  altimeter) are included i t  is t h e  

l i g h t e s t  f o r  descent t i m e s  up t o  5.5 hours. This o v e r a l l  r e l a t i o n s h i p  is  

shown f o r  a 2000 l b  capsule  i n  F igu re  3.3.1-1. 

system is 3% l i g h t e r  than t h e  s p i n / a c t i v e  mode system f o r  a t y p i c a l  t r a j e c t o r y  

( y e =  -16',dVD0 = 400 ft/sec,AGe = 5', and8DO = 214') with a descent t i m e  of 

3.4 hours. 

are only 6.5% l i g h t e r  than t h e  active mode systems. 

i s  only 0.4% of t h e  capsule  weight. 

The active c o n t r o l  mode 

Even a t  a descent t i m e  of 10 hours,  t h e  s p i n / a c t i v e  mode systems 

This weight increment 

The co ld  gas r e a c t i o n  c o n t r o l  system w a s  chosen f o r  t h e  descent  and e n t r y  

a t t i t u d e  control .  It has a h ighe r  r e l i a b i l i t y  and r equ i r e s  much less develop- 

3.3.1-4 



I ACT IV I SPIN/ACTIVE 

ERY INCREMEN' 

. . -. . ._ . .. . 

1 CONTROL € ~ € ~ t ~ ~ N ~ ~ S  

1 REACTION CONTROL JET 
AND BATTERY I 

HARDWARE h FUEL 
SPRINC EJECTION 

e 

3.3.1-5 



merit e f f o r t  than t h e  monopropellant h o t  gas system, and t h e  weight pena l ty  i s  

less than 0.25% of t h e  capsule weight, i .e . ,  1 l b  f o r  1000 l b  capsule and up t o  

12 l b  f o r  a 5000 l b  capsule. The cold gas system c o s t s  less than  t h e  h o t  

gas system. 

3.3.1.1.4 Communication capab i l i t y :  The capsule  r e l a y  communication 

system can transmit  engineer ing and e n t r y  sc i ence  d a t a  a t  approximately 4000 

b i t s  p e r  second from t h e  deo rb i t  through t h e  landing phases. 

deo rb i t  maneuver is  s e l e c t e d  t o  c o n t r o l  t he  capsule-orbi ter  l e a d  ang le  t o  a 

value of 5' t o  10' a t  t h e  p o i n t  of entry.  This value minimizes t h e  capsule  

t r a n s m i t t e r  power required and, a t  t h e  same t i m e ,  i n su res  capsule-orbi ter  visi-  

b i l i t y  f o r  a few minutes a f t e r  landing t o  allow immediate t ransmission of some 

su r face  video data.  

The capsule  

3.3.1.1.5 Science compatibi l i ty:  A composite (HCF) nose cap is  necessary 

i n  o rde r  t o  prevent contamination of t h e  senso r s  by the  a b l a t o r  material. 

s e l e c t i o n  of t h e  active c o n t r o l  mode as discussed above improves t h e  c o n t r o l  

accuracy (minimizes d i spe r s ions  from 0' angle  of a t t a c k )  and thereby provides 

e n t r y  d a t a  which gives b e t t e r  r e p r o d u c i b i l i t y  of t h e  measured atmosphere. 

The 

3.3.1.1.6 Thermal con t ro l :  The capsule  thermal c o n t r o l  system f o r  

descent and e n t r y  employs a thermal c u r t a i n  ac ross  t h e  back of t h e  a e r o s h e l l ,  

i n s u l a t i o n ,  and electrical  h e a t e r s  w i t h i n  t h e  capsule.  

3.3.1.2 Terminal dece le ra t ion  - Terminal dece le ra t ion  begins with deploy- 

ment of t h e  ae rodece le ra to r  ( o r  f o r  t h e  a l l -p ropu l s ive  a t  TPS i g n i t i o n )  and 

ends a f t e r  lander  touchdown. Decelerat ion of t h e  e n t r y  v e h i c l e  t o  " so f t  

landing" impact v e l o c i t i e s ,  consider ing t h e  p o s s i b i l i t y  of s t r o n g  s u r f a c e  

winds, r equ i r e s  t h e  use of a terminal  propuls ion system. Because of t h e  high 

e f f i c i e n c y  of a u x i l i a r y  aerodynamic d e c e l e r a t o r s ,  use of t h e s e  devices i n  

conbination wi th  terminal propuls ion systems has received more a t t e n t i o n  than 

the use of  a l l -p ropu l s ive  systems. 

3.3.1.2.1 Requirements: The capsule  terminal  d e c e l e r a t i o n  system must 

provide t h e  c a p a b i l i t y  t o  remove t h e  last  5-10% of  t h e  e n t r y  ve loc i ty .  The 

important parameters which def ine the  t e rmina l  d e c e l e r a t i o n  requirements are 

a l t i t u d e  and v e l o c i t y  a t  deployment of t h e  ae rodece le ra to r ,  a l t i t u d e  and 

v e l o c i t y  a t  terminal  propuls ion i n i t i a t i o n ,  s u r f a c e  winds, and s u r f a c e  con- 
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d i t ions .  

range of values  f o r  the  above parameters. 

The s e l e c t e d  e n t r y  co r r ido r  and t h e  Mars atmosphere de f ine  a 

Several c o n s t r a i n t s  have been imposed f o r  combined te rmina l  dece lera t ion  

systems. For aerodynamic dece le ra to r s ,  t h e  deployment i n i t i a t i o n  by r ada r  

altimeter has been se l ec t ed ,  based on Voyager Phase B s t u d i e s  of t r i g g e r i n g  

techniques. 

c o n s t r a i n t s  on the  aerodynamic dece le ra to r  (Mach 2 f o r  parachutes and temper- 

a t u r e  limits on f a b r i c  s t r eng th  f o r  a t tached  i n f l a t a b l e  dece le ra to r s ) .  

minimum deployment a l t i t u d e  must be  s u f f i c i e n t  f o r  i n f l a t i o n  and dece lera t ion .  

The s i z e  of  t he  a u x i l i a r y  dece le ra to r  i s  governed by its drag e f f i c i ency  

f o r  dece lera t ion  and f o r  d i f f e r e n t i a l  drag sepa ra t ion  of t h e  lander  and t h e  

a e r o s h e l l  and by the  lander  ve loc i ty  a t  propuls ion i g n i t i o n ,  o r  by a requirement 

t h a t  t he  ae roshe l l  impact p r i o r  t o  landing r ada r  a c t i v a t i o n  t o  avoid r ada r  

t racking  of t h e  aeroshe l l .  

The maximum deployment a l t i t u d e  is  l imi t ed  by t h e  v e l o c i t y  

The 

Criteria f o r  s i z i n g  t h e  parachute are presented i n  

Sect ion 3.1.4 and 3.2.8. 

For t h e  te rmina l  propuls ion system the  t r a d e  between t o t a l  impulse and 

t h r o t t l e  r a t i o  must be examined, i n  conjunction with the  guidance system, t o  

def ine  t h e  d e s i r a b l e  i g n i t i o n  condi t ions.  

3.3.1.2.2 Candidate system combinations: The candidate  te rmina l  descent 

A s  a r e s u l t  of t h e  system parametr ics  systems are presented i n  Table 3.3.1-2. 

some of t h e  systems are f ixed ,  but t h e  optimum condi t ions f o r  combining them 

are not.  Various combinations of c o n t r o l  mode, terminal  propuls ion system, 

and parachute  have been inves t iga ted .  

3.3.1.2.3 Sequence of operat ions:  A t y p i c a l  sequence of opera t ions  is  

shown i n  Figure 3.3.1-2. 

% = 2.0 and a e r o s h e l l  impact a t  t h e  t i m e  of landing radar  ac t iva t ion .  

sequence of events  is keyed t o  t h e  r ada r  altimeter which suppl ies  range 

( a l t i t u d e )  d a t a  t o  deploy t h e  aerodece lera tor  and i n i t i a t e  t h e  TPS. 

ae roshe l l  is sequenced t o  sepa ra t e  approximately 5 seconds a f t e r  dece le ra to r  

deployment. 

ve loc i ty  and range s i g n a l s  are employed through t h e  guidance and c o n t r o l  

system t o  e f f e c t  a con t ro l l ed  s o f t  landing. 

This is  rep resen ta t ive  of a parachute  deployment a t  

The 

The 

The landing r ada r  is  ac t iva t ed  3 seconds a f t e r  TPS ign i t ion .  The 
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TABLE 3.3.1-2 

TERMINAL DECELERATION CANDIDATE SYSTEMS - CAPSULE PARAMETRIC$ 
SELECTED SYSTEM 

I SYSTEM 

RADAR ALTIMETER 

AERODEC EL ERATOR 

GUIDANCE MODE 

CANDl DAT ES 

NONE 

A L L  PROPULSIVE (SOLID/ 
LIQUID) 

ADA PTI V E 

(LINEAR FM/CW FOR RANG- 
ING. CW FOR VELOCITY 
SEN SING) 

(SINUSOIDAL FM/CW FOR BOTH 

ING) 

B ESSEL SI D E-BAND 

RANGE AND VELOCITY SENS- 
-. ~~ 

..~ uN , :~ ........ ......:.. ~ :........., :.. 
; .  pp@fJ 
:..:.%.::..:..* ..* ...... : ._, 

REMARKS 

ACCURATE 
EFFICIENT 
MOST HIGHLY DEVELOPED 

LOW E R W El GHT 
HIGH RELIABILITY 

AIDS LAND ER/AE ROSH ELL  
SE PA RAT1 ON 

MONO: HIGHER RELIABILITY 
LOWER COST 

BI: LOWER WEIGHT 

LOWER WEIGHT 

SIMPLE, PROVEN TECHNIQUE 
REQUIRES MODI FlCATlON TO 
EXISTING SYSTEM, BUT LESS 
ADD1 TlONAL DEVELOPMENT 

LOW WEIGHT 
GOOD LANDING STABILITY 
ON 34' SLOPES 
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TERMINAL DECELERATION SEQUENCE 
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3.3.1.2.4 Aerodecelerator performance: Limited parametr ic  s t u d i e s  have 

been made of t he  e f f e c t s  of parachute s i z e  and m / C d  on t h e  v e l o c i t y - a l t i t u d e  

h i s t o r y  of t h e  l ande r  and t h e  relative p o s i t i o n  of t h e  l a n d e r  and a e r o s h e l l  

a f t e r  s epa ra t ion .  Deployment condi t ions are defined by t h e  VM-8 atmosphere 

condi t ions f o r  t h e  s p e c i f i e d  Mach 2 parachute deployment l i m i t .  The lowest 

dens i ty  occurs i n  t h e  VM-7 atmosphere. This de f ines  t h e  parachute s i z e  re- 

quired t o  reach a d e s i r e d  equ i l ib r ium v e l o c i t y  a t  i g n i t i o n  of t h e  t e rmina l  

propulsion system. Aeroshel l  weight and diameter, and l ande r  weight,  were 

determined from a preliminary r e l a t i o n  of s epa ra t ed  a e r o s h e l l  weight w i t h  

e n t r y  weight, see Ffgure 3.3.1-3. 

diameter used i n  t h i s  s tudy were: 

h f o r  M=2 

Aeroshel l  and lander  masses and a e r o s h e l l  

i n  VM-8 Mass of Diameter of Mass of 
m/ CDA V e  ,- - 13000 Lander Aeroshel l  Aeroshel l  

.254 2 3000 51.2 14.75 14.2 

.30 185 90 52.2 13.5 12.7 

.35 14430 53.2 12.6 11.8 

(Slug/ f t 2 )  y e  = -20° (Slups) (Feet)  (SlURS~ 

Figure 3.3.1-4 p re sen t s  v e l o c i t y - a l t i t u d e  p l o t s  of t he  lander  p l u s  aero- 

s h e l l  

s i z e s  from s e p a r a t i o n  t o  impact. For comparison, t h e  t r a j e c t o r i e s  of a e r o s h e l l  

p lus  l ande r  w i t h  no parachute are included. 

from deployment t o  sepa ra t ion ,  and of t h e  l ande r  with var ious parachute 

The t i m e  from mortar  f i r e  a t  deployment t o  f u l l  i n f l a t i o n  i s  determined by 

ou r  a n a l y s i s  of t h e  PEPP da ta ,  assuming f o r  prel iminary analyses  t h a t  t h e  bal-  

l i s t i c  parameter of t h e  parachute,  the muzzle v e l o c i t y ,  and the  relative velo- 

c i t y  of t h e  parachute  is  similar t o  t h e  PEPP test. F u l l  i n f l a t i o n  w i l l  be  

accomplished when t h e  v e h i c l e  has  t r a v e l e d  a d i s t a n c e  equal  t o  40 t i m e s  t he  para- 

chute diameter. Two-thirds of  th i s  t i m e  i s  consumed i n  extension of t h e  riser 

l i n e s .  It is assumed t h a t  t h e  parachute con t r ibu te s  zero drag from deployment t o  

l i n e  s t r e t c h  and then t h e  parachute drag area, CD, So, varies as t h e  cube of t i m e  

from l i n e  s t r e t c h  t o  f u l l  i n f l a t i o n  (on t h e  b a s i s  of  PEPP da ta ) .  A t  f u l l  

i n f l a t i o n ,  CD i s  assumed t o  b e  equal  t o  0.7 f o r  a l l  cases. Aeroshel l  separa- 

t i o n  occurs f o u r  seconds a f t e r  f u l l  i n f l a t i o n .  

occur i n  the  W 8  atmosphere. 

0 

Maximum opening shock loads 

Non-reefed opening shock loads w e r e  ca l cu la t ed  
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%\ 

! 

by empir ica l  r e l a t ionsh ips  

as a func t ion  of parachute 

weight of l a r g e  parachutes 

der ived from PEPP d a t a  and are shown i n  Figure 3.3.1-5 

nominal diameter f o r  s e v e r a l  va lues  of m/C+ 

designed f o r  shock loads above 20000 t o  30000 l b  

The 

may be very heavy. Consequently, f o r  po in t  designs,  r ee f ing  may be  required,  

wi th  f u r t h e r  i t e r a t i o n s  being necessary t o  determine the parachute  s ize .  

Lander equi l ibr ium v e l o c i t y  and a l t i t u d e  w e r e  def ined as t h e  po in t  during 

descent a t  which t h e  vertical descent  v e l o c i t y  changed a t  a rate of 4 f t / s e c  

per thousand feet of a l t i t u d e  change. 

v e l o c i t y  as a func t ion  of parachute  diameter is  given i n  Figures  3.3.1-6 and -7. 
To prevent t he  lander  radar  from t racking  the  ae roshe l l ,  t he  a e r o s h e l l  should 

impact t he  su r face  p r i o r  t o  o r  a t  radar  a c t i v a t i o n  ( 3  seconds a f t e r  terminal  

propulsion i g n i t i o n ) .  

a funct ion of en t ry  m/C$ and parachute  diameter is  given i n  Figure 3.3.1-8. 

With t h i s  information, F igure  3.3.1-9 w a s  constructed,  giving t h e  lander  

equi l ibr ium ve loc i ty  as a func t ion  of en t ry  m/C+ and lander  a l t i t u d e  a t  aero- 

s h e l l  impact. It would be d e s i r a b l e  t o  design the  system so  t h a t  t h e  lander  

a t t a i n s  i t s  parachute terminal  condi t ion before  the  ae roshe l l  impacts. The 

smallest parachute s i z e  allowed would be t h a t  s p e c i f i e d  by t h i s  l i m i t i n g  con- 

d i t i o n  as shown i n  Figure 3.3.1-9. However, a higher  a l t i t u d e  may be imposed 

by terminal  propuls ion i g n i t i o n  cons t r a in t s ,  thus r e s u l t i n g  i n  a requirement 

f o r  a l a r g e r  parachute.  

The a l t i t u d e  and v e l o c i t y  a t  equi l ibr ium 

The r e l a t i o n  of lander  a l t i t u d e  a t  a e r o s h e l l  impact as 

The equi l ibr ium ve loc i ty  is  lower f o r  a more dense atmosphere (VM-9) 

as a l s o  shown i n  Figure 3.3.1-9. For t h e  same s i z e  parachute  (m/CDoSo) 

the  lander  i s  a l s o  a t  a higher  a l t i t u d e  than i n  a less dense atmosphere (VM-7) 
when the  a e r o s h e l l  impacts. 

by an a l t i t u d e  s i g n a l ,  the  minimum a l t i t u d e  def ined by the  least dense at- 

mosphere (VM-7) i s  cr i t ical .  

Consequently i f  t h e  landing radar  is  i n i t i a t e d  

3.3.1.2.5 Decelerat ion c o n t r o l  concepts : Thro t t l i ng  l a w s  of varying 

degrees of complexity can be configured t o  provide t h e  t h r u s t e r  commands and 

achieve t h e  s o f t  landing objec t ive .  Considerat ions include: 1 )  p rope l l an t  

usage over t h e  range of atmospheres, 2) c a p a b i l i t y  f o r  co r rec t ing  poss ib l e  

d ispers ions ,  3) c a p a b i l i t y  of v e r t i c a l i z i n g  t h e  f l i g h t  pa th  angle  p r i o r  t o  t h e  

f i n a l  cons tan t  v e l o c i t y  descent ,  and 4 )  s i m p l i c i t y  i n  obta in ing  t h e  requi red  
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da ta  f o r  instrumentat ion.  

Assuming a g r a v i t y  t u r n  maneuver where t h e  t h r u s t  a x i s  is  maintained 

along t h e  ve loc i ty  vec tor ,  two simple t h r o t t l i n g  l a w s  w e r e  inves t iga ted .  

a )  Linear  Energy Law (Adpative) 

a c = 2 + g M  
R 

b)  Linear  Veloci ty  Law (Surveyor type) 

ac = K (Vc - V)Limited 

where: V i s  the  measured range ve loc i ty  

R i s  t h e  measured s l a n t  range 

a, is  t h e  command input  t o  t h e  acce le ra t ion  loop which is 

closed around t h e  t h r o t t l e a b l e  engines 

Vc i s  the  v e l o c i t y  command, which is  a preprogrammed func t ion  

of t h e  measured slant range 

K is the  v e l o c i t y  loop gain 

gM i s  the  Martian g rav i ty  

The l i n e a r  energy l a w  forces  the  capsule  energy t o  decrease l i n e a r l y  with 

range, thereby c r e a t i n g  a constant  dece le ra t ion  t h r u s t  p r o f i l e .  It u t i l i z e s  

the e x i s t i n g  range and ve loc i ty  information and computes t h e  acce le ra t ion  t o  

be appl ied  t o  reduce these  parameters t o  zero. 

The l i n e a r  ve loc i ty  l a w ,  which w a s  u t i l i z e d  i n  the  Surveyor system, forces  

the  capsule ve loc i ty  t o  decrease l i n e a r l y  with a l t i t u d e ,  based on preprogrammed 

constants .  This l a w  r equ i r e s  t h e  t h r u s t  l e v e l  t o  begin near  maximum and de- 

crease t o  become equal  t o  the capsule  weight near  t he  end of t he  descent.  The 

ve loc i ty  command (V,) mechanization of t h e  previous equat ion f o r  t h i s  system 

i s  of the  following form: 

V c  = K1R 

where K 1  is  a preprogrammed constant .  

A modif icat ion t o  t h e  preprogrammed (Surveyor type) t h r o t t l i n g  l a w  w a s  

a l s o  inves t iga ted .  

of t he  form: 

This modif icat ion u t i l i z e s  a ve loc i ty  command mechanization 

Vc = &[ R ( a - gp~) 1 
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where a is  a constant  preprogrammed acce le ra t ion .  

t he  capsule t o  follow a v e l o c i t y  h i s t o r y  corresponding t o  a cons t an t  dece le ra t ion .  

Hence, t h e  system f o r c e s  

Typ ica l  t i m e  h i s t o r i e s  f o r  each concept are shown i n  F igu re  3.3.1-10 f o r  

t he  same i g n i t i o n  conditions.  

a t t i t u d e  s t a b i l i z a t i o n  and r ada r  a c q u i s i t i o n  is  shown f o r  each concept. 

i n g  t h i s  pe r iod  t h e  engines are t h r o t t l e d  t o  produce .am. 
grammed concepts, a t  t h e  end of t h i s  s i x  second pe r iod  .8gM is maintained i f  

t he  measured v e l o c i t y  is less than the  commanded, and maximum t h r u s t  is  com- 

manded i f  it i s  g rea t e r .  

A s i x  second pe r iod  following i g n i t i o n  f o r  

Dur- 

I n  both the prepro- 

The propuls ion system weight parametrics of  Sect ion 3.2.7 ind ica t ed  t h e  

minimum weight system can be r e a l i z e d  by u t i l i z i n g  t h e  modified preprogrammed 

concept, assuming an optimum t h r o t t l e  r a t i o  is employed. 

I n  a d d i t i o n  t o  propuls ion system requirements,  another  important f a c t o r  

i s  the  f l i g h t  pa th  v e r t i c a l i z a t i o n  p r i o r  t o  switchover t o  t h e  f i n a l  constant  

v e l o c i t y  descent.  Since la teral  v e l o c i t y  c o n t r o l  is  n o t  employed during t h e  

constant  v e l o c i t y  descent phase, because of t h e  no i se  unce r t a in ty  i n  these  

s i g n a l s ,  misalignment of t h e  t h r u s t  a x i s  from t h e  ver t ica l  w i l l  r e s u l t  i n  an 

inc rease  i n  h o r i z o n t a l  ve loc i ty .  

path v e r t i c a l i z a t i o n  as t h e  v e l o c i t y  approaches zero f o r  each of  t h e  t h r o t t l i n g  

l a w  concepts. 

rate of change of the f l i g h t  pa th  angle  approaches i n f i n i t y  as t h e  v e l o c i t y  

approaches zero. Keeping t h e  t h r u s t  axis a l igned  wi th  the  f l i g h t  pa th  during 

t h e  high rates of change i s  n o t  poss ib l e ,  due t o  c o n t r o l  l i m i t a t i o n s .  

A g r a v i t y  t u r n  descent w i l l  a s s u r e  f l i g h t  

However, f o r  t h r u s t  dece le ra t ions  of g r e a t e r  than 2 gM's, t h e  

The change i n  f l i g h t  pa th  ang le  as a func t ion  of v e l o c i t y  change, f o r  

the adapt ive,  preprogrammed, and modified preprogrammed concepts are shown i n  

Figure 3.3.1-11. The preprogrammed constants  are those  t h a t  produce t h e  

v e l o c i t y  command curves of F igu re  3.3.1-10. A s  can be  seen, t h e  adapt ive 

system has high rates of change as t h e  v e l o c i t y  approaches zero. This w i l l  

always be t h e  case as long as t h e  i n i t i a l  condi t ions are such as t o  r e q u i r e  

command a c c e l e r a t i o n s  g r e a t e r  than 2 gM'S. This s i t u a t i o n  is a l l e v i a t e d  i n  

the o t h e r  two concepts, s i n c e  t h e  dece le ra t ion  commands are 2 gM's o r  less as 

t h e  v e l o c i t y  approaches zero. Hence, from t h e  s t andpo in t  of f l i g h t  path 

v e r t i c a l i z a t i o n ,  t h e  adap t ive  system is  n o t  acceptable ,  bu t  e i t h e r  t h e  pre- 
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programed o r  modified preprogrammed w i l l  restrict  t h e  tu rn ing  rate wi th in  

con t ro l  system l i m i t a t i o n s .  

Mechanization of any of t h e  aforementioned concepts i s  not  a cons idera t ion  

when a d i g i t a l  computer is  used. 

preprograrmned (Surveyor type)  technique would be considerably simpler.  

However, w i th  analog instrumentat ion,  t h e  

3.3.1.2.6 Decelerat ion system performance: The o v e r a l l  dece le ra t ion  

system performance has been eva lua ted  f o r  a number of system combinations, 

t o  i n s u r e  t h a t  the  apparent b e s t  systems of Sect ion 3.2 gave the  b e s t  o v e r a l l  

dece le ra t ion  system. 

system and parachute/TPS systems f o r  both optimum TPS t h r o t t l e  r a t i o  and 

f o r  a e r o s h e l l  impac t  requirements. 

The conbinations inves t iga t ed  were an a l l  propulsion 

A l l  Propuls ive Decelerat ion System - I n  add i t ion  t o  e l imina t ing  t h e  aero- 

dece le ra to r  system, an a l l -propuls ive  system can employ engines with e x i s t i n g  

t h r o t t l e  r a t i o s  f o r  a t t i t u d e  and v e r n i e r  c o n t r o l  by u t i l i z i n g  a s o l i d  pro- 

p e l l a n t  rocket  t o  supply a major por t ion  of t he  A V  requirements. Hence t h e  

dece le ra t ion  phase f o r  an a l l -propuls ive  landing te rmina l  system w a s  inves- 

t i g a t e d  t o  1 )  ob ta in  a workable sequence of events ,  2 )  def ine  required equip- 

ment c h a r a c t e r i s t i c s ,  and 3) ob ta in  impulse requirements t o  s i z e  t h e  pro- 

puls ion system. 

major cons idera t ions  which in f luence  the  required sequence are: 

Aeroshel l  i n t e r f e r e n c e  with t h e  radar  l i n e  of s i g h t  

V e r t i c a l i z a t i o n  of t he  f l i g h t  path angle  f o r  radar  lock 

The information a v a i l a b l e  f o r  performing t h e  sequence of events.  

U t i l i z a t i o n  of t h r o t t l e  r a t i o s  of less than 4.5:l .  

methods were inves t iga t ed ,  both of which employed s o l i d  p rope l l an t  

engines and low- thro t t le - ra t io  l i q u i d  v e r n i e r  engines. 

rocke ts  t o  back t h e  lander  away from t h e  aeroshe l l .  

landing radar  m u s t  f u rn i sh  v e l o c i t y  and range d a t a  p r i o r  t o  i g n i t i o n  and hence 

have t h e  c a p a b i l i t y  t o  "see" through t h e  ae roshe l l .  

a e roshe l l  i s  always i n  f r o n t  of  t h e  lander  a f t e r  s epa ra t ion ,  a delay per iod  is 

Method A uses s o l i d  

With t h i s  system, t h e  

I n  addi t ion ,  s i n c e  t h e  

required following the  s o l i d  burn, t o  prevent t he  radar  from locking onto t h e  

aeroshe l l .  
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Method B u t i l i z e s  s o l i d  r acke t s  on t h e  a e r o s h e l l  t o  push t h e  s h e l l  away 

and t o  the s i d e  of t h e  lander.  

s i g n a l ,  and hence landing r ada r  information is  n o t  r equ i r ed  p r i o r  t o  separa- 

t i on .  It i s  assumed t h a t  t h e  l ande r  w i l l  s t a y  i n  f r o n t  of  t h e  a e r o s h e l l  be- 

cause of  t h e  l a r g e r  m/C$. (Addit ional  analyses  must be performed t o  v e r i f y  

t h i s  i n  t h e  event t h e  a e r o s h e l l  is  tumbling.) 

t h e  lander ,  landing r a d a r  information i s  r equ i r ed  t o  i n i t i a t e  and terminate  

t h e  s o l i d  rocket  f i r i n g  and d i r e c t i o n  of burn. 

burn is n o t  required.  

This a c t i o n  w i l l  be  t r i g g e r e d  by an altimeter 

A f t e r  t h e  s h e l l  is clear of  

Radar information during t h e  

o Method A - Figures  3.3.1-12 and -13 p resen t  t h e  Method A range-veloc- 

i t y  h i s t o r i e s  f o r  t h e  VM-7 and VM-10 atmospheres. 

a l s o  included on t h e  f i g u r e s ,  t o  i l l u s t r a t e  t h e  sequence of t h e  ae roshe l l -  

ground impact. I n  general ,  t h e  sequence of events  is  s i m i l a r  f o r  each atmos- 

phere. However, t h e  t i m e s  and i n i t i a t i o n  p o i n t s  are d i f f e r e n t .  The following 

p resen t s  t h e  d e t a i l  sequence and the  manner i n  which t h e  d i f f e rences  are 

e s t a b l i s h e d  through preprogrammed curves i n  t h e  on-board computer. 

The a e r o s h e l l  t r a j e c t o r y  is  

a) I g n i t i o n  is  based on t h e  range-velocity curve 2 of Figure 3.3.1-14. 

Measured v e l o c i t y  from t h e  landing r ada r  is used t o  o b t a i n  a d e s i r e d  i g n i t i o n  

range from the curve. 

l i q u i d  verniers are ign i t ed .  The a c c e l e r a t i o n  command value is  set such t h a t  

t he  v e r n i e r  t h r u s t  is  approximately h a l f  of maximum.. Hence, maximum a t t i t u d e  

c o n t r o l  moment is ava i l ab le .  

A t  t he  des i r ed  range both t h e  s o l i d  rocket  and the  

b) 

a t  i g n i t i o n ,  as shown i n  curve b of  Figure 3.3.1-14. 

terminated when t h e  measured (accelerometer) v e l o c i t y  change equals  t h e  com- 

mand. 

w i th in  t h e  c a p a b i l i t y  of t h e  t h r o t t l e a b l e  v e r n i e r  engines. 

The v e l o c i t y  change command ( A  Vc) is based on t h e  measured v e l o c i t y  

The s o l i d  rocket  burn is  

A t  t h i s  t i m e  t h e  velocity-range r e l a t i o n s h i p  of  t he  v e h i c l e  must be 

c) A t  i g n i t i o n  t h e  l ande r  i s  torqued t o  a l i g n  t h e  t h r u s t  axis along t h e  

i n e r t i a l  v e l o c i t y  vec to r .  The torquing t i m e  (Tc) and d i r e c t i o n  are ca l cu la t ed  

from t h e  angle  of a t t a c k  measurement (a = tanm1 Radar Lateral Velocity) and 

based on a 10  deg/sec torquing rate. Radar Axial Veloci ty  
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0 VM-7 ATMOSPHERE 
0 220 FT/SEC TAILWIND 

EVENT 
SOLID AND VERNIER IGNITION, LANDER TORQUED TOWARD INERTIAL 
VELOCITY VECTOR 

TERMINATE SOLID ENGINE THRUST, LANDER TORQUED TOWARDS VERTICAL 
1.0 INERTlAL HOLD 
5.2 
9.0 INITIATE LATERAL VELOCITY CONTROL 

12.4 INITIATE VERNIER PROGRAMMED DECELERATION 
27.8 CONSTANT VELOCITY DESCENT PHASE 
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d) I n e r t i a l  hold is i n i t i a t e d  following the torquing per iod and is main- 

ta ined  f o r  t h e  remaining t i m e  of t he  s o l i d  rocke t  burn. 

e )  Following the  s o l i d  rocke t  t h r u s t  terminat ion,  t h e  lander  is  torqued 

t o  a l i g n  t h e  r ada r  ( t h r u s t )  a x i s  near  t h e  v e r t i c a l  and t h e  ve rn ie r  engines are 

t h r o t t l e d  t o  .8gM. 

the  value from curve 2, Figure 3.3.1-14. 

the  r e l a t i o n s h i p  of f l i g h t  pa th  angle  t o  v e l o c i t y  f o r  t h e  odd numbered (high 

scale he ight )  atmospheres. I n  a low scale he igh t  atmosphere, t h e  r ada r  axis 

w i l l  s t i l l  be wi th in  20 degrees of t h e  vertical i n  some ins tances ,  which is 

w e l l  wi th in  t h e  r ada r  capab i l i t y .  

The torquing t i m e  i s  pre-calculated and equal  t o  -Tc p lus  

The t i m e s  of curve 2 are based on 

f )  Following the  lander  re-alignment, i n e r t i a l  hold c o n t r o l  i s  again 

engaged u n t i l  lateral ve loc i ty  c o n t r o l  is  i n i t i a t e d  a t  a pre-set t i m e  from 

i g n i t i o n .  The t i m e  r ep resen t s  t he  required t i m e  f o r  ae roshe l l  impact p lus  

th ree  seconds f o r  radar  acqu i s i t i on .  

constant  6 seconds f o r  each atmosphere because of t h e  i g n i t i o n  range v a r i a t i o n s  

with ve loc i ty .  

The t i m e  of a e r o s h e l l  impac t  w i l l  be a 

g) I n t e r s e c t i o n  of t h e  preprogrammed descent  p r o f i l e  and subsequent decel-  

e r a t i o n  wi th  t h e  ve rn ie r  engines t o  the constant  ve loc i ty  descent phase com- 

p l e t e s  t h e  c o n t r o l  sequence. 

For t h e  example range-velocity h i s t o r i e s  presented i n  Figures 3.3.1-12 and 

-13, an approximate t h r u s t  t o  weight (T/W) r a t i o  of  6 w a s  used f o r  t h e  s o l i d  

rocket .  

1000 pound lander  weight. 

were n o t  performed, t he  va lue  of 6 w a s  a favorable  compromise between lower 

values ,  which inc rease  impulse requirements due t o  increased i g n i t i o n  a l t i t u d e s ,  

and h igher  values ,  which c r e a t e  design problems due t o  requi red  e longat ion  of 

the  motor case.  

A near  s p h e r i c a l  motor case can be employed f o r  t h i s  T/W wi th  a 

Although ex tens ive  parametrics t o  optimize t h e  T/W 

A cursory weight comparison w a s  made between t h e  Method A a l l -propuls ive  

te rmina l  dece le ra t ion  system and the  combination aerodece lera tor  p lus  TPS 

of Design Concepts I1 and 111. 

45 and 50 pounds, r e spec t ive ly ,  w e r e  required.  Poss ib l e  a d d i t i o n a l  increases  

i n  the  landing radar  weight would be requi red  f o r  a system t o  "see" through 

the  a e r o s h e l l  p r i o r  t o  separa t ion .  

Increases  f o r  t he  a l l  propuls ive system of 
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o Method B - Separat ion by u t i l i z i n g  a u x i l i a r y  s o l i d  p rope l l an t  rocke t s  

mounted on t h e  a e r o s h e l l  w i l l  be  i n i t i a t e d  by an altimeter s i g n a l .  

t h e  l ande r  propuls ion t o  have t h e  same c h a r a c t e r i s t i c s  as i n  Method A, 

s epa ra t ion  m u s t  occur a t  10  000 f t  f o r  t h e  VM-7. atmosphere, t o  allow s u f f i c i e n t  

t i m e  f o r  a e r o s h e l l  c l ea rance  and r a d a r  acqu i s i t i on .  

i g n i t i o n  w i l l  aga in  be i n i t i a t e d  based on t h e  range-velocity of curve 

ure  3.3.1-14. 

and t h i s  i g n i t i o n  and 16 seconds i n  VM-10. 

follows : 

Assuming 

Lander s o l i d  rocket  

Fig- 

I n  VM-7, 8 seconds w i l l  be  needed between a e r o s h e l l  s e p a r a t i o n  

The complete sequence would be as 

a) Aeroshel l  rocket  i g n i t i o n  is a t  10 000 f t  a l t i t u d e  

b) Liquid p r o p e l l a n t  verniers are a l s o  i g n i t e d  a t  .8m level t o  provide 

a t t i t u d e  c o n t r o l  f o r  t h e  lander .  

c )  A t h r e e  second delay is  needed f o r  a e r o s h e l l  clearance. 

d) Landing r ada r  a c q u i s i t i o n  is  i n i t i a t e d  following a e r o s h e l l  c learance 

period. 

because of shallow incidence angles ,  t h e  l ande r  a t t i t u d e  i s  torqued 

towards locked-on beams a t  10 deg/sec rate. 

i s  again i n i t i a t e d .  

In t h e  event a l l  v e l o c i t y  beams do n o t  acqu i r e  "lock-on" 

A t  lock-on, i n e r t i a l  hold 

e) Lander s o l i d  rocket  i g n i t i o n  is based on t h e  range-velocity of curve 

a Figure 3.3.1-14. The r a d a r  a c q u i s i t i o n  period (above) w i l l  be a 

minimum of 5 seconds a t  10 000 f t  s e p a r a t i o n  a l t i t u d e ,  using t h e  

i g n i t i o n  curve of Figure 3.3.1-14. 

f) The remaining sequence i s  i d e n t i c a l  t o  Method A,  except lateral 

v e l o c i t y  c o n t r o l  is  i n i t i a t e d  3 seconds following lander  realignment 

s i n c e  t h e  a d d i t i o n a l  6 second delay is not  r equ i r ed  f o r  a e r o s h e l l  

impact. 

Addit ional  system weight i s  r equ i r ed  f o r  t h e  a e r o s h e l l  s e p a r a t i o n  rockets  

and added impulse i n  t h e  l i q u i d  v e r n i e r  system ( f o r  t he  pe r iod  between a e r o s h e l l  

s e p a r a t i o n  and l ande r  rocket  i g n i t i o n )  as compared t o  Method A. This amounts 

t o  s e p a r a t i o n  rocke t  weights of 19 and 22.6 pounds and 29 and 33 pounds added 

t o  t h e  l i q u i d  system f o r  Design Concepts I1 and 111, r e spec t ive ly .  However, 
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s i n c e  t h e  landing r a d a r  is n o t  r equ i r ed  t o  "see" through t h e  a e r o s h e l l ,  a 

minimum modif icat ion LM r a d a r  can be  employed. 

A summary comparison between the  a l l  p ropu l s ive  terminal d e c e l e r a t i o n  

systems and t h e  optimum aerodecelerator/TPS of  Design Concepts 11 and 111 are 

shown i n  Table 3.3.1-3. 

propuls ive system. 

the  ae rodece le ra to r  and t h e  weight reduct ion r e a l i z e d  i n  the  l i q u i d  v e r n i e r  

system because of  t h e  lower AV requirement is  n o t  enough t o  counterbalance t h i s  

i nc rease .  With proper choice of ae rodece le ra to r  s i z e ,  low t h r o t t l e  r a t i o  

engines can a l s o  be  u t i l i z e d  i n  t h e  combination system, hence no advantage is  

gained wi th  t h e  al l -propuls ive system. 

the lander-aerodecelerator  conf igu ra t ion  i s  be l i eved  t o  be f a r  "cleaner". 

o the r  than t h e  requirement f o r  ae rodece le ra to r  development, which i s  a l r eady  

underway with t h e  PEPP program, t h e  ae rodece le ra to r  - TPS terminal  d e c e l e r a t i o n  

system i s  s u p e r i o r  t o  the  a l l -p ropu l s ive  system. 

A severe weight i n c r e a s e  i s  required f o r  t h e  all- 

The s o l i d  p r o p e l l a n t  engine weighs considerably more than 

Also, release of  t h e  a e r o s h e l l  from 

Hence, 

ParachutelTerminal Propulsion System ( O p t i m u m  T h r o t t l e  Rat io)  - Terminal 

propulsion systems (Sect ion 3.2.7) s i z e d  f o r  t h e  optimum t h r o t t l e  r a t i o  w e r e  

combined wi th  parachute systems deployed a t  23 000 f t  and s i z e d  t o  g ive  equi l -  

ibrium v e l o c i t y  a t  t h e  optimum TPS i g n i t i o n  a l t i t u d e .  

cluded both weight and c o s t  f a c t o r s  and w a s  made f o r  t h e  monopropellant and bi-  

p r o p e l l a n t  systems using both t h e  preprogrammed and t h e  modified preprogrammed 

c o n t r o l  modes. 

This t r a d e  s tudy in- 

Decelerat ion system weights,  as a func t ion  of t h e  l ande r  weight and t h e  

equ i l ib r ium v e l o c i t y ,  are given i n  Figures  3.3.1-15 and -16. (The 1000 l b  

lander  weight, which is r e p r e s e n t a t i v e  of t h e  l a r g e r  d i s c r e t e  design p o i n t s ,  

w i l l  be  used f o r  a l l  subsequent comparisons,) 

gives t h e  l i g h t e r  d e c e l e r a t o r  system weight f o r  both c o n t r o l  modes. The mini- 

mum weight p o i n t s  are shown i n  Table 3.3.1-4. Thus, on a weight b a s i s  t h e  

modified preprogrammed, b i p r o p e l l a n t  TPS/parachute is  the b e s t  sys  t e m .  

The b i p r o p e l l a n t  TPS combination 

However, t h e  c o s t  f a c t o r  must a l s o  be considered. A normalized c o s t  

comparison is  given i n  Figure 3.3.1-17. This i n d i c a t e s  t h a t  t h e  monopropellant 

systems are much lower c o s t  (approximately 40%) f o r  a small weight penal ty  
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TABLE 3.3.1-3 

TERMINAL DECELERATION SYSTEM COMPARISON 

COMPARISON 
FACTORS 

AERO DEC E LE R AT0 R 
DEVELOPMENT 

SOLID ENGINE 

THROTTLE RATIO 

LIQUID SYSTEM 

RADAR 
DEVELOPMENT 

ADDITIONAL 
DEVELOPMENTS 

WEIGHT (TERMINAL) 
DECELERATION 
SYSTEM) 

\ EROD EC E L ERATOR 
+ TPS 

YES 

NO 

4.0 (11) 

MONO 

LM WITH MINOR 
MOD 

BAS EL IN E 

BASELINE 

A L L  PROPULSIVE 
METHOD A 

NO 

YES 

3.5 -3 4.5 

MONO 

LM WITH MAJOR 
MOD TO "SEE" 
TH ROUGH AEROSH ELL  

FIRE IN HOLE 
SEPARATION 

t45 (11) 

t 5 0  (111) 
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A L L  PROPULSIVE 
METHOD 6 

NO 

YES 

3.5 --f 4.5 

MONO 

LM WITH MINOR 
MODS 

AEROSHELL PULL 
AWAY SEPARATION 

+93 (11) 

+ 105.6 (111) 



0 PREPROGRAMMED GUIDANCE 
VM-7 (PARACHUTE SIZING) 

0 SURFACE WIND = 220 FT/SEC 

FIGURE 3.3.1-15 
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- MONOPROPELLANT TP 
I--- 

. .  . . .  

FIGURE 3.3.1-16 
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FIGURE 3.3.1-17 
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TABLE 3.3.1-4 TERMINAL DECELERATION SYSTEM WEIGHT COMPARISON 

COMPARISON 
BY TPS TYPE 

I 1 1 I I 
roximately 15%). The modified preprogrammed guidance mode has s m a l l  weight 

and c o s t  (10%) advantages over  t h e  preprogranuned guidance mode. 

Parachute/Terminal Propulsion System wi th  Aeroshel l  Impact  Requirement - 
The above s tudy de f ines  t h e  optimum (weight and c o s t )  d e c e l e r a t o r  system; 

however, t h e  a e r o s h e l l  e f f e c t  on t h e  landing r a d a r  must be considered. 

l y  t h e  landing r ada r  systems do n o t  have t h e  c a p a b i l i t y  t o  lockout t h e  aero- 

s h e l l .  Therefore,  t h e  a e r o s h e l l  m u s t  impact on t h e  Mars s u r f a c e  p r i o r  t o  

landing r a d a r  a c t i v a t i o n .  

Present- 

I n  add i t ion ,  a t t e n t i o n  w a s  given t o  means of reducing t h e  a e r o s h e l l  

diameter t o  e l imina te  t h e  boos te r  shroud hammer head. The diameter can be 

reduced by inc reas ing  t h e  value of m/CDA. 

reducing t h e  deployment a l t i t u d e  ( t o  maintain MDI. 2.0). 

tudes of  23 000 (Phase B s tudy) ,  18 590 f t  (m/CDA = 0.3) and 14  430 f t  

(m/C+ = 0.35) were chosen and included i n  t h i s  study. 

previous opt imizat ion s tudy,  only t h e  monopropellant TPS w a s  considered. 

This can be accomplished by 

The deployment al t i-  

A s  a r e s u l t  of t h e  

The ae rodece le ra to r  d a t a  of Sec t ion  3.3.1.2.4 w a s  used t o  s i z e  t h e  para- 

chute f o r  a range of equ i l ib r ium v e l o c i t i e s  and thereby s p e c i f y  t h e  equi l ibr ium 

a l t i t u d e  and t h e  l ande r  a l t i t u d e  a t  a e r o s h e l l  impact f o r  each of t h e  t h r e e  

deployment a l t i t u d e s .  

t o  remove t h e  t o t a l  AV (equi l ibr ium v e l o c i t y  w i t h  s u r f a c e  wind of 220 f t / s e c )  

with i g n i t i o n  a t  t h e  l a n d e r  a l t i t u d e  when t h e  a e r o s h e l l  impacts. 

Monopropellant t e rmina l  propuls ion systems w e r e  s i z e d  
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The r e s u l t a n t  te rmina l  dece le ra t ion  system weights and normalized costs 
f o r  a 1000 l b  l ande r  are given i n  Figure 3.3.1-18. 

lower c o s t  t e rmina l  dece le ra t ion  systems occur f o r  t he  deployment a l t i t u d e  of 

23 000 f t .  The system weight is  e s s e n t i a l l y  t h e  same, but  t he  c o s t  is about 

7% h igher  f o r  deployment a t  18 590 f e e t .  

mode r e s u l t s  i n  l i g h t e r  weight and lower c o s t  te rmina l  dece le ra t ion  systems 

than t h e  preprogrammed guidance mode. 

deployment a l t i t u d e  is  approximately VE = 290 f t / s e c  and h i  

The optimum p o i n t  f o r  18 590 f t  deployment a l t i t u d e  is  approximately V 

270 f t / s e c  and h i  

The l i g h t e s t  weight and 

The modified preprogrammed guidance 

The optimum p o i n t  f o r  23 000 f t  

= 6500 f t .  
gn 

= 
E 

= 5500 f t .  
gn 

The combination of a modified preprogrammed guidance mode, monopropellant 

TPS, and a parachute  w a s  s e l e c t e d  f o r  t h e  capsule  parametr ics  of Sec t ion  3.3.1.3, 
(Figures  3.3.1-22, -23, -27, and -28). The deployment a l t i t u d e  parametr ic ,  

Figure 3.3.1-29, i n d i c a t e s  t h a t  t he  lower deployment a l t i t u d e s  r e s u l t  i n  lower 

capsule  weights.  Deployment a t  23 000 f t  gave s l i g h t l y  lower capsule  cos t .  

The lowest deployment a l t i t u d e  (14 430 f t )  r e s u l t e d  i n  an a e r o s h e l l  diameter 

of 9.3 Et, which is  n o t  s m a l l  enough t o  prevent  hammer heading. Thus t o  

ob ta in  maximum b e n e f i t  from t h e  computer program and the  o the r  capsule  para- 

metric d a t a  the  deployment a l t i t u d e  of 23 000 f t  and TPS i g n i t i o n  a l t i t u d e  

of 6500 f t  w e r e  chosen. 

Follow-on p o i n t  designs wi th  new o r  modified environments should be  

analyzed f o r  var ious  deployment a l t i t u d e s .  

3.3.1.3 Del ivery system Capabi l i ty  - The va lue  of t he  de l ive ry  system 

is l a r g e l y  determined by t h e  weight of su r f ace  payload i t  i s  capable of landing. 

Therefore  a method of c a l c u l a t i n g  t h i s  c a p a b i l i t y  pa rame t r i ca l ly  has been 

developed and programmed f o r  automatic computation. Data from the  systems 

s t u d i e s  w a s  included where appropr ia te .  

The s u r f a c e  payload c a p a b i l i t y  i s  determined as a func t ion  of t h e  capsule  

weight, and a e r o s h e l l  diameter f o r  s e l e c t e d  combinations of t h e  capsule  systems. 

The s u r f a c e  payload systems and weights are a l l o c a t e d  using another  program, 

discussed i n  Sec t ion  3.3.2. The capsule  weight parametric developed i n  t h i s  

s e c t i o n  inc ludes  t h e  adapter  and adapter  mounted equipment. (Note t h a t  t h e  
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capsule support  equipment mounted on t h e  o r b i t e r  is  n o t  included. 

ment cons i s t s  mainly of te lemetry equipment and t h e  t o t a l  weight is 38.9 lb . )  

This equip- 

The Mars plane tary  e n t r y  capsule  weight program provides t h e  c a p a b i l i t y  

t o  c a l c u l a t e  mission h i s t o r y  group weight breakdowns using the  c a l c u l a t i o n  

order  presented i n  Table 3.3.1-5. 

The capsule su r face  payload c a p a b i l i t y  w a s  determined f o r  t he  t o t a l  en t ry  

cor r idor ,  t o t a l  range of Mars atmospheres, winds up t o  220 fps ,  surface s lopes  

up t o  34*, and a deployment a l t i t u d e  (hD) of 23 000 f t .  

i n  Figures 3.3.1-19 through -28. Tables 3.3.1-6 and -7 present  t he  cri teria 

used f o r  these  parametrics.  

p a r a l l e l  with t h e  o t h e r  capsule  parametrics.  

is  f o r  preprogrammed guidance mode with t h e  TPS i g n i t i o n  a t  4900 f t .  

la ter  parametr ics  are f o r  t h e  condi t ions  s e l e c t e d  i n  Sect ion 3.3.1.2.6, 

modified preprogramed guidance mode wi th  TPS i g n i t i o n  a t  6500 f t .  

This da t a  is  presented 

The su r face  payload parametr ics  w e r e  done i n  

Thus, t h e  f i r s t  da t a  presented 

The 

Surface payload c a p a b i l i t y  versus  capsule weight f o r  var ious a e r o s h e l l  

diameters is  shown i n  Figures 3.3.1-19 and 3.3.1-24. These f igu res  are then  

cross  p l o t t e d  t o  i l l u s t r a t e  t h e  a e r o s h e l l  diameter requirements ( see  Figures  

3.3.1-20 and 3.3.1-25). 

s u l e s  which deploy a parachute a t  Mach 2 ( see  Figures  3.3.1-21, -22, -26 and 

-27). 

Mach number (approximately Mach 3.5) are a l s o  shown (see  Figures 3.3.1-23 and 

Mission p r o f i l e  weight breakdown9 are shown f o r  cap- 

Capsules which deploy an a t tached  i n f l a t a b l e  dece le ra to r  a t  t h e  optimum 

-28). 

Figure 3.3.1-29 shows the  e f f e c t  of changing deployment a l t i t u d e  on aero- 

s h e l l  diameter and capsule weight,  f o r  t h e  preprogrammed guidance mode wi th  

TPS i g n i t i o n  a l t i t u d e s  below 5000 f t .  The capsule  a e r o s h e l l  diameter r e l a t i o n -  

sh9p f o r  the  optimum (with a e r o s h e l l  impact requirement) terminal  dece le ra t ion  

system is a l s o  shown. The a e r o s h e l l  diameter reduct ion i s  approximately t h e  

same i n  both cases; however, t h e  capsule  weight pena l ty  f o r  deployment i s  
only about 30 lb f o r  t h e  optimum system. 

terminal  dece lera t ion  system) c o s t  i s  s l i g h t l y  lower f o r  deployment a t  23 000 f t .  

The parachute  is s i z e d  t o  provide a minumum sepa ra t ion  d i s t ance  equal  t o  t h e  

terminal propulsion i g n i t i o n  a l t i t u d e  less the  d i s t ance  t r ave led  during t h e  

3 second delay (landing radar  a c t i v a t i o n ) .  

The t o t a l  capsule(with optimum 

The cri teria f o r  t h i s  parametr ic  
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TABLE 3.3.1-5 

MARS PLANETARY ENTRY CAPSULE WEIGHT PROGRAM 
CALCULATION ORDER 

A. ALL DATA I S  READ INTO A CRD MATRIX 

6. ITEMS NOT DEORBITED ARE CALCULATED. 
1. AN INITIAL ASSUMPTION ON SIZE (GEOMETRY) IS MADE FROM THE INPUTS (LATER CALCULATED AND COMPARED) 
2. DESCRIPTIVE TERMS ARE ASSIGNED TO THE INPUT MATRIX VALUES. 
3. PRE-DEORBIT WEIGHT I S  ESTIMATED (INPUT, LATER TO BE CALCULATED AND COMPARED). 
4. INPUT VALUES OF CONSTANTS, PAYLOAD EQUIPMENT, ETC. ARE ASSIGNED LABELS. 
5. STERILIZATION CANISTER WEIGHT IS CALCULATED IN A SEPARATE SUBROUTINE. 
6. INTERNAL STRUCTURE JETTISONED WITH THE STERILIZATION CANISTER IS CALCULATED. 
7. PAYLOAD LEFT WITH THE STERILIZATION CANISTER IS CALCULATED. 
8 .  PART OF TEMPERATURE CONTROL SYSTEM LEFT WITH THE STERILIZATION CANISTER I S  CALCULATED. 
9. ATTITUDE CONTROL PROPELLANT USED IN ORBIT IS CALCULATED. 

10. ADAPTER WEIGHT IS CALCULATED. 
11. SUMMATION OF DECREMENTS TO PREDEORBIT COhDITION. 

C. PRE-DEORBIT WEIGHT I S  CALCULATED (INPUT FLIGHT CAPSULE MINUS SUM OF DECREMENTS TO PRE-DEORBIT CONDITION). 
1. EARLIER ESTIMATED PRE-DEORBIT WEIGHT (8-3) I S  CHECKED AGAINST THE CALCULATED PRE-DEORBIT WEIGHT. FOR A DIFFER- 

ENCE GREATER THAN 10 LBS., THE NEW VALUE IS ASSIGNED AND THE PROGRAM RETURNS TO STEP 6-8. 
2. FOR A NEGATIVE OR ZERO CALCULATED PRE-DEORBIT WEIGHT THE PROGRAM GOES TO STEP R. 

1. ATTITUDE CONTROL PROPELLANT WEIGHT USED DURING DEORBIT I S  CALCULATED. 
2. DEORBIT PROPULSION PROPELLANT USED DURING DEORBIT IS CALCULATED. 
3. DECREMENTS DURING DEORBIT ARE SUMMED. 

D. ITEMS EXPENDED DURING DEORBIT ARE CALCULATED. 

E. POST-DEORBIT WEIGHT IS CALCULATED (DEORBIT DECREMENTS ARE SUBTRACTED FROM PRE-DEORBIT WEIGHT). 

F. ITEMS EXPENDED FROM POST-DEORBIT TO ENTRY ARE CALCULATED (ITEMS NOT ENTERED). 
1. INPUT INDICATOR DJETERMINES WHETHER DEORBIT MOTOR I S  JETTISONED OR RETAINED. 
2. I F  THE DEORBIT I S  JETTISONED, THE WEIGHT OF THE JETTISONED PART I S  CALCULATED. 
3. DECREMENTS FROM POST-DEORBIT TO ENTRY ARE SUMMED. 

1. FOR A NEGATIVE OR ZERO CALCULATED ENTRY WEIGHT THE PROGRAM GOES TO STEP R. 

1. ATTITUDE CONTROL PROPELLANT USED DURING ENTRY I S  CALCULATED. 
2. GUIDANCE AND CONTROL WEIGHT LEFT WITH AEROSHELL IS  INPUT. 
3. VEHICLE MAXIMUM BALLISTIC AERODYNAMIC LOAD (Q)  I S  CALCULATED BASED ON M/CDA. 
4. VEHICLE NOSE CAP I S  CALCULATED BASED ON Q AND AEROSHELL BASE DIAMETER. 
5. AEROSHELL FRUSTRUM WEIGHT IS  CALCULATED. 
6. AEROSHELL RING WEIGHT I S  CALCULATED. 
7. AN INPUT INDICATOR DETERMINES WHETHER OR NOT PROVISIONS FOR A LANDER ARE REQUIRED. 
8. LANDER SUPPORT STRUCTURE IS CALCULATED IF THERE IS  A LANDER. 
9. AEROSHELL WEJGHT IS CALCULATED (AS THE SUM OF PIECES PREVIOUSLY CALCULATED). 

10. INTERNAL STRUCTURE LEFT WITH THE AEROSHELL IS CALCULATED. 
11. THE HEAT SHIELD WEIGHT IS CALCULATED. 
12. THE PAYLOAD LEFT WITH THE AEROSHELL I S  INPUT. 
13. THE GUIDANCE AND CONTROL WEIGHT LEFT WITH THE AEROSHELL I S  INPUT. 
14. THE WEIGHT OF THE LANDED ITEMS I S  ESTIMATED (LATER CALCULATED AND COMPARED). 
15. THE WEIGHT OF THE THERMAL PROTECTION CURTAIN, INSULATION, HEATERS, AND COATINGS I S  CALCULATED. 

G. ENTRY WEIGHT IS CALCULATED. 

H. ITEMS EXPENDED DURING ENTRY ARE CALCULATED. 

16. THE AERO-DECELERATOR DEPLOYMENT LOAD (QD) I S  CALCULATED FROM ONE OF THREE EQUATIONS, DEPENDING ON THE M CDA 

17. THE ATMOSPHERIC DENSITY AT THE AERODECELERATOR DEPLOYMENT IS CALCULATED FROM INPUT DATA. 
18.THE SPEEOOFSOUNDANDMACHNUMBERATTHEAERODECELERATORDEPLOYMENTALTlTUDEARECALCULATED. 
19. BASED ON THE MACH NUMBER, A PARACHUTE OR ATTACHED INFLATABLE DECELERATOR (AIDSDRAG COEFFICIENT IS CHOSEN 

M. THE ADIABATIC WALL TEMPERATURE I S  CALCULATED FOR DEPLOYMENT CONDITIONS. 
21. THE FABRIC STRENGTH TO WEIGHT RATIO FOR THE AERODECELERATOR, BASED ON THE AOIABATIC WALL TEMPERATURE, I S  CAL- 

22. THE DECELERATOR DIAMETER FOR DIFFERENTIAL DRAG. FOR THE OPTIMUM TERMINAL VELOCITY FOR TERMINAL PROPULSION 

RANGE, OR IS INPUT, DEPENDING ON AN INPUT INDICATOR. 

FROM THE INPUT DATA. 

CULATED. 

SYSTEM (TPS) INITIATION, AND FOR AEROSHELL SEPARATION DISTANCE EQUAL TO TPS INITIATION ALTITUDE IS CALCULATED AND 
THE LARGER OF THREE IS SELECTED. TERMINAL VELOCITY FOR THE SELECTED DIAMETER I S  CALCULATED. 

23. HORIZONTAL WIND VELOCITY AND TERMINAL DECELERATOR VELOCITY ARE VECTORALLY SUMMED. 
24. THE PROJECTED AREAS OF THE AIDS AND OF THE AEROSHELL ARE CALCULATED. 
25. A PARACHUTE OR AIDS I S  SELECTED BASED ON THE MACH NUMBER. 
26. I F  AN AIDS I S  SELECTED, THE AIDS WEIGHT I S  CALCULATED. 
27. IF A PARACHUTE I S  SELECTED, THE PARACHUTE AND EQUIPMENT WEIGHT I S  CALCULATED. 
28. THE DECREMENTS FROM ENTRY TO TERMINAL DESCENT ARE SUMMED. 

I. THE TERMINAL DESCENT WEIGHT I S  CALCULATED. 
1. FOR A NEGATIVE OR ZERO TERMINAL DESCENT WEIGHT, THE PROGRAM GOES TO STEP R. 
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TABLE 3.3.1-5 

MARS PLANETARY ENTRYCAPSULE WEIGHT PROGRAM 
CALCULATION ORDER (Continued) 

J.ITEMSEXPENDED FROMTERMINALDESCENT TDTOUCH-DOWN ARECALCULATED. 
1. VEHICLE GEOMETRY I S  CALCULATED FROM WEIGHTS AND PREVIOUSLY INPUT OR DERIVED DIMENSIONS. 
2. PRE-PROGRAMMED OR ACTiVE GUIDANCE I S  SELECTED BASED ON MINIMUM IMPULSE REQUIREMENT, (A BIASTOWARD ONE SYSTEM 

3. IMPULSE TO MASS RATIO AND OPTIMUM THROTTLE RATIO ARE SELECTED BASED ON THE HORIZONTAL VELOCITY AND THE PARA- 

4. BIPROPELLANT AND MONOPROPELLANT TERMINAL PROPULSION SYSTEM WEIGHTS ARE CALCULATED IN TWO SEPARATE SUBROU. 

5. THE DECREMENTS TO TOUCHDOWN WEIGHT ARE SUMMED. 

MAY BE INPUT.) OR AN iNDlCATOR MAY BE USED TO CALL  INPUT IMPULSE AND THROTTLE RATIO INFORMATION. 

CHUTE (OR AIDS ) TERMINAL VELOCITY. 

TINES, AND THE LIGHTER ONE I S  SELECTED (A BIAS TOWARD ONE SYSTEM MAY BE INPUT). 

K. THE TOUCHDOWN WEIGHT IS CALCULATED. 

L. THE WEIGHTS OF THE LANDED ITEMS ARE CALCULATED. 
1. I F  THE TOUCHDOWN WEIGHT I S  POSITIVE, THE IMPACT SYSTEM I S  CALCULATED. 
2. THE IMPACT SYSTEM WEIGHT CALCULATION INCLUDES A GEOMETRY, C.G. AND INERTIA CALCULATION WHICH ARE USED TO DETER. 

3 .  THE TEMPERATURE CONTROL SYSTEM WEIGHT LANDED IS CALCULATED. 
4. THE LANDED ITEMS WEIGHTS ARE SUMMED. 
5. THE LANDED ITEMS WEIGHT IS CHECKED AGAINST THE VALUE ASSUMED IN H-14. I F  THE DIFFERENCE I S  GREATER THAN TEN 

POUNDS THE PROGRAM RETURNS TO J. 

MINE MINIMUM WEIGHT AND DIAMETER WITHIN THE STABILITY LIMITS. 

M. THE REMAINING WEIGHT CAPABILITY, POSITIVE OR NEGATIVE, IS  CALCULATED (THE DIFFERENCE BETWEEN THE INITIAL ASSUMED 

N. EACH SYSTEM IS CALCULATED (THE SUM OF THE DECREMENTS PLUS THE FINAL WEIGHT). 

0. THE MATRIX NEEDED FOR PRINT OUT I S  GENERATED. 

P. THE INERTIA CALCULATION AND ITERATION I S  CONSIDERED. 

VEHICLE WEIGHT AND THE SUM OF THE WEIGHTS OF THE PIECES). 

1. THE NUMBER OF ITERATIONS I S  CHECKED AGAINST AN INPUT VALUE TO SEE I F  SUFFICIENT ITERATIONS HAVE BEEN COMPLETED. 
I F  THEY HAVE, THE PROGRAM GOES TO THE PRINT-OUT STEP (9). I F  THEY HAVE NOT, THE PROGRAM GOES TO THE NEXT STEP. 

2. THE VEHICLE INERTIA IS CALCULATED IN A SEPARATE SUBROUTINE. 
3. THE PROGRAM I S  RETURNED TO STEP 6-4. 

9. RESULTS ARE PRINTED-OUT. 
R. PROGRAM STOPS OR RETURNS TO FIRST STEP (A) FOR NEW CASE, I F  A PARAMETRIC IS BEING RUN. 
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TABLE 3.3.1-6 

CRITERIA FOR FIGURES 3.3.1-19 THROUGH 3.3.1-23 

ENTRY ALTITUDE 
ENTRY VELOCITY (V,) 
ENTRY FLIGHT PATH ANGLE ( y e )  

800 0001 FT 
FROM 13 000 TO’ 15 200 FT/SEC 
FROMGRAZE TO - -2OO -. 

ATMOSPHERES 
14 KM 
20 MB 

SCALE HEIGHT (Hp) FROM 5 TO -. - SURFACE PRESSURE (Po) FROM TO 
450 FT/SEC - D EO RBI T VELOCITY INCREMENT 

FIXED EQUIPMENT WEIGHT 
’ 2.9 L B  

112.9 L B  
168.0 L B  
15.0 L B  
15.5 L B  

137.5 L B  

1.51 
.78 

1 .oo 
.80 
-60 
.6 0 
-6 9 

2 
,23 000 F T  

GUIDANCE & CONTROL & RADARS - ON AEROSHELL 
GUIDANCE & CONTROL & RADARS - LANDED 
SCIENCE, TCM, ELECTRICAL & MlSC - TOTAL 
SCIENCE, TCM, ELECTRICAL & MlSC - ON ADAPTER 
SCIENCE, TCM, ELECTRICAL & MlSC - ON AEROSHELL 
SCIENCE, TCM, ELECTRICAL & MlSC - LANDER 

- - 
- 
- - - 

DRAG COEFFICIENTS ( CD) 

AEROSHELL - SUPERSONIC CD -. 
AEROSHELL - SUBSONIC CD - 
ATTACHED INFLATABLE DECELERATOR - SUPERSONIC CD 
ATTACH ED INFLATABLE DECELERATOR - SUBSONIC CD 

PARACHUTE - SUPERSONIC CD (BASED ON TO’ fA l  SURFACE AREA) - 
PARACHUTE - SUBSONIC CD (BASEDON TOTAL SURFACE AREA) - 

__. - 

MINIMUM ACCELERATION OF AEROSHELL RELATIVE TO LANDER 
PARACHUTE DEPLOYMENT MACH NO. LIMIT 

MAXIMUM DEPLOYABLE DECELERATOR VERTICAL VELOCITY 

HORIZONTAL VELOCITY VECTOR DUE TO WINDS 

MAXIMUM SURFACE SLOPE 

- 
- 

DEPLOYABLE DECELERATOR DEPLOYMENT ALTITUDE (hg) - 
350 FT/SEC 
220 FT/SEC 

- 34O ABOVE LOCAL HORIZONTAL 

TERMINAL GUIDANCE MODE .. - PREPROGRAMMED 

FOR FIGURES 3.3.1-22 & 3.3.1-23 

AT TERMINAL PROPULSION INITIATION - 
TERMINAL PROPULSION IGNITION ALTITUDE - 
TERMINAL PROPULSION SYSTEM TYPE - 

4 G  F T  

MONO 

4500 F T  - IGNITION ALTITUDE I S  CHANGED TO 

TERMINAL GUIDANCEMODE 
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FIGURE .3.3.1-19 
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FIGURE 3.3.1-20 
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FIGURE 3.3.1-21 
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FIGURE 3.3.1-22 
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FIGURE 3.3.1-23 
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TABLE 3.3.1 -7 
CRITERIA FOR FIGURES 3.3.1-24 THROUGH 3.3.1 -28 

ENTRY ALTITUDE 
ENTRY VELOCITY (V,) 
ENTRY FLIGHT PATH ANGLE (ye)  
ATMOSPH ERE S 

SCALE HEIGHT (Hp) 
SURFACE PRESSURE (Po) 

D EORBl T VELOCITY INCREMENT 
FIXED EQUIPMENT WEIGHT 

GUIDANCE & CONTROL & RADARS - ON AEROSHELL 
GUIDANCE & CONTROL & RADARS - LANDED 
SCIENCE, TCM, ELECTRICAL & MISC - TOTAL 
SCIENCE, TCM, ELECTRICAL & MISC - ON ADAPTER 
SCIENCE, TCM, ELECTRICAL & MISC - ON AEROSHELL 
SCIENCE, TCM, ELECTRICAL & MISC - LANDER 

DRAG COEFFICIENTS ( CD) 
AEROSHELL - SUPERSONIC CD 
AEROSHELL - SUBSONIC CD 
ATTACHED INFLATABLE DECELERATOR - SUPERSONIC CD 
ATTACH ED INFLATABLE DECELERATOR - SUBSONIC CD 
PARACHUTE - SUPERSONIC CD 
PARACHUTE - SUBSONIC CD 

(BASEDON TOTAL SURFACE AREA) 
(BASEDON TOTAL SURFACE AREA) 

MINIMUM ACCELERATION OF AEROSHELL RELATIVE TO LANDER 
PARACHUTE DEPLOYMENT MACH NO. LIMIT 

MA XIMUM D EP LOY AB L E D EC E L ER AT OR V ER T IC AL VE LOCI TY 
AT TERMINAL PROPULSION INITIATION 

HORIZONTAL VELOCITY VECTOR DUE TO WINDS 
TERMINAL PROPULSION IGNITION ALTITUDE 
MAXIMUM SURFACE SLOPE 
TERMINAL PROPULSION SYSTEM TYPE 

DEPLOYABLE DECELERATOR DEPLOYMENT ALTITUDE (hg) 

TERMINAL GUIDANCE MODE 

FOR FIGURES 3.3.1-27 & 3.3.1-28 
IGNITION BLTI'T~DE IS  CHANGE^ TO 

TERMINAL GUIDANCE M0D.E 

800000 F T  
FROM 13000 TO 15200 FT/SEC 
FROM GRAZE TO -2OO - - 
FROM -5- TO 14 KM 

20 MB FROM S TO - 
450 FT/SEC 

2.9 L B  

168.0 L B  
15.0 L B  
15.5 L B  
137.5 L B  

-- 112.9 LB 

- - - - 
1.51 
.78 

1 .oo 
.8 0 
.60 

-. - 
- 
- 

350 FT/SEC 
220 FT/SEC 
- 

4@ FT 

' B  I' 

- - 34O ABOVE'LOCAL HORIZONTAL 

- 
PREPROGRAMMED 

6500 F T  - 
MODIFIED 
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FIGURE 3.3.1-25 
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AEROSHELL DIAMETER - FT 
FIGURE 3.3.1-26 
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FlGUR E 3.3.1-27 
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FIGURE 3.3.1-28 
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is given in Table 3.3.1-8. 

Surface payload capability versus capsule weight for various aeroshell 
diameters is shown in Figure 3.3.1-30 for reduced entry corridor, scale height, 
winds, and surface slopes. 

the aeroshell diameter requirements. 

weight breakdown. 

Figure 3.3.1-31 is a cross plot which illustrates 

Figure 3.3.1-32 is a mission profile 
Table 3.3.1-9 presents the criteria for these parametrics. 

Weight exchange functions were determined along the Mach = 2.0 line for 

the parachute systems and along the optimum weight line for the AIDS. 

conditions for these three sets of weight exchange functions were: 
The 

a) Modified preprogrammed guidance 

b) hD = 23 000 ft 

c) Full entry corridor 

= 6500 ft dl high 

e) Solid deorbit motor 

f) 

g) 

Parachute % = 2.0; Monopropellant TPS 

AIDS M,, = 3.5; Monopropellant TPS 

These equations are presented in Tables 3.3.1-10 and 3.3.1-11. 
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TABLE 3.3.1- 8 
CRITERIA FOR FIGURE 3.3.1-29 . 

ENTRY ALTITUDE 
ENTRY VELOCITY (V,) 
ENTRY FLIGHT PATH ANGLE (ye) 
ATMOSPHERE S 

800 000 FT 
FROM 13 000 TO 15 200 FT/SEC 
FROMGRAZE TO 
- 

-2OO - - 
14 KM 
20 MB 

FROM 2 TO - 
FROM 5 TO 7 

SCALE HEIGHT (Hp) 
SURFACE PRESSURE (Po) 

450 FT/SEC - DEORBIT VELOCITY INCREMENT 
FIXED EQUl PME NT WEIGHT 

2.9 L B  
112.9 L B  
168.0 L B  
15.0 L B  
15.5 L B  

137.5 L B  

1.51 
.78 

1 .oo 
.80 
.60 
.60 
-6 9 

2 
,* FT 

350 FT/SEC 
220 FT/SEC 
** FT 

- GUIDANCE & CONTROL & RADARS - ON AEROSHELL 
GUIDANCE & CONTROL & RADARS - LANDED 
SCIENCE, TCM, ELECTRICAL & MlSC - TOTAL 
SCIENCE, TCM, ELECTRICAL & MlSC - ON ADAPTER 
SCIENCE, TCM, ELECTRICAL & MISC - ON AEROSHELL 
SCIENCE, TCM, ELECTRICAL & MlSC - LANDER 

- 
- 
- - 
- 

DRAG COEFFICIENTS ( CD) 

-. AEROSHELL - SUPERSONIC CD 
AEROSHELL - SUBSONIC CD 
ATTACHED INFLATABLE DECELERATOR - SUPERSONIC CD 
ATTACH ED INFLATABLE DECELERATOR - SUBSONIC CD 
PARACHUTE - SUPERSONIC C g  

- 
- - 
- (BASED ON TOTAL SURFACE AREA) 

- PARACHUTE - SUBSONIC CD (BASEDON TOTAL SURFACE AREA) 

- MINIMUM ACCELERATION OF AEROSHELL RELATIVE TO LANDER 
PARACHUTE DEPLOYMENT MACH NO. LIMIT 
DEPLOYABLE DECELERATOR DEPLOYMENT ALTITUDE (hD) 
MAXIMUM DEPLOYABLE DECELERATOR VERTICAL VELOCITY 

AT TERMINAL PROPULSION INITIATION 
HORIZONTAL VELOCITY VECTOR DUE TO WINDS 
T ERMlN AL PROPULSION IGNITION ALTITUDE 
MAXIMUM SURFACE SLOPE 
TERMINAL PROPULSION SYSTEM TYPE 

FOR OPTIMUM SYSTEM 

TERMINAL GUIDANCE MODE MODIFIED 

- 
- 
- 
- - 

' 34' ABOVE LOCAL HORIZONTAL - 
MONO - 

TERMINAL GUIDANCE MODE 

TERMINAL PROPULSION IGNITION ALTITUDE - 
PR E PROGRAM ED 

*** 

*hD = 23 000 F T  **4868 FT ***6500 FT 
hD = 18 590 F T  4460 FT 5200 F,T 
hD = 14 430 F T  3700 FT 4000 F T  

. ._ . 
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FIGURE 3.3.1-29 
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TABLE 3.3.1-9 
CRITERIA FOR FIGURES 3.3.1-30,3.3.1-31 & 3.3.1-32 

ENTRY ALTITUDE 800000 FT 
ENTRY VELOCITY (V,) FROM 14000 TO 15 200 FT/SEC 
ENTRY FLIGHT PATH ANGLE (ye )  

ATMOSPH ERE S 
-18' FROM - -15" TO - 

FROM 8 TO - 
FROM 2 TO - 

14 KM 
20 MB 

. 450 FT/SEC 

SCALE HEIGHT (Hp) 
SURFACE PRESSURE (Po) 

c -  
DEORBIT VELOCITY INCREMENT 
FIXED EQUIPMENT WEIGHT 

GUIDANCE & CONTROL & RADARS - ON AEROSHELL 2.9 L B  
112.9 L B  
168.0 L B  
15.0 L B  
15.5 L B  

137.5 L B  

1.51 
.78 

1 .oo 
.80 
-60 
.60 
-6 9 

2 
23000 FT 

-- GUIDANCE & CONTROL & RADARS - LANDED 
SCIENCE, TCM, ELECTRICAL & MlSC - TOTAL 
SCIENCE, TCM, ELECTRICAL & MlSC - ON ADAPTER 
SCIENCE, TCM, ELECTRICAL & MlSC - ON AEROSHELL 
SCIENCE, TCM, ELECTRICAL & MlSC - LANDER 

- 
- 
- 
- 

DRAG COEFFICIENTS ( CD) 

- AEROSHELL - SUPERSONIC CD 
AEROSHELL - SUBSONIC CD 
ATTACHED INFLATABLE DECELERATOR - SUPERSONIC CD 
ATTACH ED INFLATABLE DECELERATOR - SUBSONIC CD 
PARACHUTE - SUPERSONIC CD (BASED ON TOTAL SURFACE AREA) 

- 
- 
- 
- 

PARACHUTE - SUBSONIC CD (BASED ON TOTAL SURFACE AREA) - 
MINIMUM ACCELERATION OF AEROSHELL RELATIVE TO LANDER 
PARACHUTE DEPLOYMENT MACH NO. LIMIT 
DEPLOY AB LE DECELERATOR DEPLOYMENT ALTITUDE (hD) 
MAXIMUM DEPLOYABLE DECELERATOR VERTICAL VELOCITY 

AT TERMINAL PROPULSION INITIATION 
HORIZONTAL VELOCITY VECTOR DUE TO WINDS 
TERMINAL PROPULSION IGNITION ALTITUDE 

TERMINAL PROPULSION SYSTEM TYPE 
TERMINAL GUIDANCE MODE 

- 
- 
- 

310 FT/SEC 
118 FTiSEC 
7 - 

6500 F T  
MAXIMUM SURFACE SLOPE - 20° ABOVE LOCAL HORIZONTAL 

MONO 
MOD I F I ED 
- 

---,  . 
.c f 
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FIGURE 3.3.1-3 1 
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FIGURE 3.3.1-32 
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TABLE 3.3.1-10 

CAPSULE WEIGHT EXCHANGE FUNCTIONS 

NOMINAL MODIFIED 
ENVIRONMENT ENVIRONMENT I CON F I GU R AT1 ON 

SOLlD PROPELLANT DEORBIT 
PARACHUTE (MD) = 2.0) 

Wc = 980 t 2.19 Wsp Wc = 875 t 1.90 Wsp 

MONOPROPELLANTTPS 
MODIFIED PREPROGRAMMED GUIDANCE 

IGNITION ALTITUDE = 6500 F T  

WL = 528 t 1.40 Wsp 
WD.L = -5 t 1.05 Wsp 

Wc = 80 t 1.22 WE 

WL = 515 t 1.35 Wsp 
WDL = -3 t 1.05 WL 

Wc = 50 t 1.2 WE 
AEROSHECL IMPACT REQUIREMENT WE = 70 t 1.22 WDL WE = 90 4- 1.12 WDL 

TABLE 3.3.1-11 

CAPSULE WEIGHT EXCHANGE FUNCTIONS 

CONFIGURATION I NOMINAL 1 ENVl RONME NT 

SOLID PROPELLANT DEORBIT 

AIDS (OPTIMUM MD ~ 3 . 5 )  

MONOPROPELLANTTPS 

MODIFIED PREPROGRAMMED GUIDANCE 

AEROSHELL IMPACT REQUIREMENT 

IGNITION ALTITUDE = 6500 FT 

Wc = 1000 t 2.16 Wsp 

WL = 540 t 1.45 Wsp 

WDL = -8 t 1.12 WL 

WE = 80 t 1.16 WDL 

I NOTE: 

SP - SURFACE PAYLOAD 
L -LANDER 
D L  -DECELERATORLOAD 
E - ENTRY WEIGHT 
C -CAPSULE 

\ 
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3.3 .2  SURFACE PAYLOAD ANALYSIS - I n  t h e  a n a l y s i s  of t h e  o v e r a l l  capsule  

c a p a b i l i t y ,  t h e  payload element which is  de l ivered  t o  t h e  su r face  of Mars can 

be considered independently from t h e  o the r  capsule  elements, since t h e  capsule  

de l ive ry  system is e s s e n t i a l l y  independent of t h e  performance o r  ope ra t iona l  

c h a r a c t e r i s t i c s  of t h e  su r face  payload. 

The su r face  payload inc ludes  t h e  su r face  sc i ence  instruments ,  communica- 

t i o n s ,  electrical power, sequencing, thermal c o n t r o l ,  and t h e  s t r u c t u r e  

required t o  c a r r y  out  t h e  experimental  program a f t e r  landing. 

v a r i a b l e s  inc lude  t h e  mission dura t ion ,  t h e  sc i ence  instruments ,  t h e  comuni- 

ca t ion  mode, t h e  power source,  and t h e  thermal c o n t r o l  approach, 

rap id  and accu ra t e  eva lua t ion  of t h e  payload c a p a b i l i t y  as a func t ion  of t hese  

va r i ab le s ,  t h e  computations w e r e  mechanized i n  a computer program which 

incorpora tes  parametr ic  design c h a r a c t e r i s t i c s  of each system. 

the re fo re  provides a r e l a t i v e l y  d e t a i l e d  design s o l u t i o n  which simultaneously 

satisfies t h e  design and operat ing requirements of a l l  systems. 

The primary 

To permit 

The ana lys i s  

3 . 3 . 2 . 1  Summary. - The su r face  payload changes as t h e  mission changes 

from s h o r t  (1 t o  3 days) t o  extended (90 days) t o  long ( 6  months t o  2 years )  

durat ion.  Regardless of t h e  mission dura t ion ,  c e r t a i n  conclusions are 

app l i cab le .  

a )  Surface payloads designed f o r  a continuous cold (-190'F) are 

considerably heavier  than vehic les  designed f o r  a c y c l i c  environment. 

b )  The r e l a y  mode of da t a  t ransmission allows l i g h t e r  and less complex 

su r face  payloads than t h e  d i r e c t  mode. However, i t s  s e l e c t i o n  as 

t h e  p r i n c i p a l  mode of d a t a  t ransmission is dependent upon t h e  

a v a i l a b i l i t y  of t h e  o r b i t e r .  

c )  Radioisotope h e a t e r s  are t h e  most a t t r a c t i v e  means of providing hea t  

t o  t h e  su r face  payload during t h e  cold per iods  of t h e  mission. They 

do represent  somewhat of a problem during t h e  warm po r t ions  of t h e  

mission because they inc rease  t h e  temperature of t h e  equipment. 

3.3.2- 1 



d) The weight of t h e  sc i ence  payload has  a moderate e f f e c t  upon t h e  

t o t a l  s u r f a c e  payload. Generally,  a 10 pound inc rease  i n  sc i ence  

increases t h e  s u r f a c e  payload weight by 20 t o  40 pounds. 

In a d d i t i o n  t o  t h e  gene ra l  r e s u l t s ,  which are a p p l i c a b l e  r ega rd le s s  of 

mission dura t ion ,  t h e  following conclusions apply t o  t h e  t h r e e  classes of 

missions : 

Short Duration Missions (Bat tery Power) - With a minimum sc i ence  payload 
(30 pounds, 10 7 b i t s  per  day) ,  s u r f a c e  payloads of approximately 175 pounds 

are poss ib l e .  

t ransmission mode, and by designing f o r  a c y c l i c  environment and a one day 

mission. A more conserva t ive  approach i s  t o  design f o r  a cons tan t  cold 

environment and t o  use only electrical hea te r s .  

a s u r f a c e  payload weight of about 210 pounds. 

This  weight r e s u l t s  from using i so tope  hea te r s ,  t h e  r e l a y  

This  approach r e s u l t s  i n  

I f  t h e  s u r f a c e  payload i s  designed f o r  more than one day of landed oper- 

a t i o n s ,  i t s  weight i nc reases  r a p i d l y  f o r  each a d d i t i o n a l  day of opera t ion  i f  

a cons tan t  cold environment is  assumed, and electrical h e a t e r s  are used. I f  

a c y c l i c  environment is assumed o r  i f  i so tope  h e a t e r s  are used, t h e  d a i l y  

weight i nc rease  is  gradual  (approximately 25 pounds per  day). 

The r e l a y  t ransmission mode is  p re fe r r ed  f o r  a s h o r t  du ra t ion  mission. 

A command system i s  not  considered t o  be  requi red  i n  a mission of a few days. 

Direct readout of t h e  f acs imi l e  camera can be used t o  e l imina te  t h e  requirement 

f o r  a t ape  recorder .  

Extended Duration Missions (Solar  Power) - A s u r f a c e  payload f o r  extended 

du ra t ion  missions,  and wi th  t h e  min imum approved sc ience  payload, can be 

designed i n  s e v e r a l  ways. 

f o r  surv iv ing  one co ld  day with a combination of electrical and i so tope  h e a t e r s ,  

and c y c l i c  days wi th  only i s o t o p e  hea te r s .  This  approach y i e l d s  a small s o l a r  

panel  area (20 f t 2 ) ,  a l a r g e  b a t t e r y  (50 pounds) and a t o t a l  payload weight of 

about 280 pounds. Another approach is t o  consider  only t h e  c y c l i c  environment 

and t o  use  only i so tope  h e a t e r s .  

226 pounds, and a s o l a r  panel  area of less than 20 f t  . 

A conserva t ive  approach i s  t o  provide t h e  c a p a b i l i t y  

This r e s u l t s  i n  a s u r f a c e  payload weight of 
2 These approaches have 
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a minimum s o l a r  panel  area wi th  no margin f o r  decreased s o l a r  panel  performance. 

A s  with  s h o r t  dura t ion  missions,  t h e  r e l a y  mode is p re fe r r ed  as t h e  bas i c  

However, s i n c e  i t  is probable t h a t  t h e  o r b i t  technique f o r  da t a  t ransmission.  

of t h e  o r b i t e r  w i l l  be changed a f e w  days a f t e r  t h e  start of t h e  mission,  

making t h e  r e l a y  mode inope ra t ive  s h o r t l y  after t h i s  change, a l o w  rate d i r e c t  

l i n k  should be used t o  t ransmit  non-imaging da ta .  

makes a command l i n k  des i r ab le .  

acceptable ,  t h e  f acs imi l e  camera can be  read out  d i r e c t l y ,  thus e l imina t ing  

t h e  need f o r  a t ape  recorder .  

The length  of t h e  mission 

I f  images a t  a f ixed  l i g h t i n g  condi t ion are 

Long Duration Missions (RTG Power) - The long dura t ion  missions were 

analyzed al though no conceptual design poin t  w a s  der ived.  

RTG and a b a t t e r y  should be used f o r  t h e  mission because t h e  use of only an 

RTG r e s u l t s  i n  a heav ie r  veh ic l e  and an extremely l a r g e  RTG. The d i r e c t  t rans-  

mission mode is  p re fe r r ed ,  because t h e  r e l a y  mode is ope ra t iona l ly  unfeas ib le  

throughout most of t h e  mission. The t ransmission of a l a r g e  amount of da t a ,  

on a d a i l y  b a s i s ,  throughout: t h e  mission is  p r a c t i c a l  only i f  t h e  payload is 

designed t o  support  t h e  opera t ion  of only one r ad io  l i n k  a t  a t i m e .  

taneous opera t ion  of two o r  more r ad io  l i n k s ,  e.g. ,  high rate and low rate 

S-band, r e s u l t s  i n  a l a r g e  power system and a l a r g e  su r face  payload. 

A combination of an 

Simul- 

3 . 3 . 2 . 2  Study a l t e r n a t i v e s .  - The i n v e s t i g a t i o n  of t h e  su r face  payload 

simultaneously considered several design v a r i a b l e s ,  p r imar i ly  t h e  sc ience  

payload, mission dura t ion ,  electrical power source,  communication mode, 

environmental design l i m i t s ,  and thermal con t ro l  techniques.  

Science Payload - The sc ience  payload, t h e  bas i c  independent v a r i a b l e  i n  

t h e  s tudy ,  is  a func t ion  of t h e  s p e c i f i c  instruments s e l e c t e d ,  t h e  mode of oper- 

a t i o n ,  and t h e  da t a  produced. For t h i s  s tudy,  6 3  d i s c r e t e  science payloads 

w e r e  considered. A matr ix  of t h e  weight and da ta  ga ther ing  c a p a b i l i t i e s  of 

t hese  payloads i s  presented i n  Figure 3.3.2-1.  

used f o r  t h e  a n a l y s i s  are shown i n  Figure 3.3.2-2.  

although these  payloads may d i f f e r  from those used f o r  t h e  conceptual designs,  

t h e  d i f f e rence  is not  s i g n i f i c a n t  i n  terms of e f f e c t s  upon t h e  t o t a l  su r f ace  

payload. 

The s p e c i f i c  sc ience  payloads 

It should be  noted t h a t  
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SCIENCE PAYLOADS 

ROMATOGRAPH 

LIFE DETECTOR 18 LIFE DETECTOR 18 
7 5  

TOTAL 47 TOTAL 49 5 

METEOROLOGY 10 METEOROLOGY 10 
SURFACE SAMPLER 15 GAS CHROMATOGRAPH 8 
GAS CHROM W OVEN 15 SUBSURFACE PROBE 6 
SUBSURFACE PROBE 6 LIFE DETECTOR i8 

15 LIFE DETECTOR - 16 FACSIMILE (2) 
TOTAL 62 TOTAL 57 

METEOROLOGY 10 METEOROLOGY 10 
SURFACE SAMPLER 15 SURFACE SAMPLER 15 
GAS CHROM W'OVEN 15 GAS CHROM W OVEN 15 
SUBSURFACE PROBE 6 LIFE DETECTOR 16 
LIFE DETECTOR 16 SUBSURFACE PROBE 6 

7 5  RADlOMET ER 
TOTAL 67 TOTAL 69 5 

NONE METEOROLOGY 10 
USED SURFACE SAMPLER 20 

FOR GAS CHROM W OVEN 15 
STUDY LIFE DETECTOR 16 

II SPECTROMETER 10 
SUBSURFACE PROBE 6 
FACSIMILE (1) 7 5  
TOTAL 84 5 

NONE 80 LB SUBSYSTEM 84 5 
USEO (ABOVE) 

7 5  FOR 2ND FACSIMILE 

TOTAL 92 STUDY 

NONE 90 LB SUBSYSTEM 92 
(ABOVE) USEO 
X-RAY FLOURESCENCE 2 
(PART OF <I SPEC) 

FOR 

RADIOMETER 5 
STUDY 

TOTAL 99 

- 5 FACSIMILE (1) RADIOMETER - 

- 

- 5 FACSIMILE (1) - 

__ 

-_ 

__ 
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Initially in this study, the entire spectrum of science payloads was 

examined. 
payload of 30 pounds and lo7 bits per day, because it represented significant 

capability (imaging, soil analysis, and meteorology) and incurred modest pay- 

load weight and cost. 

As the study progressed, particular emphasis was given to a science 

Mission Duration - As mentioned before, mission duration was categorized 
into three classifications; (1) short term (1, 2, or 3 days), (2) extended 
life (90 days), and (3) long term ( 6  months to 2 years). 

is segregated into the three basic classes of missions. 

The overall study 

Electrical Power Source - The electrical power source is closely related 
to the mission duration. 

for extended life missions, a combination of batteries and solar panels; and 
€or long term missions, a combination of batteries and RTG's. 

For short term missions, batteries were used; 

. Communication Mode - The alternatives in the area of communications are 

direct (S-band) and relay (UHF). A variable common to both transmission modes 

is the daily transmitting time, which is limited by the viewing opportunity 

of the Earth or the orbiter. In the direct mode, the antenna type (low gain 
or pointed) is a variable. For the relay mode of operation, a choice exists 

between transmitting when the orbiter is near periapse or near apoapse. For 

the direct mode, the communication distance is a variable, although it is a 

function of the landing date and the mission length. 
such as whether a tape recorder, command reception link, or low rate engineer- 

ing data radio link are used, are functions of other engineering requirements 

and the mission concept. 

Additional options, 

Environmental Design Limits - Two basic types of environment were used 
for this study: constant cold and cyclic. The constant cold environment, 
a steady state of -190°F, was used as a worst case for calculating the heating 

requirements of the vehicle. 
used to determine if the vehicle or its components would overheat. Also, the 

cyclic environment was used as a "nominal" condition for calculating the heat- 

ing requirements of the vehicle. 

The cyclic environment, -15O0F to f120°F, was 
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Thermal Control  - The design opt ions  a v a i l a b l e  f o r  thermal c o n t r o l  were 

found t o  have a l a r g e  e f f e c t  upon the  t o t a l  v e h i c l e  and due t o  i n t e r a c t i o n s  

with o t h e r  d i s c i p l i n e s  (power, s t r u c t u r e ,  e t c . ) .  

i n s u l a t i o n  th ickness  and e f f i c i e n c y ,  temperature l i m i t s  of the i n s u l a t e d  com- 

partment of t h e  veh ic l e ,  hea t ing  technique ( i so topes  o r  electrical h e a t e r s ) ,  

and equipment cool ing technique (phase change material o r  hea t  pipes) .  

The p r i n c i p a l  op t ions  inc lude  

3 .3 .2 .3  Analysis technique. - The a n a l y s i s  of t h e  s u r f a c e  payload w a s  
conducted i n  t h r e e  d i s c r e t e  s t e p s ;  

dura t ion  missions,  and (3)  long dura t ion  missions.  Short  dura t ion  missions 

were s tudied  f i r s t  because t h e i r  s i m i l a r i t y  t o  our  VOYAGER Phase B design 

allowed a po in t  f o r  comparison. Short  dura t ion  missions w e r e  analyzed f o r  t he  

1973 opportuni ty  only; extended dura t ion  missions f o r  t h e  1973 and 1975 oppor- 

t u n i t i e s ;  and long dura t ion  missions f o r  the  1975 and 1977 oppor tun i t i e s .  

(1) s h o r t  du ra t ion  missions,  (2) extended 

This a n a l y s i s  w a s  guided by var ious cos t  cons idera t ions .  The over-r iding 

cons idera t ion  w a s  t o  minimize t h e  weight of t h e  s u r f a c e  payload, thereby reduc- 

ing  the  o v e r a l l  weight and cos t  of t he  f l i g h t  capsule .  

employed w a s  t o  avoid, i f  poss ib l e ,  technologies  which would involve consid- 

e r a b l e  c o s t  o r  development. 

thermal c o n t r o l  and telecommunications. 

p i p e s  and r a d i a t o r s  w a s  minimized. 

recorders  and l a r g e  S-band t r a n s m i t t e r s  ( output >50  watts RF) w a s  minimized. 

Another cons idera t ion  

Technologies a f f e c t e d  by t h i s  cons idera t ion  were 

For thermal con t ro l ,  t he  use of h e a t  

For telecommunications, t he  use of t ape  

To cons t ruc t  t h e  o v e r a l l  computational f low of t h i s  a n a l y s i s ,  a model 

conf igu ra t ion  of t h e  s u r f a c e  payload w a s  used. 

i s t ics  of t h e  payload used the form f a c t o r s  of our Phase B design i n  order  t o  

determine t h e  r e l a t i o n s h i p s  of volume, s u r f a c e  area, and i n s u l a t i o n  weight. 

The equipment of t h e  s u r f a c e  payload w a s  considered as being i n s t a l l e d  e i t h e r  

" in t e rna l "  o r  "external"  t o  t h e  b a s i c  i n s u l a t e d  compartment of t h e  payload. 

Equipment "external"  t o  t h e  i n s u l a t e d  compartment included antennas,  var ious  

science instruments ,  s o l a r  pane ls ,  and RTG's. 

i n s i d e  t h e  i n s u l a t e d  compartment of t h e  payload, and i t s  temperature i s  more 

r i g i d l y  con t ro l l ed .  Nominal temperature l i m i t s  used were +50"F t o  120°F f o r  

b a t t e r i e s ,  and 0°F t o  160°F f o r  t r ansmi t t e r s .  

The b a s i c  dimensional charac te r -  

" In te rna l"  equipment is  loca ted  

Equipment i n s i d e  t h e  i n s u l a t e d  
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compartment included t h e  b a t t e r i e s ,  te lemetry,  sequencer,  t r a n s m i t t e r s ,  command 

receiver /decoder ,  c e r t a i n  science instruments ,  and, when required,  phase change 

material and i so tope  hea te r s .  

The computationalmethods employed f o r  t h i s  a n a l y s i s  w e r e  similar t o  those  

used f o r  t h e  po in t  designs although a computer was  used f o r  expediency. The 

computational process ,  shown i n  t h e  flow cha r t  on Figure 3.3.2-3, began wi th  

t h e  choice of t h e  sc i ence  payload and design c o n s t r a i n t s  (communication d i s -  

tance,  i n s u l a t i o n  th ickness ,  etc.) t o  be examined. The f i r s t  elements de t e r -  

mined were t h e  sequencer,  t h e  te lemetry,  t h e  d a t a  s to rage ,  and engineer ing 

instrumentat ion,  and t h e  command l ink .  

The next  s t e p  was  t h e  computation of t h e  r a d i o  l i n k ( s )  c h a r a c t e r i s t i c s .  

F i r s t ,  t h e  d a t a  rate and r ad ia t ed  power w e r e  determined. I f ,  f o r  S-band, t h e  

r ad ia t ed  power exceeded 50 w a t t s  RF with a low ga in  antenna, a pointed antenna 

w a s  used. The f i n a l  s t e p  i n  t h e  RF c a l c u l a t i o n  w a s  t h e  determinat ion of t rans-  

m i t t e r  and antenna c h a r a c t e r i s t i c s .  

two r ad io  l i n k s  are used: 

It should be noted t h a t  i n  most cases, 

one f o r  engineering da ta  and one f o r  sc ience  data .  

A power p r o f i l e  w a s  then  cons t ruc ted  and ca tegor ized  i n  r e l a t i o n s h i p  t o  

t h e  Martian day and t o  t h e  power d i s t r i b u t i o n ,  i n t e r n a l  o r  e x t e r n a l ,  t o  t h e  

in su la t ed  compartment of t h e  vehic le .  

f i l e  

t o  t h e  Martian temperature cyc le  and, f o r  designs employing s o l a r  pane ls ,  t o  

t h e  s o l a r  energy ava i l ab le .  

then used t o  e s t a b l i s h  a f i r s t  estimate of t h e  e l e c t r i c a l  power system. 

A d e t a i l e d  d e f i n i t i o n  of t h e  power pro- 

w a s  requi red  t o  e s t a b l i s h  t h e  r e l a t i o n s h i p  of power d i s s i p a t i o n  r e l a t i v e  

The power p r o f i l e  and t h e  mission length  w e r e  

The next  s t e p  w a s  a prel iminary computation of t h e  peak temperature reached 

by t h e  equipment. Considerations were equipment hea t  d i s s i p a t i o n ,  t h e  Martian 

environment, t h e  p rope r t i e s  of t h e  i n s u l a t i o n ,  and t h e  mass of t h e  equipment. 

I f  overheat ing occurred, provis ions  f o r  l i m i t i n g  t h e  temperature,  u sua l ly  by 

phase change material, were ca l cu la t ed  and incorporated.  

A t  t h i s  po in t ,  a l l  b a s i c  equipment requirements had been determined. By 
use  of r e l a t i o n s h i p s  developed from our VOYAGER Phase B design,  t h e  b a s i c  s i z e  

of t h e  v e h i c l e  w a s  estimated. Using t h e  s u r f a c e  area of t h e  vehic le ,  t h e  

p rope r t i e s  of t h e  i n s u l a t i o n ,  and the  hea t  a v a i l a b l e  from equipment opera t ion ,  

3.3.2-8 
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t h e  requirements f o r  hea t ing  t h e  payload during t h e  co ld  po r t ions  of t h e  mission 

w e r e  determined. I f  i so topes  w e r e  s e l e c t e d  as t h e  means of hea t ing  t h e  veh ic l e ,  

t h e  power system remained i n t a c t  from t h e  o r i g i n a l  estimate, but  several itera- 

t i o n s  f o r  equipment cool ing requirements,  v e h i c l e  s i z e ,  and hea t ing  w e r e  made 

u n t i l  a thermally balanced design w a s  achieved. 

used, t h e  power system w a s  re -ca lcu la ted ,  r e s u l t i n g  i n  success ive  i t e r a t i o n s  

of cool ing provis ions ,  volume, s u r f a c e  area, etc., u n t i l  thermal equi l ibr ium 

w a s  achieved. 

I f  electrical h e a t e r s  w e r e  

The f i n a l  s t e p  involved computation of i n s u l a t i o n  weight,  wi r ing  and 

s t r u c t u r e  requirements,  and a summation of t h e  c h a r a c t e r i s t i c s  of  t h e  t o t a l  

vehicle .  

3.3.2.4 Short  dura t ion  missions ( b a t t e r y  power) Payloads designed f o r  

a s h o r t  dura t ion  mission (1, 2 ,  o r  3 days) w e r e  i n i t i a l l y  examined wi th  mission 

dura t ion ,  communication technique, and the  sc ience  payload as the  p r i n c i p a l  

va r i ab le s .  

areas such as thermal c o n t r o l  design, environmental e f f e c t s ,  and o v e r a l l  pay- 

load c a p a b i l i t y  w e r e  explored. 

Once t h e  e f f e c t s  of these  b a s i c  v a r i a b l e s  were determined, o the r  

3.3.2.4.1 E f f e c t  of mission durat ion:  The missions s tud ied  w e r e  one, two 

o r  t h r e e  days i n  length.  

on t h e  type of vehic le .  For designs using the  UHF r e l a y  mode, t h e  f i r s t  

Martian day w a s  exac t ly  1 d i u r n a l  cyc le  (approximately 24.6 hours). For 

designs using t h e  d i r e c t  communications mode, the  " f i r s t  day" was a func t ion  of 

t he  landing site. 

communications t o  Earth immediately a f t e r  landing. For morning landings,  the  

" f i r s t  day" w a s  def ined as one d i u r n a l  cyc le  p lus  t h e  few hours of d a t a  t rans-  

mission which occurred immediately a f t e r  landing, thus making t h e  " f i r s t  day" 

about 28 hours long. For landing near  t h e  evening terminator ,  d i r e c t  communiea- 

t ions  t o  Ear th  are not  poss ib l e  u n t i l  1 3  t o  15 hours a f t e r  landing. The " f i r s t  

day" f o r  landings near  t he  evening terminator  is  def ined as 22 hours ,  thus is 

s l i g h t l y  less than one d i u r n a l  cycle.  The second and t h i r d  days were consider- 

ed as f u l l  d i u r n a l  cycles  f o r  a l l  types of su r face  payloads. 

However, t h e  d e f i n i t i o n  of the  " f i r s t  day" depended 

A landing near  the morning te rmina tor  allows a few hours of 

A l l  s h o r t  dura t ion  missions employed s i lve r - z inc  (Ag-Zn) b a t t e r i e s  as t h e  

3 -3.2- 10 



source of electrical power. 

y i e l d  extended mission c a p a b i l i t y ,  hence w e r e  no t  considered f o r  t h i s  s ec t ion .  

For t h e  i n i t i a l  examination, a v e h i c l e  of conserva t ive  design w a s  used: insu- 

l a t i o n  th ickness  w a s  kept  f i xed  a t  4 inches,  only electrical h e a t e r s  were used, 

and a command recept ion  l i n k ,  qnd i f  requi red ,  a t a p e  recorder  w e r e  employed. 

Alternate power sources ,  s o l a r  panels  o r  RTG, 

The p r i n c i p a l  e f f e c t  of mission dura t ion  is t h a t  t h e  su r face  payload weight 

i nc reases  r a p i d l y  wi th  mission dura t ion  i f  t h e  v e h i c l e  is designed f o r  opera- 

t i o n  i n  a cons tan t  cold (-190'F) environment. 

3 . 3 . 2 - 4 ,  is  preva len t  r ega rd le s s  of t h e  communication technique, and is rela- 

t i v e l y  independent of t h e  sc ience  payload. 

more energy is requi red  f o r  t h e  opera t ion  of t h e  equipment and, i f  e l e c t r i c a l  

hea t e r s  are used, f o r  v e h i c l e  hea t ing .  

This  e f f e c t ,  shown i n  Figure 

A s  mission dura t ion  inc reases ,  

The inc rease  i n  electrical energy 

requirements n e c e s s i t a t e s  a l a r g e r  b a t t e r y ,  which i n  t u r n  n e c e s s i t a t e s  a 

l a r g e r  o v e r a l l  veh ic l e .  A s  t h e  v e h i c l e  s i z e  increases ,  t h e  r ad ia t ing  su r face  

of t h e  v e h i c l e  i nc reases ,  n e c e s s i t a t i n g  more hea t  t o  maintain t h e  temperature 

i n s i d e  of t h e  in su la t ed  compartment. 

requirements of t h e  u s e f u l  payload inc rease  wi th  mission dura t ion  because t h e  

veh ic l e  i nc reases  i n  s i z e .  

t i onsh ip  of s u r f a c e  payload weight and mission dura t ion  can be  circumvented 

somewhat by d i f f e r e n t  hea t ing  techniques,  by t h e  use of more i n s u l a t i o n  o r  by 

design t o  a less severe environmental criteria. 

The ne t  r e s u l t  is t h a t  t h e  hea t ing  

As w i l l  be discussed later, t h i s  avalanching rela- 

- 

The e f f e c t  of morning vs. evening landings is shown i n  Figure 3 . 3 . 2 - 5 .  

Since only S-band ( d i r e c t )  da t a  transmission is inf luenced by t h e  landing t i m e ,  
r e l a y  designs are not  shown. 

su r face  payload weight r e s u l t s  i f  a morning landing is used. 

compounded by t h e  p e n a l t i e s  t h a t  must be  pa id  t o  p o s i t i o n  t h e  o r b i t  t o  a l low 

a morning landing. 

A s  can be  seen i n  Figure 3 . 3 . 2 - 5 ,  a penal ty  i n  

This pena l ty  is 

3 . 3 . 2 . 4 . 2  Effec t  of communication mode: The b a s i c  alternatives of t rans-  

m i t t i n g  t h e  da t a  back t o  Earth are d i r e c t  (S-band) and r e l a y  (UHF). 

3.3.2-1 1 
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The d i r e c t  mode of d a t a  t ransmission w a s  employed f o r  our design i n  t h e  

VOYAGER Phase B S tudies ,  and al lows t h e  su r face  payload and t h e  o r b i t e r  t o  

ope ra t e  independently of each o the r  f o r  t he  landed phase of t h e  mission. 

Unfortunately,  t h e  long communications d i s t a n c e  from t h e  Earth t o  Mars 

(150 m i l l i o n  t o  over 300 m i l l i o n  ki lometers)  n e c e s s i t a t e s  high levels of rad i -  

a t ed  power. 

s t rong  func t ion  of t h e  amount of sc ience  d a t a  t o  be t ransmi t ted  v i a  t h e  d i r e c t  

mode. This t rend  of weight vs. sc i ence  da t a  rate is  v a l i d  r ega rd le s s  of t h e  

weight of t h e  sc i ence  payload, t h e  environment encountered, o r  t h e  thermal 

c o n t r o l  design used. 

As shown i n  Figure 3.3.2-6, t he  s u r f a c e  payload weight is a 

Also shown i n  Figure 3.3.2-6 is a comparison of t h r e e  d i f f e r e n t  antenna 

conf igura t ions .  

requirements below 50 w a t t s  RF. 

considered: a 1.5 foo t  and a 3.0 foot  diameter.  Since these  antennas must be 

designed t o  withstand t h e  Martian windsand  launch and landing loads ,  a consid- 

e r a b l e  amount of s t r u c t u r e  i s  requi red  f o r  t h e  antenna mount, which holds and 

steers t h e  antenna proper.  The 3 foo t  diameter antenna system, which a f fo rds  

a l a r g e  area t o  t h e  p o t e n t i a l  winds, is about 2 1  pounds heavier  than t h e  

1.5 foo t  diameter system. 

1 .5  foo t  diameter p re fe rab le  f o r  da t a  rates below l o 7  b i t s  pe r  day. 

lo7 b i t s  pe r  day, t h e  3 f o o t  antenna i s  p re fe rab le  on t h e  b a s i s  of t o t a l  

su r f ace  payload weight,  bu t  because of i t s  s i z e ,  it may be r e s t r i c t e d  i n  its 

use due t o  t h e  s i z e  l i m i t a t i o n s  of t h e  f l i g h t  capsule.  

A low ga in  antenna w a s  employed f o r  t r a n s m i t t e r  output power 

Two s i z e s  of pointed parabol ic  antennas w e r e  

The d i f f e rence  i n  t h e  system weights makes t h e  

Beyond 

The r e l a y  mode of da t a  t ransmission can be used whenever t h e  o r b i t e r  i s  

This system can be designed t o  t ransmi t  d a t a  e i t h e r  i n  view of t h e  payload. 

when t h e  o r b i t e r  is  near  per iapse  o r  near  apoapse. 

only t h e  pe r i apse  case w a s  analyzed because it requ i r e s  extremely s m a l l  

amounts of RF energy, does not  r e q u i r e  s p e c i a l  high ga in  rece iv ing  antennas on 

t h e  spacec ra f t ,  and i s  f e a s i b l e  f o r  a few mission days. 

For s h o r t  dura t ion  missions,  

A s  shown i n  F igure  3.3.2-7,  t h e  weight of t h e  su r face  payload is not  

s t rong ly  r e l a t e d  t o  t h e  sc i ence  d a t a  rate when t h e  r e l a y  mode is used. Most of 

3.3.2- 14 



3.3.2- 15 FIGURE 3.3.2-6 



3.3.2- 16 FIGURE 3.3.2-7 



7 t h e  weight i n c r e a s e  a t  t h e  high d a t a  rates ( 3  x 10  

a b l e  t o  t h e  l a r g e  t ape  recorder  used t o  s t o r e  t h e  imagery da ta .  

b i t s  p e r  day) is a t t r i b u t -  

The d i r e c t  and r e l a y  d a t a  t ransmission techniques are compared i n  F igure  

3 . 3 . 2 - 8 .  

mode has over  t h e  d i r e c t  mode is  a clear i n d i c a t i o n  of t h e  p re fe r r ed  communica- 

t i o n  technique f o r  s h o r t  du ra t ion  missions.  This preference is  dependent, how- 

ever, upon t h e  use of t h e  o r b i t e r  f o r  a few landed mission days. 

The l a r g e  advantage i n  t o t a l  s u r f a c e  payload weight t h a t  t h e  r e l a y  

3 . 3 . 2 . 4 . 3  E f f e c t  of t h e  sc i ence  payload: One c h a r a c t e r i s t i c  of t h e  

sc i ence  payload, d a t a  rate, w a s  examined i n  t h e  previous paragraph. 

major c h a r a c t e r i s t i c  of t h e  sc i ence  payload i s  weight. 

s u r f a c e  payload inc reases  almost l i n e a r l y  w i t h  t h e  weight of t h e  sc i ence  pay- 

load,  r e g a r d l e s s  of mission length and communication techniques.  It i s  clear 

from Figure 3 . 3 . 2 - 9  t h a t  one means of minimizing t h e  s u r f a c e  payload weight,  

which i n  t u r n  minimizes t h e  f l i g h t  capsule  weight,  is  t o  use small sc i ence  

payloads ( 2 0  t o  40 pounds). 

The o t h e r  

The weight of  t h e  

3 . 3 . 2 . 4 . 4  Design alternatives: To t h i s  p o i n t  i n  t h e  s tudy ,  t h e  s u r f a c e  

payloads were of conservat ive design; only electrical h e a t e r s ,  i n s u l a t i o n  

th i ckness  kep t  f i x e d  a t  4 inches,  and worst  case environment (constant  -190'F). 

I n  a d d i t i o n ,  equipment such as a command l i n k  and a t ape  recorder  w a s  u t i l i z e d ,  

although i t  may no t  be necessary f o r  a s h o r t  du ra t ion  mission. 

t h i s  p o i n t  were heavy and used a l a r g e  amount of b a t t e r i e s ,  e s p e c i a l l y  f o r  

missions longer  than one day. To r e f i n e  t h e  b a s i c  v e h i c l e s ,  d i f f e r e n t  design 

techniques can be  employed. 

s t u d i e d ,  a b a s i c  design which o f f e r s  the most obvious advantage has been used. 

The designs t o  

I n  o rde r  t o  l i m i t  t h e  amount of v e h i c l e s  t o  b e  

This nominal design uses  a r e l a t i v e l y  small s c i ence  payload (30 pounds), and 

t h e  UHF r e l a y  mode of d a t a  t ransmission.  

Command Link and Tape Recorder Evaluation - Although i t  i s  always advan- 

tageous t o  have some reprogramming c a p a b i l i t y  a f t e r  landing,  t h e  use fu lness  of 

a command l i n k  is  diminished i n  a s h o r t  d u r a t i o n  mission. 

a spec t s  of t r a n s m i t t i n g  the  d a t a  t o  Earth,  having t h e  d a t a  analyzed, making a 

dec i s ion  on what programming changes are r equ i r ed ,  and then t r a n s m i t t i n g  t h e  

necessary commands back t o  t h e  s u r f a c e  payload are considered, i t  is un l ike ly  

When t h e  o p e r a t i o n a l  
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t h a t  any important change can b e  made be fo re  t h e  mission i s  completed. 

e s p e c i a l l y  t r u e  f o r  missions of 1 o r  2 days. 

This is 

Aside from imaging d a t a ,  a l l  s c i ence  and engineer ing da ta  can be  s t o r e d  i n  

a s m a l l  f e r r i t e  core  ( o r  equ iva len t )  memory. 

s i m i l e  camera can be t r ansmi t t ed  i n  "real t i m e "  i f  t h e  l i g h t i n g  a t  t h e  landing 

s i te  is acceptable .  

o r  evening t e rmina to r ,  t h e  l i g h t i n g  (approximately 30" s o l a r  e l e v a t i o n )  should 

be  accep tab le  f o r  "real t i m e "  t ransmission of imaging d a t a  when t h e  o r b i t e r  is  

n e a r  per iapse.  Therefore,  it is  concluded t h a t  a t a p e  recorder  is  no t  an 

abso lu te  necess i ty .  

The imaging d a t a  from t h e  fae- 

Since t h e  landing s i t e  w i l l  probably b e  nea r  t h e  morning 

A comparison of t h e  s u r f a c e  payload weight f o r  designs with and without  

command and t ape  r eco rde r  c a p a b i l i t y  is  shown i n  Figure 3.3.2-10. A s  can be 

noted, t h e  d i f f e r e n c e  i n  weight between t h e  two concepts becomes s i g n i f i c a n t  

when t h e  d a t a  rate becomes l a r g e .  A design without  command o r  t a p e  recorder  

c a p a b i l i t y  would be  somewhat less expensive, l i g h t e r ,  and, s i n c e  s t e r i l i z a b l e  

tape r eco rde r s  are of doub t fu l  s t a t u s ,  less of  a development r i s k .  T h e r e f o r e , .  

t h e  command l i n k  and t ape  recorder  are n o t  used f o r  t h e  following s t u d i e s ,  

which examine t h e  e f f e c t s  of environment and thermal c o n t r o l  design. 

Environment E f f e c t s  - A design f o r  an environment of a constant  -190°F 

w a s  r equ i r ed  f o r  t h e  VOYAGER Phase B study. The constant  -190°F n e c e s s i t a t e s  

considerable  i n s u l a t i o n  o r  l a r g e  hea t ing  requirements. A constant  cold envi- 

ronment, al though p o s s i b l e ,  is n o t  considered as probable as a c y c l i c  environ- 

ment. As shown i n  Figure 3.3.2-11, a v e h i c l e  designed f o r  a c y c l i c  environment 

i s  c l e a r l y  l i g h t e r  than one designed f o r  a constant  -190°F. This d i f f e r e n c e  i n  

weight r e s u l t s  from a lower hea t ing  requirement because of a less severe envi- 

ronment. The average temperature f o r  t h e  nominal c y c l i c  environment of Figure 

3.3.2-11 is  approximately -45" .  

Thermal Control  A l t e r n a t i v e s  - For the  designs descr ibed t o  t h i s  p o i n t ,  a 
A design opt ion i s  i n s u l a t i o n  thick-  nominal thermal c o n t r o l  design w a s  used. 

ness.  Thinner i n s u l a t i o n  r e s u l t s  i n  less i n s u l a t i o n  weight,  bu t  a h ighe r  

hea t ing  requirement. 

3.3.2-20 
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The e f f e c t  of i n s u l a t i o n  th ickness ,  shown i n  Figure 3.3.2-12, is  r e l a t i v e l y  

s m a l l  f o r  one day missions.  However, as mission dura t ion  increases, a lower 

su r face  payload weight can be  acheived, f o r  designs employing electrical heat-  

ers, by inc reas ing  the thickness  of t h e  in su la t ion .  This  is p a r t i c u l a r l y  t r u e  

f o r  t he  continuous co ld  environment. 

Another thermal c o n t r o l  op t ion  is t h e  use of rad io iso topes  as a source of 

Aside from t h e  cos t  and i n t e g r a t i o n  problems assoc ia ted  wi th  i so topes ,  hea t .  

they p resen t  a t e c h n i c a l  problem; they provide a continuous,  uncontrol led hea t .  

Thus, t h e  equipment can overheat i f  a warm Martian day occurs.  Thermal c o n t r o l  

techniques inc lude  t h e  use of hea t  p ipes / r ad ia to r s ,  which w e r e  used i n  t h e  

Phase B VOYAGER design,  phase change material, o r  movement of t h e  i so topes  i n  

and out  of t h e  in su la t ed  compartment of the  su r face  payload as t h e  equipment 

temperature va r i e s .  

h igher  r e l i a b i l i t y ,  w a s  used f o r  t h i s  ana lys i s .  

Phase change material, because of i ts  lower cos t  and 

As shown i n  Figure 3.3.2-11, i so topes  o f f e r  an a t t ract ive means of mini- 

mizing t h e  weight of the  su r face  payload f o r  missions longer than one day, and 

f o r  a design environment of -190'F. 

3.3.2.4.5 Conclusions - Short Duration Missions: A su r face  payload 

designed f o r  a s h o r t  du ra t ion  mission should have t h e  following character-  

is  t i c s  : 

a) The p r i n c i p a l  communications mode should be UHF r e l a y  because t h e  

d i r e c t  mode n e c e s s i t a t e s  a much heavier ,  and l a r g e r ,  vehic le .  

b )  The command l i n k  and tape  recorder  ( f o r  imaging da ta )  should n o t  be 

employed because they inc rease  weight without  providing any s i g n i f i -  

cant performance advantage. 

c )  I f  the mission dura t ion  is  longer than  one day, i so tope  heaters o r  a 

design t o  a c y c l i c  environment are requi red  t o  ob ta in  a real is t ic  

veh ic l e  weight. 

A s u r f a c e  payload t h a t  has  t h e  above c h a r a c t e r i s t i c s ,  and s a t i s f i e s  t h e  

requirements f o r  s h o r t  dura t ion  missions (30 l b  sc ience ,  lo7  b i t s / d a y ,  one 

d iu rna l  cyc le)  can be  constructed i n  s e v e r a l  ways. A conservat ive approach i s  
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t o  use e lectr ical  h e a t e r s ,  assume t h a t  a constant  -190'F environment p r e v a i l s ,  

and design f o r  one d i u r n a l  cycle.  

(Figure 3.3.2-13), weighs about 210 pounds. 

i f  i s o t o p e  h e a t e r s  are used, and t h e  design i s  f o r  a nominal c y c l i c  environment. 

This approach, expressed pa rame t r i ca l ly  i n  Figure 3.3.2-14, weighs about 176 

pounds. Once committed t o  i so topes  as source of h e a t ,  mission du ra t ions  of 

longer  than one d i u r n a l  cyc le  can be achieved w i t h  modest i nc rease  (25 pounds 

p e r  day) i n  s u r f a c e  payload weight. 

This  approach, in  a parametr ic  v e r s i o n  

A l i g h t e r  weight v e h i c l e  r e s u l t s  

3.3.2.5 Extended du ra t ion  payloads ( s o l a r  power). - A v e h i c l e  designed 

f o r  a n  extended du ra t ion  mission (90 days) must be  evaluated with a set of 

criteria t h a t  is s l i g h t l y  d i f f e r e n t  from t h a t  used f o r  t he  s h o r t  du ra t ion  

mission. With s o l a r  pane l s ,  one c r i t e r i o n  becomes t h e  area of t h e  panels .  

Excessive area creates problems i n  deployment af ter  t h e  v e h i c l e  has  landed and 

i n  s t o r a g e  i n  t h e  a e r o s h e l l .  

keep t h e  s o l a r  panel  area less than 20 f t 2 .  

about 40 f t 2 ,  although t h i s  maximum is a func t ion  of t h e  o v e r a l l  f l i g h t  capsule  

design. 

To minimize t h e s e  problems, i t  is  d e s i r a b l e  t o  

The maximum f e a s i b l e  area is 

Another c r i t e r i o n  t o  b e  app l i ed  t o  extended du ra t ion  missions is t h e  

r e l i a b i l i t y  a spec t s  of t h e  mission length.  

increased p r o b a b i l i t y  of f a i l u r e  as t h e  mission progresses ,  bu t  is  n o t  h igh ly  

s u s c e p t i b l e  t o  d e t e r i o r a t i o n  o r  "wear-out." The exceptions are t h e  s o l a r  

panels and t h e  b a t t e r i e s .  

t i m e  due t o  t h e  abrasive e f f e c t s  of t h e  Martian wind, sand and s o i l ,  and t h e  

accumulation of sand o r  s o i l  upon t h e  panels.  

assumed t h a t  any d e t e r i o r a t i o n  of  t h e  s o l a r  panels  is n e g l i g i b l e .  

Most of t h e  equipment is Subject  t o  

The s o l a r  p n e l  p e r f o w n c e  may d e t e r i o r a t e  with 

For t h i s  a n a l y s i s ,  i t  has been 

Batteries (Ag-Zn) are s u b j e c t  t o  wear-out due t o  discharge/charge cycl ing.  

The depth of discharge ( X  of b a t t e r y  capaci ty  expended be fo re  i t  is recharged) 

is  t h e  dominant f a c t o r  i n  t h e  l i f e  of t h e  b a t t e r y .  

t he  depth of b a t t e r y  discharge must be l i m i t e d  t o  less than 60% of t h e  b a t t e r y ' s  

capac i ty  . 

To o b t a i n  a 90 day l i f e ,  

3.3.2.5.1 I n i t i a l  design considerat ions:  Although a v e h i c l e  designed f o r  

an extended du ra t ion  mission is evaluated d i f f e r e n t l y  than one designed f o r  a 
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SURFACEPAYLOAD-BATTERYPOWER 
0 MINIMUM MISSION 
0 NOMINAL ENVl RONMENT 
0 1 DAY MISSION 
0 PARAMETRIC COMPUTATION 

SCIENCE PAYLOAD: 30 LB, 10 t 7 BITS/DAY 

BASIC DESIGN CONSTRAINTS 
MISSION LENGTH: 24.6 HR 
BASIC POWER SOURCE: BATTERIES 
ENVIRONMENTAL LIMITS: 120 TO -19OoF 
COMMUNICATION DISTANCE: 285 x 10 t 6 KM 
MAXIMUM ANTENNA SIZE: 3 F T  DIAMETER 
TRANSMITTING FREQUENCY: 400 MHz 
TRANSMITTING TIME 

LOW RATE RADIO: 0 HR/DAY 
HIGH RATE RADIO: .33333 HR/DAY 

TOTAL PAYLOAD WEIGHT: 210.219 L B  
RADIO LINKS 

SIGN1 FI CANT CHARACTER lSTl CS 

LOW RATE RADIO: 0 BPS, 0 WATTS RF 
HIGH RATE RADIO: 19,198. BPS, 15.3584 WATTS RF 
HIGH -'GAIN ANTENNA NOT REQUIRED 

BA lTERY WEIGHT: 46.3241 L B  
EXT DIMENSIONS: 14.6487 34.0524 39.004 IN. 

WEIGHT AND POWE R SUMMARY 

I TEM 

SClENC E 
SEQUENCER 
LOW GAIN ANTENNA 
RECEIVE ANTENNA 
HIGH GAIN ANTENNA 
LR TRANSMITTER 
HR TRANSMITTER 
CMD RECEIVER/DECODER 
TELEMETRY 
ENGINEERING INSTRUMENTATION 
CORE STORE 
TAPE RECORDER 
E D  MODULES 
SWITCHING LOGIC 
BATT ER I ES 
SOLAR PANELS 
RTG 
INSULA TI ON 
PHASE CHANGE 
HEAT PIPES 
ISOTO PES 
WIRING, ETC. 
STRUCTU RE 

WEIGHT (LB)  

NTERNAL 

7.6 
7.21 
0 
0 
0 
0 

0 
6.69 
2.1 
2.27 
0 
0 
6.82 

46.3 
0 
0 
0 
0 
0 
0 

18.3 
44.9 

4.48 

EXTERNAL 

22.4 
0 
0 
0 

' 0  
0 
0 
0 
0 
2.1 
0 
0 
6.5 
0 
0 
0 
0 

32.5 
0 
0 
0 

POWER (WATTS) 

DAY 

7.56 
5.91 
0 
0 
0 
0 

70.3 
0 
5.01 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 
0 

- 

.431 

- 

NIGHT 

7.56 
2.43 
0 
0 
0 
0 
0 
0 
5.01 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 
0 

- 

.431 
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SURFACE PAYLOAD - BATTERY POWER 
0 MINIMUM MISSION 
0 MODIFIED ENVIRONMENT 
e 1 DAY MISSION 
0 PARAMETRIC COMPUTATION 

SCIENCE PAYLOAD: 30 LB, 1077 BITS/DAY 

BASIC DESIGN CONSTRAINTS 
MISSION LENGTH: 24.6 HR 
BASIC POWER SOURCE: BATTERIES 

COMMUNICATION DISTANCE: 285 x 10 T 6 KM 
MAX ANTENNA SIZE: 1.5 F T  DIAMETER 
TRANSMITTING FREQUENCY: 400 MHz 
TRANSMITTING TIME 

LOW RATE RADIO: 0 HR/DAY 
HIGH RATE RADIO: .333333 HR/DAY 

ENVIRONMENTAL LIMITS: 120 TO -150OF 

SIGNIFICANT CHARACTE RI  STlCS 
TOTAL PAYLOAD WEIGHT: 175.684 L B  
RADIO LINKS 

LOW RATE RADIO: 0 BPS, 0 WATTS RF 
HIGH RATE RADIO: 19,197.8 BPS, 15.3582 WATTS RF 
HIGH GAIN ANTENNA NOT REQUIRED 

BATTERY WEIGHT: 18.7034 L B  
EXT DIMENSIONS: 14.3551 x 32.9018 x 37.6347 IN. 

WEIGHT AND POWER SUMMARY 

I WEIGHT (LB)  

t G G F  ITEM 

SCIENCE 
S EQU ENC E R 
LOW GAlN ANTENNA 
RECEIVE ANTENNA 
HIGH GAIN ANTENNA 
LR TRANSMITTER 
HR TRANSMITTER 
CMD RECORDER/D ECODER 
TELEMETRY 
ENGlN E ERI NG INSTRUMENTATION 
CORE STORE 
TAPE RECORDER 
EED MODULES 
SWITCHING LOGIC 
BATTERIES 
SOLAR PANELS 
R TG 
INSULATION 
PHASE CHANGE 
HEAT PIPES 
ISOTOPES 
WIRING. ETC. 
STRUCTURE ._ I 
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7.6 
7.21 
0 
0 
0 
0 
4.48 
0 
6.69 
2.1 
2.27 
0 
0 
5.44 
18.7 
0 
0 
0 
5.44 
0 
2 
12.6 
40 

EXTERNAL 

22.4 . 
0 
0 
0 
0 
0 
0 
0 
0 
2.1 
0 
0 
6.5 
0 
0 
0 
0 
30.2 
0 
0 
0 

POWER (WATTS) 

DAY 

7.56 
5.91 
0 
0 
0 
0 
70.3 
0 
5.01 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 
0 

- 

.431 

NIGHT 

7.56 
2.43 
0 
0 
0 
0 
0 
0 
5.01 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 
0 

.431 

- 
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s h o r t  du ra t ion ,  t h e  same b a s i c  design a l t e r n a t i v e s  are a v a i l a b l e .  

minimize t h e  number of a l t e r n a t i v e s ,  c e r t a i n  of them can be el iminated from 

t h e  a n a l y s i s .  

In o rde r  t o  

Telecommunications Considerations - A comparison of r e l a y  and d i r e c t  

t ransmission modes f o r  s h o r t  du ra t ion  missions showed t h a t  t h e  r e l a y  mode is  

p r e f e r r e d  on a wieght basis. The l a r g e  weight advantage r e s u l t s  from a lower 

antenna weight,  and lower electrical energy requirements,  hence lower b a t t e r y  

weight. 

s o l a r  panel  area than t h e  r e l a y  mode. This comparison w a s  made f o r  t h e  most 

f avorab le  ope ra t ing  cond i t ion  of t h e  d i r e c t  mode; a l l  d a t a  t ransmission power 

w a s  less than output of t h e  s o l a r  panels  during t h e  e n t i r e  t ransmission per iod,  

hence electrical energy w a s  used a t  maximum e f f i c i e n c y .  Also,  t he  probable 

shadowing of t h e  s o l a r  panels  by t h e  3 f o o t  diameter antenna, thus reducing t h e  

output  of t h e  panels ,  w a s  no t  considered. 

Figure 3.3.2-15 shows t h a t  t h e  d i r e c t  mode r equ i r e s  considerably more 

On t h e  b a s i s  of s o l a r  panel  area, t h e  r e l a y  mode is p re fe r r ed .  However, 

d a i l y  use of t h e  r e l a y  mode, whether employed when t h e  o r b i t e r  is nea r  pe r i apse  

o r  apoapse, is  dependent upon the  synchronizat ion of t h e  o r b i t  per iod w i t h  t h e  

d i u r n a l  cyc le  of Mars. Probably, a f t e r  a few days of landed ope ra t ions ,  t h e  

o r b i t  w i l l  be  a l t e r e d  t o  a l low more e f f i c i e n t  mapping of  t h e  s u r f a c e  by t h e  

o r b i t e r .  

a r e g u l a r l y  scheduled b a s i s  a f t e r  a few days of landed operat ions.  

weeks of ope ra t ion  are p o s s i b l e  i f  t h e  r e l a y  i s  employed near  apoapse. 
requirements of t h i s  s tudy s ta te  that 10 8 b i t s  p e r  mission is a design goal .  

The r e l a y  mode can e a s i l y  ob ta in  t h i s  goa l  i f  t h e  o r b i t  remains synchronous f o r  

Therefore,  t h e  r e l a y  mode nea r  pe r i apse  w i l l  probably be unusable on 

Several  

The 

3 t o  10 days after t h e  s t a r t  of landed operat ions.  

is  completed, t h e  remainder of t h e  sc i ence  d a t a  i s  extremely low ( a  few thous- 

and b i t s  p e r  day).  

w i t h  a low ga in  antenna. Therefore,  f o r  t he  extended du ra t ion  missions,  t h e  

following groundrules were used: 

Once t h e  imaging experiment 

This low d a t a  rate can be t r ansmi t t ed  v i a  t h e  d i r e c t  mode 

( a )  A l l  imaging d a t a  would be  t r ansmi t t ed  i n  t h e  f i r s t  few days of t h e  

mission using t h e  r e l a y  mode. Fu r the r  ope ra t ion  of t h e  r e l a y  mode 

would b e  dependent upon the a v z i l a b i l i t y  of the o r b i t e r .  

3.3.2-28 



3.3.2-29 FIGURE 3.3.2-15 



(b) Af te r  t he  imaging po r t ion  of t h e  experimental  program was completed, 

a l l  remaining da ta  would be  t ransmi t ted  via t h e  d i r e c t  mode using a 

l o w  ga in  antenna. 

Another telecommunications cons idera t ion  is the  command l i n k .  For s h o r t  

du ta t ion  missions a command l i n k  is of l imi t ed  value.  

dura t ion  missions cons iderable  re-programming of t h e  su r face  payload w i l l  
probably be  des i r ed  throughout t h e  mission. 

t h i s  s e c t i o n  w i l l  have command c a p a b i l i t y .  

However, f o r  extended 

Therefore,  a l l  conf igura t ions  i n  

Environmental Considerations - Since i t  is probable t h a t  an extended 

dura t ion  mission w i l l  be t h e  f i r s t  landed opera t ions  on Mars, i t  is  assumed 

t h a t  no f u r t h e r  d a t a  is  a v a i l a b l e  toward t h e  d e f i n i t i o n  of a Mars environment. 

Therefore,  t h e  impl ica t ions  of t h e  constant  cold and nominal c y c l i c  environ- 

ments must be examined. 

Thermal Control - For reasons of c o s t  and/or development problems, t h e  

use of hea t  p ipes / r ad ia to r s  f o r  extended dura t ion  missions w i l l  be excluded. 

3.3.2.5.2 Ef fec t  of t h e  sc i ence  payload: Since mission dura t ion  ( a s ide  

from r e l i a b i l i t y  cons ide ra t ions )  and telecommunications techniques are not  

major v a r i a b l e s  f o r  extended dura t ion  missions,  t h e  f i r s t  concern w a s  t o  exam- 

i n e  t h e  e f f e c t s  of t h e  sc ience  payload. As shown i n  Figure 3.3.2-16, t h e  d a t a  

rate of t h e  sc i ence  payload does no t  have a s i g n i f i c a n t  e f f e c t  upon e i t h e r  t h e  

weight o r  t h e  s o l a r  panel area of t h e  su r face  payload. This r e s u l t  is similar 

t o  t h a t  obtained f o r  s h o r t  dura t ion  des igns ,  because i n  both cases  the  

electrical energy requirements f o r  da t a  t ransmission are s m a l l  when t h e  r e l a y  

mode is employed. 

The weight of t h e  sc i ence  payload has  a moderate e f f e c t  upon both veh ic l e  

weight and s o l a r  panel area. 

l i n e a r  i nc rease  i n  veh ic l e  weight and s o l a r  panel area wi th  sc i ence  weight. 

Although Figures  3.3.2-16 and 3.3.2-17 do not i n d i c a t e  any unexpected t rend  

i n  e i t h e r  s c i ence  weight o r  da t a  rate, they do show t h e  impac t  of t h e  environ- 

ment and thermal c o n t r o l  design. 

The da ta  of Figure 3.3.2-17 shows an almost 

3.3.2.5.3 Ef fec t  of t h e  environment and thermal con t ro l  design: To t h i s  

po in t  conservat ive designs ( e l e c t r i c a l  h e a t e r s  and 4 inches of  i n s u l a t i o n )  have 
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been employed. 

area and v e h i c l e  weight become overwhelming i f  t hese  conservat ive p r a c t i c e s  are 
used f o r  a design a t  t h e  continuous cold environment. I n  f a c t ,  t hese  p r a c t i c e s  

r e s u l t  i n  l a r g e  s o l a r  pane l  areas even i f  t h e  design is f o r  a c y c l i c  environ- 

ment. It is the re fo re  c l e a r  t h a t  t h e  thermal c o n t r o l  design must be  re f ined .  

However, Figures  3.3.2-16 and 3.3.2-17 show t h a t  s o l a r  panel 

When thermal con t ro l  provis ions  are excluded e n t i r e l y ,  t h e  r e s u l t i n g  

values  f o r  s o l a r  panel  area and veh ic l e  weight are p r a c t i c a l .  

Figure 3.3.2-17, t h e  s o l a r  panel  area remains under 40 f t 2  f o r  sc ience  payloads 

up t o  75 pounds i f  e l e c t r i c a l  h e a t e r s  are not  used. Unfortunately,  electrical 

hea te r s  are d e s i r a b l e  because they are c o n t r o l l a b l e  and the re fo re  minimize t h e  

p r o b a b i l i t y  of equipment overheat ing on a "warm" day. One technique of reduc- 

ing  the  amount of e l e c t r i c a l  hea t  needed i s  t o  increase the  amount of i n s u l a t i o n  

used on t h e  b a s i c  equipment compartment of t h e  payload. 

ness  is  increased,  t h e  s o l a r  panel area requi red  decreases .  However, as i s  

shown i n  Figure 3.3.2-18, t he  minimum payload weight does not  occur a t  t h e  

poin t  of minimum s o l a r  panel  area. Also, i f  t h e  veh ic l e  is designed f o r  a 

constant  cold (-190'F) environment, even l a r g e  amounts of i n s u l a t i o n  do not  

reduce the  s o l a r  panel area t o  a reasonable  value.  It is concluded t h a t  i n  

a constant  cold environment, e l e c t r i c a l  h e a t e r s  a lone are imprac t ica l .  

A s  shown i n  

A s  i n s u l a t i o n  thick-  

Another design a l t e r n a t i v e  is t o  use rad io iso tope  hea te r s  t o  supplement, 

o r  t o t a l l y  eliminate, t h e  electrical hea te r s .  

hea t e r s  is t o  reduce s o l a r  panel  area and payload weight. 

i n  Figure 3.3.2-19. However, t h e  i so topes  requi red  t o  provide a l l  of t he  heat- . 

i ng  requirements f o r  a constant  cold environment w i l l  cause t h e  veh ic l e  t o  

overheat i f  a c y c l i c  environment is encountered unless  supplemental h e a t  

r e j e c t i o n  is employed. A p r a c t i c a l  design alternative is t o  use i so tope  

hea te r s  f o r  t h e  c y c l i c  environment, and t o  supplement them wi th  e l e c t r i c a l  

hea t e r s  f o r  t h e  continuous cold environment. 

The i n i t i a l  e f f e c t  of i so tope  

This t rend  is shown 

3.3.2.5.4 Ef fec t  of landing s i te :  Other parameters a f f e c t i n g  t h e  su r face  

payload f o r  extended missions are t h e  landing s i te  l a t i t u d e s  and t h e  d a t e  of 

landing. 

t h e  relative power and energy output  of t h e  s o l a r  panels .  

The landing s i te  and d a t e  of landing provide t h e  b a s i c  c o n s t r a i n t s  on 

As is  shown i n  
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Figure 3.3.2-20, t he  landing s i te  and d a t e  have a considerable  inf luence  on 

the  s o l a r  panel  area requirements,  even i f  electrical h e a t e r s  are no t  used. 

For t h e  1973 opportuni ty ,  sites nor th  of t h e  Martian equator  are p re fe r r ed ,  

t o  minimize the  area of t h e  s o l a r  panels .  

3.3.2.5.5 Bat te ry  cons idera t ions :  For designs employing i so tope  h e a t e r s ,  

t h e  worst  case depth-of-discharge is approximately 55% rega rd le s s  of what 

environment is used as a dgsign criteria. 
i t  is n o t  a matter of g r e a t  concern. 

Since 55% is  below our l i m i t  of 60%, 

I f  e l e c t r i c a l  h e a t e r s  are employed, t h e  depth of b a t t e r y  discharge is  a 
func t ion  of t h e  environment and t h e  p rope r t i e s  of t h e  in su la t ion .  

f a c e  payload is designed f o r  opera t ion  i n  a continuous cold (-190'F) environ- 

ment, t h e  worst  case depth of discharge is about 55% before  t h e  s o l a r  panels  

start recharging t h e  b a t t e r y .  I f  t h e  veh ic l e  is  designed f o r  t h e  c y c l i c  

environment (+120°F t o  -150°F), t h e  depth of discharge is a func t ion  of t h e  

p rope r t i e s  of t h e  in su la t ion .  

inches of i n s u l a t i o n  whose performance f a c t o r  is .025 Btu/hr-ft-OF, t h e  b a t t e r y  

depth of d i scharge  i s  about 60%. 

more hea t  is required.  

t h e  b a t t e r y  discharges,  a t  n i g h t ,  a t  a h igher  r e l a t i v e  rate. The worst  case  

depth of d i scharge  f o r  t h i s  condi t ion  is about 70%, which exceeds our  l i m i t  of 

60%. Therefore,  f o r  t y p i c a l  su r f ace  payloads designed only f o r  a c y c l i c  envi- 

ronment, andus ing  e l e c t r i c a l  h e a t e r s  and minimum i n s u l a t i o n ,  g r e a t e r  b a t t e r y  

capac i ty ,  hence more veh ic l e  weight,  is requi red  than t h e  b a s i c  parametr ic  

computations have shown t o  t h i s  po in t .  

I f  t h e  sur-  

For a h ighly  in su la t ed  veh ic l e ,  t y p i c a l l y  6 

If the  i n s u l a t i o n  is  decreased t o  3 inches,  

Since t h e  hea t ing  requirements a t  n igh t  are i n t e n s i f i e d ,  

3.3.2.5.6 Conclusions - extended dura t ion  missions:  A su r face  payload 

designed f o r  an extended dura t ion  should hawe t h e  following c h a r a c t e r i s t i c s ;  

(a)  The p r i n c i p a l  communications mode should be t h e  UHF r e l a y  because the  

d i r e c t  mode f o r  high d a t a  rates n e c e s s i t a t e s  l a r g e ,  and heavy, s o l a r  

panels .  

d i r e c t  l i n k  t o  t ransmi t  non-imaging da ta  throughout t h e  90 day 

mission a f t e r  t h e  o r b i t e r  is  desynchronized. 

although no t  f u l l y  explored,  would be  t o  u t i l i z e  t h e  r e l a y  mode t o  

This p r i n c i p a l  mode should b e  supplemented with a low rate 

An a l t e r n a t e  approach, 
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t r ansmi t  when t h e  o r b i t e r  is near apoapse. 

synchronized, a r e l a y  n e a r  apoapse remains o p e r a t i o n a l  f o r  about 50 

days i f  t h e  o r b i t  per iod is approximately 24.42 hours. 

The command l i n k  should be used t o  allow p e r i o d i c  updating of t h e  

landed mission p r o f i l e .  

Electrical h e a t e r s  should n o t  b e  used as t h e  primary means of hea t ing  

t h e  v e h i c l e  i n  a continuous cold environment because t h e  s o l a r  panel  

area becomes excep t iona l ly  l a r g e .  

After t h e  o r b i t  is  de- 

A s u r f a c e  payload t h a t  has  t h e  above c h a r a c t e r i s t i c s  and s a t i s f i e s  t h e  
8 requirements f o r  extended du ra t ion  missions (30 l b  s c i e n c e ,  10 b i t s  t o t a l ,  

90 day l i f e t i m e )  can b e  constructed i n  several ways. A conservat ive approach 

is t o  i n s u r e  t h a t  a t  least one day of ope ra t iona l  l i f e  i s  poss ib l e  r ega rd le s s  of 

t h e  environment encountered. This approach, i n  parametr ic  ve r s ion  ( r e fe rence  

Figure 3.3.2-21), weighs about 278 pounds, has less than 20 f t  of s o l a r  panel ,  

uses i s o t o p e  h e a t e r s  f o r  ope ra t ion  i n  a c y c l i c  environment, and a combination 

of i s o t o p e  and electrical h e a t e r s  i f  one day of continuous co ld  is encountered. 

As can b e  noted i n  Figure 3.3.2-21, no t ape  r eco rde r  is  used, thus allowing a 

lower v e h i c l e  weight b u t  l i m i t i n g  t h e  imaging d a t a  t o  one l i g h t i n g  condi t ion.  

A l i g h t e r  s u r f a c e  payload r e s u l t s  i f  no provis ions are made f o r  one continuous 

cold day. This approach, expressed pa rame t r i ca l ly  i n  Figure 3.3.2-22, weighs 

about 226 pounds, and is extremely similar t o  t h e  one shown i n  Figure 3.3.2-21, 

except f o r  t h e  lower b a t t e r y  weight. 

have accounted f o r  s o l a r  pane l  d e t e r i o r a t i o n ,  and they are capable of 90 day 

missions only i f  t h e  landing s i t e  is  n o r t h  of t h e  equator.  

2 

Nei ther  of t h e  two parametric designs 

3.3.2.6 Long dura t ion  missions (RTG power). - The s u r f a c e  payload f o r  a 

long du ra t ion  mission (6 months t o  2 yea r s )  w i l l ,  by previous d e f i n i t i o n ,  use 

an RTG as t h e  p r i n c i p a l  source of electrical power. A s  f o r  extended du ra t ion  

missions,  t h e  b a s i c  v e h i c l e  design cons ide ra t ions  must be  analyzed with r e spec t  

t o  t h e  mission goals  be fo re  a parametr ic  a n a l y s i s  can be  i n i t i a t e d .  

3.3.2.6.1 I n i t i a l  design cons ide ra t ions :  The weight of t h e  s u r f a c e  pay- 

load and i ts  major support ing systems remains as a p r i n c i p a l  means of evaluat ing 
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SURFACE PAYLOAD - SOLAR POWER 
0 MINIMUM SCIENCE 
0 NOMINAL ENVl RONMENT 
0 90 DAY MISSION 
0 PARAMETRIC COMPUTATION 

SCIENCE PAYLOAD: 30 LB, 10 7 BITS/DAY 

BASIC DESIGN CONSTRAINTS 
MISSION LENGTH: 90 DAYS 
BASIC POWER SOURCE: SOLAR PANELS 
ENVIRONMENTAL LIMITS: 120 TO -150 OF (1 DAY AT  -190OF) 
COMMUNICATION DISTANCE: 285 x 10 6 KM 
MAXIMUM ANTENNA SIZE: 1.5 F T  DIAMETER 
TRANSMITTING FREQUENCY: 400 MHzk 
TRANSMITTING TIME 

LOW RATE RADIO: 0 HR/DAY* 
HIGH RATE RADIO: .3333 HR/DAY 

SIGN I F I CANT CHARACTER I STI CS 
TOTAL PAYLOAD WEIGHT: 278.232 L B  
RADIO LINKS 

LOW RATE RADIO: 0 BPS, 0 WATTS RF* 
HIGH RATE RADIO: 19,199.7 BPS, 15.3598 WATTS RF 
HIGH GAIN ANTENNA NOT REQUIRED 

BATTERY WEIGHT: 46.135 L B  
SOLAR PANEL AREA: 17.6782 SQ F T  
EXT DIMENSIONS: 15.4232 x 37.0872 x 42.6155 IN. 

WEIGHT AND POWER SUMMARY 

WEIGHT (LB) 

INTERNAL I EXTERNAL 
ITEM 

SCIENCE 7.6 1 22.4 
SEQUENCER 
LOW GAIN ANTENNA 
RECEIVE ANTENNA 
HIGH GAIN ANTENNA 
L H  TRANSMITTER 
HR TRANSMITTER 
CMD R EC El V E R/D ECODE R 
TELEMETRY 
EN GIN E E RING I NSTR UMEN TAT ION 
CORE STORE 
TAPE RECORDER 
EED MODULES 

BATTER1 ES 
SOLAR PANELS 
RTG 
INSULATION 
PHASE CHANGE 
HEAT PIPES 
ISOTOPES 
WIRING, ETC. 
STRUCTURE 

SWI TCHING.LOGIC 

7.21 
0 
0 
0 
9* 
4.48 
5.2 
7.87 
2.1 
2.27 
0 
0 

11.8 
46.1 

0 
0 
0 
0 
0 
2.3 

23.1 
50.8 

0 
1* 

0 
0 
0 
0 
0 
2.1 
0 
0 
6.8 
0 
0 

26.5 
0 

39 
0 
0 
0 

.598 

~ 

POWER (WATTS) 

NIGHT 

2.1 
5.91 2.43 
0 0 
0 0 
0 0 
0 0 

70.4 0 
'5 .5 

1.64 1.64 
2.1 2.1 

0 0 
0 0 
0 0 
0 0 
0 0 
0 0 
0 0 
0 0 
0 0 
0 0 

.431 .43 1 

*DIRECT LINK OPERATED, AT LOW DATA RATE, AFTER 1ST FEW DAYS OF MISSION 
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SURFACE PAYLOAD - SOLAR POWER 
0 MINIMUM SCIENCE 
0 MODIFIED ENVIRONMENT 
0 90 DAY MISSION 
0 PARAMETRIC COMPUTATION 

SCIENCE PAYLOAD: 30 LB, 10 t 7 BITSIDAY 

BASIC DESIGN CONSTRAINTS 
MISSION LENGTH: 90 DAYS 
BASIC POWER SOURCE: SOLAR PANELS 
ENVIRONMENTAL LIMITS: 120 TO -150 OF 
COMMUNICATION DISTANCE: 285 x 10 6 KM 
MAXIMUM ANTENNA SIZE: 1.5 F T  DIAMETER 
TRANSMITTING FREQUENCY: 400 MHz* 
TRANSMITTING TIME 

LOW RATE RADIO: 0 HR 'DAY * 
HIGH RATE RADIO: .3333 HR,'DAY 

SIGN1 F ICAN T CHARACTER ISTICS 
TOTAL PAYLOAD WEIGHT: 226.338 L B  
RADIO LINKS 

LOW RATE RADIO: 0 BPS, 0 WATTS RF' 

HIGH GAIN ANTENNA NOT REQUIRED 
HIGH RATE RADIO: 19,199.7 BPS, 15.3598 WATTS RF 

BATTERY WEIGHT: 13.1145 L B  
SOLAR PANEL AREA: 17.6311 SQ F T  
EXT DIMENSIONS: 14.9074 x 35.0659 x 40.2101 IN. 

0 
1' 

0 
0 
0 
0 
0 
2.1 
0 
0 
6.8 
0 
0 
26.4 
0 
34.6 
0 
0 

,598 

WEIGHT AND POWE 
I 

ITEM 

SCI ENC E 
SEQUENCER 
LOW GAIN ANTENNA 
RECEIVE ANTENNA 
HIGH GAIN ANTENNA 
LR TRANSMITTER 
HR TRANSMITTER 
CMD RECEIVER DECODER 
TELEMETRY 
ENGINEERING INSTRUMENTATION 
CORE STORE 
TAPE RECORDER 
EED MODULES 
SWITCHING LOGIC 
BATTERIES 
SOLAR PANELS 
RTG 
INSULATION 
PHASE CHANGE 
HEAT PIPES 
ISOTOPES 
WIRING, ETC. 
STRUCT URE 

'DIRECT LINK OPERATED, AT  LOW F 

5.9 1 
0 
0 
0 
0 
70.4 
.5 
1.64 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 

.431 

SUMMARY 

WEIGHT (LB) I POWER (WATTS) 

INTERNAL 

7.6 
7.21 
0 
0 
0 
9' 

5.2 

2.1 
2.27 
0 
0 
10.2 
13.1 
0 
0 
0 
2.43 
0 
1.6 

43.6 

4.48 

7.87 

15.8 

TE, AFTER l! 

3.3.2-40 

NIGHT 

2.1 
2.43 
0 
0 
0 
0 
0 
.5 
1.64 
2.1 

0 
0 
0 
0 
0 
0 
0 
0 
0 

.43 1 

' 
FEW DAYS OF MISSION 

FIGURE 3.3.2-22 



t h e  e f f e c t  of t h e  v a r i e d  parameters. Anotherevaluat ion c r i t e r i o n  is t h e  
electrical power of t h e  RTG power supply.  

ments r e s u l t  i n  heavy, and expensive,  RTG units. I n  a d d i t i o n ,  a l a r g e  RTG 

compounds t h e  problems of thermal c o n t r o l ,  both during i n t e r p l a n e t a r y  c r u i s e  

and a f t e r  landing. 

Increased electrical  power require-  

The choice of a d a t a  t ransmission mode f o r  a long du ra t ion  mission is 

d i c t a t e d  by o p e r a t i o n a l  cons ide ra t ions  and n o t  n e c e s s a r i l y  by performance 

f a c t o r s .  A s  i t  w a s  f o r  s h o r t  and extended du ra t ion  s u r f a c e  payloads,  t h e  r e l a y  

mode holds  a clear edge i n  performance over  t h e  d i r e c t  mode. The weight,  s i z e ,  

electrical power and complexity of  payloads using t h e  r e l a y  mode are considerably 

smaller than  f o r  payloads using t h e - d i r e c t  mode. 

longer  than 6 months, continuous a v a i l a b i l i t y  of t h e  o r b i t e r  f o r  r e l a y  communica- 

t i o n s  purposes is n o t  considered t o  b e  c o n s i s t e n t  w i th  t h e  mission requirements 

of t h e  o r b i t e r .  

funct ion of t h e  average d a i l y  quan t i ty  of d a t a  t o  be t r ansmi t t ed  through- 

out  t h e  mission. For extended du ra t ion  missions (90 days) ,  it w a s  con- 

cluded t h a t  a s a t i s f a c t o r y  mission could b e  obtained i f  a h igh  d a t a  rate w a s  

a v a i l a b l e  f o r  only a few days of t h e  mission. 

a l a r g e  d a t a  rate (lo6 b i t s  p e r  day) is  probably required on any given 

day of t h e  mission. 

day-to-day b a s i s  f o r  6 months o r  longer ,  i t  is  concluded t h a t  t h e  d i r e c t  mode 

m u s t  be  used as t h e  primary communications technique f o r  long du ra t ion  missions.  

However, f o r  t h e  parametr ic  designs,  t h e  r e l a y  mode w i l l  be  included as a back- 

up o r  supplement t o  t h e  d i r e c t  mode during t h e  e a r l y  s t a g e s  of  t he  mission. 

However, f o r  mission du ra t ions  of  

The ques t ion  of t h e  d a t a  t ransmission mode is t h e r e f o r e  a 

For t h e  long du ra t ion  missions,  

Since t h e  r e l a y  mode is  n o t  considered t o  be  f e a s i b l e  on a 

R e l i a b i l i t y  is  one of t h e  major design cons ide ra t ions  i n  a mission du ra t ion  

of up t o  two yea r s .  Two of t h e  weakest l i n k s  i n  t h e  systems of t h e  s u r f a c e  

payload are t h e  t ape  r eco rde r  and high g a i n  pointed antenna of  t h e  telecommuni- 

c a t i o n s  system. Since i t  i s  no t  p r a c t i c a l  t o  consider  e i t h e r  "block" o r  

funct ional"  redundancy f o r  t h e  high ga in  antenna, t h e  b a s i c  mechanisms of t h e  I 1  

antenna must b e  designed t o  provide t h e  d e s i r e d  r e l i a b i l i t y .  

recorder ,  "block" redundancy (two t a p e  r eco rde r s  ; only one ope ra t iona l  a t  any 

given t i m e )  has  been incorporated i n t o  t h e  parametr ic  analyses .  Block redun- 

dancy f o r  t h e  high rate t r a n s m i t t e r  is a l s o  included i n  t h e  a n a l y s i s .  

b a t t e r i e s ,  t h e  a n a l y s i s  used only a 50% depth of  discharge,  t o  i n s u r e  a long 

cyc le  l i f e  f o r  t h e  b a t t e r i e s .  

For t h e  t a p e  

For 
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A s  w i t h  o t h e r  types of missions,  t h e r e  is  a 

between t h e  environment, t h e  thermal c o n t r o l  design,  and t h e  c h a r a c t e r i s t i c s  

of t h e  s u r f a c e  payload. It is probable t h a t  t h e  knowledge of t h e  Martian 

environment w i l l  b e  expanded p r i o r  t o  t h e  commencement of a long du ra t ion  

mission. 

considerable  i n t e r a c t i o n  

Whether t h i s  increased d a t a  can b e  incorporated i n t o  t h e  design of  

t h e  v e h i c l e  is  quest ionable ,  due t o  t h e  s h o r t  t i m e  span between t h e  end 

of one mission opportuni ty  and t h e  start of t h e  next  one. 

environment a t  any given landing s i te  w i l l  change considerably during t h e  

mission as a r e s u l t  of s easona l  and gene ra l  climatic variance.  

ment va r i ance  over a per iod of months i s  expected t o  d i f f e r  considerably 

from t h e  nominal c y c l i c  environment used f o r  a n a l y s i s  of t h e  s h o r t  and extended 

du ra t ion  missions. Also,  t h e  power p r o f i l e / o p e r a t i n g  mode of t h e  s u r f a c e  

payload w i l l  vary considerably on a day-to-day b a s i s  because of programming 

d i r e c t i o n s  from t h e  Earth.  

power, hence heat, p r o f i l e ,  t h e  thermal c o n t r o l  system must be  highly f l e x i b l e .  

A hea t  p i p e / r a d i a t o r  concept similar t o  ou r  VOYAGER Phase B design provides 

an accep tab le  s o l u t i o n .  To f u r t h e r  i n s u r e  mission success ,  t h e  cu r ren t  s tudy 

considered t h e  continuous co ld  (-190'F) environment as w e l l  as t h e  worst  case 

a n t i c i p a t e d  c y c l i c  o r  w a r m  environment. 

I n  a d d i t i o n ,  t h e  

The environ- 

To accommodate both a varying environment and 

The RTG provides s u f f i c i e n t  h e a t  t o  w a r m  t h e  s u r f a c e  payload i f  t h i s  h e a t  

can be  c o n t r o l l a b l y  t r a n s f e r r e d  i n t o  t h e  b a s i c  equipment compartment of t h e  

s u r f a c e  payload. 
design by pumping h e a t ,  v i a  h e a t  p ipes ,  from the RTG t o  the equipment during 

t h e  n i g h t  and r a d i a t i n g  excess  h e a t  from t h e  equipment during the  day through a 

h e a t  p i p e / r a d i a t o r  system. While t h i s  i d e a l i z e d  concept i s  probably t h e  most 

e f f i c i e n t  of  t h e  a l t e r n a t i v e s ,  l i t t l e  is  known about t h e  practical  a spec t s  of 

t h i s  approach. 

with e i t h e r  i s o t o p e s  o r  e lectr ical  hea te r s .  I t  can be assumed t h a t  t h e  weight 

of i so tope  h e a t e r s  would correspond t o  t h e  weight of t h e  equipment r equ i r ed  t o  

implement a f u l l y  active thermal c o n t r o l  system. 

An i d e a l i z e d  thermal c o n t r o l  design could use a f u l l y  active 

For t h e  parametr ic  a n a l y s i s ,  t h e  r equ i r ed  h e a t  w a s  supp l i ed  

3 . 3 . 2 . 6 . 2  Design a l t e r n a t i v e s :  Of t h e  a l t e r n a t i v e s  t o  be explored f o r  

payloads designed f o r  a long durat ion mission, telecommunications, e lectr ical  

power, s c i e n c e  payload are t h e  most s i g n i f i c a n t .  
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Telecommunications Desim A l t e r n a t i v e s  - With t h e  d i r e c t  t ransmission 

mode, a choice of antenna c h a r a c t e r i s t i c s  is a v a i l a b l e .  Another v a r i a b l e ,  which 

i n t e r a c t s  w i t h  a s e l e c t i o n  of antennas,  is  t h e  d a t a  rate des i r ed  a t  a given 

day of t h e  mission. 

i nc reases .  

t o  maintain adequate s i g n a l  s t r e n g t h  t o  Earth.  

mission, t h e  communication d i s t a n c e  decreases ,  and less transmitter power is  

required.  An a l t e r n a t e  approach, shown i n  Figure 3.3.2-23, is t o  keep t rans-  

m i t t e r  power constant  and a d j u s t  t h e  d a t a  rate t o  t h e  communication d i s t ance .  

This  technique r e p r e s e n t s  a p r a c t i c a l  method of adapt ing t o  t h e  varying 

communication d i s t ances .  Two design approaches are poss ib l e :  (1) design f o r  

a l a r g e  d a t a  rate a t  t h e  s ta r t  of t h e  mission, and l e t  t h e  d a t a  rate decrease 

as communications d i s t a n c e  inc reases ,  o r  (2) design f o r  a l a r g e  da t a  rate 

c a p a b i l i t y  a t  t h e  worst  communications d i s t ance .  

A f t e r  landing, t h e  d i s t a n c e  between Mars and Earth 

I f  d a t a  rate is  kep t  cons t an t ,  t r a n s m i t t e r  power must b e  increased 

Seve ra l  hundred days i n t o  t h e  

For t h e  examination of t h e  telecommunications design a l t e r n a t i v e s ,  nominal 

designs f o r  t h e  o t h e r  system a r e  used. For e lectr ical  power an RTG/battery 

combination, w i t h  the  b a t t e r y  having a y i e l d  of 30 watt-hours pe r  pound, is  

used. For thermal c o n t r o l ,  i so topes  t o  provide h e a t ,  h e a t  p i p e s / r a d i a t o r s  f o r  

h e a t  d i s s i p a t i o n ,  and 4 inches of i n s u l a t i o n  are used. In  a d d i t i o n ,  t h e  

e l e c t r i c a l  power system is  designed t o  a l low simultaneous ope ra t ion  of t h e  high 

rate and low rate (engineering) r a d i o  l i n k s .  

These analyses  have shown t h a t  f o r  d a t a  rates g r e a t e r  than lo6  b i t s  

p e r  day, t h e  3 f o o t  diameter antenna provides  a n  advantage i n  v e h i c l e  weight 

and RTG power required as compared t o  t h e  1.5 f o o t  diameter antenna. A s  shown 

i n  Figures 3.3.2-24 and 3.3.2-25, t h i s  advantage is v a l i d  r ega rd le s s  of t h e  

nominal design communication d i s t a n c e s  , 285 o r  380 x l o6  ki lometers .  

as i n  t h e  case of s h o r t  du ra t ion  missions,  t h e  a c t u a l  s e l e c t i o n  may n o t  be 

based on a weight o r  RTG power advantage, but  on t h e  o v e r a l l  i n t e g r a t i o n  problems 

of  i n s t a l l i n g  a l a r g e  RTG and antenna i n  t h e  a e r o s h e l l  of  t h e  f l i g h t  capsule .  

However , 

The e f f e c t  of communication d i s t a n c e  i s  shown i n  Figures  3.3-2-24 and 

3.3.3-25. 

a design providing a high d a t a  rate c a p a b i l i t y  throughout t h e  mission is very 

heavy and r e q u i r e s  a l a r g e  RTG. 

f o r  t h e  design c o n s t r a i n t s  employed a t  t h i s  po in t ,  and is s u b j e c t  t o  re- 

eva lua t ion  later on i n  t h i s  ana lys i s .  

A t  t h i s  p o i n t  i n  t h e  a n a l y s i s ,  i t  would be  s a f e  t o  conclude t h a t  

However, t h i s  conclusion i s  a p p l i c a b l e  only 
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Electrical  Power Desim Alternatives - The v a r i a b l e s  of e lectr ical  power 

design i n t e r r e l a t e d  w i t h  o t h e r  subsystems. 

is t o  use an RTG and a b a t t e r y  i n  combination. The RTG recharges t h e  b a t t e r y  

and provides t h e  equipment wi th  power during most of t h e  mission; t h e  b a t t e r y  

provides power beyond t h e  b a s i c  c a p a b i l i t y  of t h e  RTG during peak demands, such 

as during d a t a  transmission. 

e f f i c i e n c y  of t h e  b a t t e r y .  For t h e  d a t a  of Figures  3.3.2-24 and 3.3.2-25, and 

Ag-Zn b a t t e r y  of long l i f e  and high e f f i c i e n c y ,  30 watt-hours p e r  pound, w a s  

used. While t h i s  b a t t e r y  is  t e c h n i c a l l y  f e a s i b l e ,  i t  has  n o t  been f u l l y  

developed. 

demonstrated long l i fe .  Such a b a t t e r y ,  nickel-cadium, has an e f f i c i e n c y  of 

only 8 t o  10 watt-hours p e r  pound. Figure 3.3.2-26 demonstrates t h e  severe 

p e n a l t i e s  i n  s u r f a c e  payload weight i f  a low e f f i c i e n c y  b a t t e r y  is used. 

The conventional design approach 

The c r i t i ca l  f a c t o r  i n  t h i s  approach i s  t h e  

A more conservat ive approach would use a lower y i e l d  b a t t e r y  of 

Another a l t e r n a t i v e  is t o  use only an RTG. I n  t h i s  case, t h e  RTG is  

s i z e d  t o  m e e t  t h e  peak power requirements of t h e  payload. 

requirements are lower than t h e  peak, t h e  excess power of t h e  RTG is  d i s s i p a t e d  

through diodes and l a r g e  r e s i s t o r s .  Since t h i s  power is  not  r equ i r ed  by t h e  

equipment, i t  could be used f o r  hea t ing  t h e  v e h i c l e  during t h e  cold po r t ions  

of t h e  mission. 

s u r f a c e  payload because t h e  h e a t  i s  c o n t r o l l a b l e ,  and e l imina te s  t h e  need f o r  

a b a t t e r y .  Unfortunately,  as i s  shown i n  Figure 3.3.2-27,  t h i s  approach no t  

only causes a heav ie r  o v e r a l l  v e h i c l e ,  b u t  n e c e s s i t a t e s  an extremely l a r g e  RTG. 

The s i z e  of t h e  RTG, over 300 e l e c t r i c a l  w a t t s  f o r  t h e  worst  case shown i n  

Figure 3.3.2-27,  creates extreme thermal c o n t r o l  problems f o r  t h e  t o t a l  f l i g h t  

capsule  6000 w a t t s  of h e a t .  

r ep resen t s  t h e  most p r a c t i c a l  and economical method of designing t h e  e lectr ical  

power sys  t em.  

When t h e  power 

This approach s i m p l i f i e s  t h e  thermal c o n t r o l  design of t h e  

It i s  concluded t h a t  b a t t e r y  and RTG, i n  combination, 

E f f e c t  of t h e  Science Payload - The e f f e c t  of t h e  sc i ence  d a t a  w a s  

discussed previously i n  t h e  telecommunications design a l t e r n a t i v e s .  A s  i t  

w a s  f o r  o t h e r  types of s u r f a c e  payloads, t h e  r e l a t i o n s h i p  of s c i ence  weight t o  

t o t a l  payload weight is  v i r t u a l l y  l i n e a r .  However, i t  is i n t e r e s t i n g  t o  

examine t h e  d i s t r i b u t i o n  of  t h e  systems of t h e  s u r f a c e  payload as sc i ence  weight 

is  va r i ed .  A s  shown i n  Figure 3.3.2-28, as sc i ence  weight is  inc reased ,  i t s  

percentage of t h e  t o t a l  v e h i c l e  weight i nc reases .  The oppos i t e  is t r u e  f o r  
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t h e  telecommunications, thermal c o n t r o l  and s t r u c t u r a l  systems; they decrease ,  

on a percentage b a s i s ,  as sc i ence  weight i s  increased .  

3 . 3 . 2 . 6 . 3  Refined design cons idera t ions :  So f a r  t h e  e f f e c t s  of t h e  

p r i n c i p a l  v a r i a b l e s  upon a s u r f a c e  payload of nominal design have been 

discussed.  

be  of va lue  t o  reduce t h e  power and energy requirements of t h e  v e h i c l e  i n  

order  t o  reduce t h e  s i z e  of t h e  RTG. 
p r o f i l e  is t o  change t h e  ope ra t ing  p r o f i l e  of t h e  s u r f a c e  payload. 

t h e  energy and power t o  a l low t h e  simultaneous ope ra t ion  of a high rate r a d i o  

l i n k ,  used p r i n c i p a l l y  f o r  s c i ence  da t a ,  and a low rate rad io  l i n k  has  been 

provided. 

r e l a t i v e l y  l a r g e  t r a n s m i t t e r  t o  t ransmi t  engineer ing d a t a  on t h e  opera t ion  

of t he  s u r f a c e  payload. This  engineer ing da ta  could be t ransmi t ted  v i a  t h e  

h igh  rate r ad io  l i n k  wi th  v i r t u a l l y  no change t o  t h e  b a s i c  high rate rad io .  For 

s h o r t  du ra t ion  missions,  i t  is  good po l i cy  t o  ope ra t e  both l i n k s  s imultanteously 

because i f  t h e  high rate l i n k  f a i l s ,  some da ta  i s  s t i l l  re turned  t o  Earth with- 

ou t  having t o  u t i l i z e  e i t h e r  a command l i n k  o r  i n t e r n a l  d i agnos t i c  equipment 

t o  a c t i v a t e  t h e  low rate l i n k .  

are n o t  t he  f i r s t  Martian mission,  a high degree of  confidence i n  the  success  

of t h e  mission can be assumed. 

r ad io  i s  inope ra t ive ,  t he  low rate r ad io  can be commanded t o  operate  u n t i l  

s u f f i c i e n t  d a t a  i s  received t o  a l low a c o r r e c t i v e  command t o  be sen t .  There- 

Since the  weight and power of t h e  RTG are of importance, it would 

A candida te  f o r  reducing the  power 

To d a t e ,  

The low rate r ad io  l i n k  uses  an omnidi rec t iona l  antenna and a 

For long du ra t ion  missions,  assuming t h a t  they 

It can a l s o  be assumed t h a t  i f  t h e  high rate 

fo re ,  designs provid ing  f o r  simultaneous opera t ion  of  low and high rate rad ios  

are probably too  conserva t ive  f o r  long  dura t ion  missions.  

A comparison of vehic-es,designed wi th  and without  simultaneous opera t ion  of 

bo th  r ad io  l i n k s , i s  shown i n  Figure 3.3.2-29. 

energy requirements r e s u l t i n g  from simultaneous opera t ion  are considerable .  

Therefore,  i t  can be concluded t h a t  a l though some form of low rate r ad io  should 

be provided, i t  should no t  be operated s imultaneously with t h e h i g h  rate l ink .  

A s  can be noted, t he  power and 

Assuming t h a t  a low rate rad io  i s  not  operated s imultaneously with the  

h igh  rate, t h e  e f f e c t s  of communication d i s t a n c e s  can be  re-examined. A s  

shown i n  Figure 3.3.2-29, i f  t he  low rate rad io  i s  not  operated unless  commanded, 

t h e  c o m n i c a t i o n  d i s t a n c e  has  a n e g l i b l e  e f f e c t  upon t h e  t o t a l  payload. 

although t h e  t r a n s m i t t e r  power must be increased ,  t he  su r face  payload can be 

designed t o  provide t h e  des i r ed  da t a  rate throughout t h e  

wi th  only  a modest pena l ty  i n  v e h i c l e  and RTG weight. 

Thus, 

l eng th  of t h e  mission 
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3 . 3 . 2 . 6 . 4  Conclusions - long dura t ion  missions: A su r face  payload designed 

f o r  a long dura t ion  mission should have t h e  fol lowing c h a r a c t e r i s t i c s :  

a )  The p r e f e r r e d  e l e c t r i c a l  power systems i s  p a r t i a l l y  dependent upon t h e  

development of a high e f f i c i e n c y  (30 watt-hours pe r  pound), long 

l i f e  Ag-Zn b a t t e r y .  

power system should u t i l i z e  t h i s  t b a t t e r y  t o  allow reasonable  veh ic l e  

weights and minimum s i z e  RTG's. . 

a v a i l a b l e ,  t he  p re fe r r ed  system i s  an a l l  RTG (no b a t t e r y )  con- 

f i g u r a t i o n  i f  t he  peak e l e c t r i c a l  requirements are not  l a rge .  

Assuming t h a t  one is  developed, t h e  electrical 

I f  t h i s  high y i e l d  b a t t e r y  is  not  

b) The p r i n c i p a l  communications mode should be t h e  d i r e c t  (S-band) mode 

because t h e  r e l ay  mode is  n o t  ope ra t iona l ly  practical  throughout the  

mission. It i s  a l s o  concluded t h a t  the  l o w  rate (engineering) rad io  

should not  be operated simultaneously with t h e  high rate r a d i o , i n  

o r d e r  t o  minimize the  s i z e  and weight of t h e  e l e c t r i c a l  power system. 

The c h a r a c t e r i s t i c s  of a t y p i c a l  su r f ace  payload f o r  long dura t ion  missions 

are shown i n  Figure 3.3.2-30.  Since the re  are no requirements t o  select a 

conceptual design f o r  long dura t ion  missions,  t h i s  payload w a s  s e l ec t ed  i n  

order  t o  represent  a near  maximum c a p a b i l i t y .  
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SURFACEPAYLOAD-RTGPOWER 
0 MAXIMUM SCIENCE 
0 NOMINAL ENVIRONMENT 
0 6 MONTH TO 2 YEAR MISSION 
0 PARAMETRIC COMPUTATION 

SCIENCE PAYLOAD: 100 LB, 10 9 7 BITS/DAY 

BASIC DESIGN CONSTRAINTS 
MISSION LENGTH! 8000 HR 
BASIC POWER SOURCE: RTG 
ENVIRONMENTAL LIMITS: 120 TO -19OoF 
COMMUNICATION DISTANCE: 380 x 10 7 6 KM 
MAXIMUM ANTENNA SIZE: 3 F T  DIAMETER 
TRANSMITTING FREQUENCY: 2300 MHz 
TRANSMITTING TIME 

LOW RATE RADIO: 6 HR/DAY* 
HIGH RATE RADIO: 6 HR/DAY* 

SIGNIFICANT CHARACTERISTICS 
TOTAL PAY LOAD WEIGHT: 671.164 LB 
RADIO LINKS 

LOW RATE RADIO: .7 BPS, 12.7441 WATTS RF* 
HIGH RATE RADIO: 532.407 BPS, 21.2039 WATTS RF* 

BATTERY WEIGHT: 30.2193 L B  
RTG WEIGHT: 79.448 L B  
EXT DIMENSIONS: 17.6313 x 45.7396 x 52.9124 IN. 

WEIGHT AND POWER SUMMARY 

ITEM 

SCIENCE 
SEQUENCER 
LOW GAIN ANTENNA 
RECEIVE ANTENNA 
HIGH GAIN ANTENNA 
LR TRANSMITTER 
HR TRANSMITTER 
CMD RE CE I V E R/D ECOD E R 
TE L EM ET R Y 
ENGINEERING INSTRUMENTATION 
CORE STORE 
TAPE RECORDER 
EED MODULES 
SWITCHING LOGIC 
BATTERIES 
SOLAR PANELS 
RTG 
INSULATION 
PHASE CHANGE 
HEAT PIPES 
ISOTOPES 
WIRING, ETC. 
STRUCTURE 
REDUNDANCY 

EXTERNAL 
WEIGHT (LB) 

INTERNAL 

43.5 
15.8 
0 
0 
9 
6 
7.11 
6.5 

29.4 
7 
3.23 
6.9 
0 

21.5 
30.2 
0 
0 
0 

1 0  
0 

24.8 
66.9 
99.9 
12.0 (TA 

56.5 
0 
1 

36 
0 
0 
0 
0 
7 
0 
0 

11 
0 
0 
0 

79.4 
60.7 

0 
28.9 
0 

,747 

RECORDER; 1 

POWE 

DAY 
7.3 

11.2 
0 
0 
6 

70.0' 
88.3* 

1 
6.13 
7 

8.06 
0 
0 
0 
0 
0 
0 
0 
0 
0 

.479 

hNSMlTTE 

(WATTS) 
NIGHT 

7.3 
10.8 
0 
0 
0 
0 
0 
1 
6.13 - 
7 

.479 

.26 

- 

0 
0 
0 
0 
0 
0 
0 
0 
0 

*HIGH & LOW RATE RADIO NOT OPERATED SIMULTANEOUSLY 
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3.4 Martian Environment E f f e c t s  

The capsule  parametr ic  s t u d i e s  of Sect ion 3.3 were based on t h e  same 
environmental criteria used i n  t h e  VOYAGER Phase B s t u d i e s ,  which are sum- 

marized below. 

on t h e  capsule  design and performance. 

This s e c t i o n  p resen t s  t h e  e f f e c t s  of t h e  environment d e f i n i t i o n  

The a n a l y s i s  i s  divided i n t o  two 
pa r t s :  e n t r y  environment and su r face  environment. 

3.4.1 ENTRY ENVIRONMENT DEFINITION - Two aspec t s  of t h e  e n t r y  environment 

a f f e c t  capsule  systems design and performance: 

(ve loc i ty  and f l i g h t  pa th  angle  a t  800 000 f t  a l t i t u d e ) ,  and t h e  d e f i n i t i o n  of 

t h e  Martian atmosphere, t h e  primary design parameters being t h e  dens i ty  s c a l e  

he ight  and t h e  atmospheric p re s su re  a t  t h e  planet sur face .  

t h e  nominal e n t r y  co r r ido r  and design atmosphere envelope. 

The i n i t i a l  e n t r y  condi t ions  

Figure 3.4-1 shows 

As discussed i n  Sect ion 3.1.3, t h e  c r i t i c a l  condi t ions f o r  capsule  system 

design tend t o  occur a t  t h e  upper r i g h t  o r  lower l e f t  corners  of both the  e n t r y  

c o r r i d o r  and t h e  atmosphepic envelope. 

t he  e f f e c t s  on capsule  design of r e l i e v i n g  these  extremes. 

It is t h e r e f o r e  i n t e r e s t i n g  t o  determine 

The s e n s i t i v i t y  of t h e  capsule  t o  t h e  atmosphere d e f i n i t i o n  w a s  evaluated 

a) t h e  minimum en t ry  v e l o c i t y  w a s  r a i s e d  i n  two s t e p s ,  shown i n  Figure 3.4-2: 

t o  1 4  000 f t / s e c ,  and b) t h e  e n t r y  f l i g h t  path angle  spread w a s  reduced t o  

-15 t o  -18 deg. 

Three v a r i a t i o n s  i n  t h e  atmospheric d e f i n i t i o n  w e r e  considered, as shown 

i n  Figure 3.4-3: 

b) t h e  s u r f a c e  atmospheric pressure  unce r t a in ty  w a s  reduced t o  7-14 mb, and 

c )  t he  combined e f f e c t s  of a )  and b) were inves t iga t ed .  

a )  t h e  minimum dens i ty  scale he ight  w a s  r a i s e d  t o  8 km, 

F i n a l l y ,  t h e  reduced e n t r y  c o r r i d o r  w a s  combined wi th  t h e  increased 

minimum scale he igh t ,  t h e  same environmental r e l i e f  used f o r  two of t h e  d i s c r e t e  

po in t  designs (Concepts I and V of Sect ion 4) .  

3.4.1.1 Capsule system s e n s i t i v i t y .  - The v a r i a t i o n s  c i t e d  above a f f e c t  

t h e  a e r o s h e l l  weight and diameter more than o the r  veh ic l e  c h a r a c t e r i s t i c s .  

remaining capsule  systems are e i t h e r  i n s e n s i t i v e  o r  experience only secondary 

e f f e c t s ,  due t o  reduced ae roshe l l  d i a m e t e r  requirements.  

The 
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The a e r o s h e l l  s t r u c t u r e  and hea t  s h i e l d  are s e n s i t i v e  t o  oppos i te  regions 

of both t h e  e n t r y  co r r ido r  and t h e  atmosphere: 

by maximum dynamic p res su re ,  which i s  c r i t i ca l  a t  high en t ry  v e l o c i t y ,  s t e e p  

e n t r y  angle ,  and low s c a l e  he ight .  

a b l a t o r s  and high temperature i n s u l a t o r s  (such as HCF) w i l l  r e s u l t  when t h e  

l a r g e s t  scale he igh t  is combined wi th  t h e  minimum ve loc i ty  t r a j e c t o r y  en te r ing  

a t  vacuum graze angles .  

t h e  co r r ido r  d e f i n i t i o n ,  t h e  heav ie s t  h e a t  p ro t ec t ion  design condi t ions f o r  a l l  

materials w i l l  be the  combination of maximum scale he ight  and e n t r y  v e l o c i t y ,  

and minimum i n i t i a l  e n t r y  angle .  

3.4-4 f o r  a s i n g l e  a e r o s h e l l  diameter and m/CDA. 

i s  the  sum of t h e  s t r u c t u r e  weight a t  t h e  minimum s c a l e  he ight  being considered 

and the  h e a t  p ro t ec t ion  weight a t  t h e  maximum scale he ight .  

f o r  t he  f u l l  e n t r y  co r r ido r  and f o r  VM-1 through VM-10 atmospheres r e s u l t s  i n  

an a e r o s h e l l  weight of 226-1h. Reducing t h e  s c a l e  he ight  uncer ta in ty  t o  8-14 

km and l i m i t i n g  t h e  en t ry  co r r ido r  t o  ye between -15" and -18' and Ve between 

14 000 and 15 200 f t / s e c  permi ts  a reduct ion  t o  a weight of 197 l b s  i f  t he  

same a e r o s h e l l  diameter w e r e  used. However, t h e  environmental r e l i e f  allows 

a e r o s h e l l  s t r u c t u r e  i s  designed 

The heav ie s t  hea t  p r o t e c t i o n  system using 

I f  t h e  graze e n t r y  angle  boundary' is excluded from 

These c h a r a c t e r i s t i c s  are shown i n  Figure 

The t o t a l  a e r o s h e l l  weight 

Thus, designing 

t h e  use of a h igher  m/CDA, which p e r m i t s  a reduct ion i n  a e r o s h e l l  diameter.  

Figure 3.1.4-16 showed t h a t  t h e  reduced en t ry  c o r r i d o r  and increased minimum 

H 

chute  deployment condi t ion.  

reduced t o  9.7 f t  which r e s u l t s  i n  a t o t a l  a e r o s h e l l  weight of 144 l b .  

combined t o  allow an m/CDA of .385 s l u g s / f t 2  f o r  a Mach 2 ,  23 000 f t  para- P 
This m/C$ allows t h e  a e r o s h e l l  diameter t o  be 

The modified environment thus al lows a reduct ion of 82 l b  (about 36%) 

from t h e  226 l b  a e r o s h e l l  weight requi red  f o r  t h e  nominal environment. The 

reduced diameter and weight a l s o  p e r m i t  savings i n  the  c a n i s t e r ,  i n s u l a t i o n ,  

TPS, and o t h e r  capsule  systems. 

3.4.1.2 Capsule parametr ics .  - The da ta  presented i n  t h i s  s e c t i o n  shows 

t h e  e f f e c t s  of t he  e n t r y  environment v a r i a t i o n s  descr ibed above. Table 3.4-1 

lists t h e  inpu t  da t a  used i n  these  s t u d i e s .  Table 3.4-2 summarizes t h e  r e s u l t s  

f o r  t h e  po in t  of most i n t e r e s t ,  i .e.,  t h e  minimum diameter and weight f o r  

which a parachute  can be  used wi th in  t h e  Mach 2 deployment c o n s t r a i n t s .  

t a b l e  a l s o  keys Figures  3.4-5 through 3.4-12 t o  t h e  e n t r y  c o r r i d o r  o r  atmosphere 

The 
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TABLE 3.4-1 

ENVIRONMENTAL EFFECTS PARAMETRICS 
INPUT DATA 

FIGURES 3.4-5 THROUGH 3.4- 12 ARE BASED ON THE FOLLOWING: 

ENTRY ALTITUDE _________________________________________---- --------- 800,000 F T  
DEORBIT VELOCITY INCREMENT _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _  --------- 450 FT/SEC 
FIXED EQUIPMENT WEIGHT 

GUIDANCE AND CONTROL AND RADARS - ON AEROSHELL------,-_2.9 L B  
GUIDANCE AND CONTROL AND RADARS - LANDED--------------- 112.7 L B  

SCIENCE, TCM, ELECTRICAL AND MISC. - ON ADAPTER _ _ _ _ _ _ _ _ _ _  15.0 L B  
SCIENCE, TCM, ELECTRICAL AND MISC. - TOTAL - - _ _ _ _ _ _ _ _ _ _ _ _ _ _  168.0 L B  

SCIENCE, TCM, ELECTRICAL AND MISC. - ON AEROSHELL------..15.5 L B  
SCIENCE, TCM, ELECTRICAL AND M I X .  - ON LANDER _ _ _ _ _ _ _ _ _ _ _  137.5 L B  

DRAG COEFFICIENTS (CD) 
AEROSHELL - SUPERSONIC CD -------------------- _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _  1.51 
AEROSHELL - SUBSONlC CD---------------------------------------_-_-_-- .78 
ATTACHED INFLATABLE DECELERATOR - SUPERSONIC C~------_1.00 
ATTACHED INFLATABLE DECELERATOR - SUBSONIC CD ----------- .80 
PARACHUTE - SUPERSONIC CD(BASED ON TOTAL SURFACE AREA).60 
PARACHUTE - SUBSONIC CD(BASED ON TOTAL SURFACE AREA).-- -60 

MINIMUM ACCELERATION OF AEROSHELL RELATIVE TO LANDER ----.6g 
PARACHUTE DEPLOYMENT MACH NO. LIMIT ________-__-________________ 2.0 
DEPLOYABLE DECELERATOR DEPLOYMENT ALTITUDE (HD)-------- 23,000 FT 
MAXIMUM DEPLOYABLE DECELERATOR VERTICAL VELOCITY 

AT TERMINAL PROPULSION INITIATION _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _  -- 350 FT/SEC 
HORIZONTAL VELOCITY VECTOR DUE TO WINDS ________-_____-__-_ --- 220 FT/SEC 
TERMINAL PROPULSION IGNITION ALTITUDE ......................... 4868 F T  
MAXIMUM SURFACE SLOPE - 34' ABOVE LOCAL HORIZONTAL 
TERMINAL PROPULSION SYSTEM TYPE _________________________________MONO 
TERMINAL GUIDANCE MODE _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ _ I  _ _ _ _ _ _ _ _ _ _ _ _ _ _ " _ _ _ _  PREPROGRAMMED 
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TABLE 3.4-2 

SUMMARY OF ENTRY ENVIRONMENT EFFECTS 

ENVIRONMENT 
CHANGE 

NOMINAL 
14,000 < V, 4 15,200 FT/SEC 
GRAZE < ye < -18' 
-15' < ye < -20' 
-15' < y e  < -18' 

7 < Po < 14 mb 

7 <  Po< 14 mb 

I 

8 < H p <  14 KM 

8 < H p <  14 KM 

14,000 < V, < 15,200 FT/SEC 

8 <HP < 14 KM 

1 
- 15' < ye < - 18' I 

FIGURE 
REFERENCE. 

3.4-5 
3.4-5 
3.4-6 
3.4-7 
3.4-8 
3.4-9 
3-4-10 

3.4- 1 1 

3.4-12 

3.4-8 

FOR 
AE ROSHE L L 

DIAMETER (FT) 
11.35 
11.10 
10.55 
11.25 
10.55 
9.65 
9.25 

7.95 

8.8 

D = 2.0 
FLIGHT CAPSULE 

WEIGHT (LB) 
1562 
1540 
1508 
1544 
1500 
1462 
1448 

1392 

1425 
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FIGURE .3A-7 
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FIGURE .3.4-8 
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+ FIG'URE 3.4-9 
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FIGURE 3.4-1;l 
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FIGURE 3.4-12 
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v a r i a t i o n s  considered. 

weight of 210 l b .  

ment, t o  provide a convenient re ference .  

is based on t h e  use of parachutes;  AIDS are used below the  l i n e  where h igher  

deployment Mach numbers are requi red .  

All of these  curves are f o r  a constant  su r f ace  payload 

Each f i g u r e  a l s o  conta ins  t h e  curve f o r  t h e  nominal environ- 

The d a t a  above the  Mach 2 l i m i t  l i n e  

By comparing Figures  3.4-5 through -8 ( the  e n t r y  co r r ido r  v a r i a t i o n s )  with 

Figures 3.4-9 through -11 ( t h e  atmosphere v a r i a t i o n s ) ,  i t  is  clear t h a t  t h e  

atmospheric d e f i n i t i o n  has  a more powerful in f luence  on f l i g h t  capsule  diameter 

and weight than the  en t ry  condi t ions .  

can be r e t a ined  a t  nominal pena l ty  t o  provide ope ra t iona l  f l e x i b i l i t y  while  

very c l o s e  a t t e n t i o n  must be  given t o  t h e  problem of b e t t e r  Martian atmosphere 

d e f i n i t i o n .  

This means t h a t  a wide e n t r y  co r r ido r  

3.4.2 SURFACE ENVIRONMENT DEFINITION - The surEace environment def ined 

f o r  t h e  capsule  system parametr ic  s t u d i e s  w a s  as follows: 
Continuous Slopes, deg 

Bearing Capacity,  p s i  
F r i c t i o n  Coef f i c i en t  
Surface Rocks, max. d i a . ,  i n .  
Length of Surface Slope, f t  

*Abrupt Slope Changes, deg 

Temperature 

Winds 1 m above su r face ,  f t / s e c  

+ 34 
- + 68 
6 t o  

. 3  t o  1.0 
5 .O 
328 f o r  34 deg s lope  

6562 f o r  10 deg s lope  
-190'F continuous,  o r  
+120°F t o  -150°F d i u r n a l  

- 

v a r i a t i o n ,  whichever is  worse 
220 

* Local s lopes  s h a l l  no t  exceed +34 degree r e l a t i v e  t o  the 
ho r i zon ta l  

The most important of t hese  are t h e  s lopes ,  t h e  temperature,  and t h e  winds. 

o rder  t o  determine t h e  s e n s i t i v i t y  of t h e  capsule  systems and opera t ions  t o  

t h i s  environment d e f i n i t i o n ,  these  t h r e e  parameters w e r e  ass igned less restric- 

t i v e  values:  

I n  

Slopes - f 20 degree 

Temperature 

Winds 118 f t / s e c  

f 120'F t o  -150°F only 
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3.4.2.1 Capsule system S e n s i t i v i t y .  - The s u r f a c e  environment d e f i n i t i o n  

a f f e c t s  two capsule  d e l i v e r y  systems ( landing and TPS) as w e l l  as t h e  s u r f a c e  

payload. 

shown i n  Figure 3.2.10-3. 

landing system weight by about 20%. 

Surface s l o p e s  have a d i r e c t  e f f e c t  on t h e  landing system weight,  as 

A reduct ion i n  maximum s u r f a c e  s lope  reduces t h e  

The most important e f f e c t  of reduced near-surface winds (220 t o  118 f t / s e c )  

is  t o  decrease t h e  TPS AV requirement by about 50 f t / s e c .  

Sect ion 3.2.7 f o r  a given TPS and guidance mode combination, w e  can determine 

t h a t  t h e  TPS weight can be  reduced by about 4%. 

Using t h e  curves of 

El iminat ion of t h e  continuous cold day (-190°F) and v a r i a t i o n s  i n  t h e  

c y c l i c  day s u r f a c e  temperature p r o f i l e  have a major impact on t h e  s u r f a c e  pay- 

load thermal c o n t r o l  system. 

3.2.6 are based on a temperature p r o f i l e  c o n s i s t i n g  of both a continuous cold 

day temperature and a nominal c y c l i c  day temperature p r o f i l e .  Three c y c l i c  

day temperature p r o f i l e s ,  c o n s i s t i n g  of a maximum expected, a minimum expected, 

and t h e  nominal p r o f i l e  used f o r  t h e  r e fe rence  parametr ics ,  are p l o t t e d  i n  

Figures 3.2.6-8 and -9. Two design a l t e r n a t i v e s  f o r  thermal c o n t r o l  w e r e  

analyzed; i .e . ,  e lec t r ica l  h e a t e r s  which supply c o n t r o l l a b l e  hea t ing ,  and 

r ad io i so topes  which supply constant  hea t ing .  

a b l e  design a l t e r n a t i v e .  Of i n t e r e s t  now i s  t h e  s e n s i t i v i t y  of t h e  thermal 

c o n t r o l  system design t o  v a r i a t i o n s  i n  t h e  nominal temperature p r o f i l e  of 

Sect ion 3.2.6. Figure 3.4-13 p resen t s  t h e  r equ i r ed  thermal c o n t r o l  hea t ing  

energy i n  Wh/ft2-day as i t  is a f f e c t e d  by e l i m i n a t i n g  t h e  co ld  day requirement 

and by imposing t h e  t h r e e  c y c l i c  day temperature environments, by themselves 

and i n  combination wi th  t h e  cold day requirement. 

needed t o  a s s u r e  a b a t t e r y  compartment temperature between 50°F and 125°F 

throughout one d i u r n a l  cycle .  

energy of 122 Wh/ft2-day provided by e lectr ical  h e a t i n g  only. 

cold day requirement reduces t h i s  energy t o  59 Wh/ft2-day, which r e p r e s e n t s  a 

savings of 31 l b  i n  thermal c o n t r o l  weight.  

achieved f o r  t h e  maximum c y c l i c  temperature day: 

a n e t  weight reduct ion i n  thermal c o n t r o l  system of 35 l b .  

ment t o  m e e t  t h e  f u l l  range of c y c l i c  temperatures i n  combination wi th  t h e  

The thermal c o n t r o l  system parametr ics  of  Sect ion 

Active cool ing w a s  n o t  an accept- 

The h e a t i n g  energy i s  t h a t  

The r e fe rence  design case p r e s c r i b e s  a hea t ing  

El iminat ing t h e  

Minimum thermal c o n t r o l  weight is  

29 Wh/ft2-day, r e s u l t i n g  i n  

Imposing a require-  
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continuous co ld  day is  the most s t r i n g e n t  s i t u a t i o n  which r e s u l t s  i n  an 

inc rease  i n  thermal c o n t r o l  system weight of 7 l b  from t h e  r e fe rence  case 

using i so topes .  

c o n t r o l  system between c o n t r o l l a b l e  h e a t  (suppl ied by electrical  h e a t e r s )  and 

constant  h e a t  (suppl ied by r ad io i so topes )  is  i n  i t s e l f  dependent upon t h e  ex- 

t e r n a l  temperature p r o f i l e  which is assumed t o  exis t  on Mars. 

It is  important t o  no te  t h a t  t h e  optimum makeup of t h e  thermal 

3.4.3 FLIGHT CAPSULE SENSITIVITY - The t o t a l  e f f e c t  of reducing t h e  

en t ry  c o r r i d o r  and t h e  atmospheric and s u r f a c e  environments can be seen i n  

Figure 3.4-14 f o r  t h e  two missions f o r  which conceptual designs are presented 

i n  Sect ion 4 :  

sc i ence  payload of 30 l b .  

t he  one day and 90 day du ra t ion  missions wi th  t h e  minimum 

The s u r f a c e  payload weights are noted f o r  reference.  

Table 3.4-3 shows how the  capsule  sys temweights  vary f o r  t h e  one day 

du ra t ion  cases.  

smaller a e r o s h e l l  diameter) ,  t h e  a e r o s h e l l  (smaller  diameter due t o  h ighe r  

m/C&,  t h e  TPS (lower lander  weight and lower wind v e l o c i t y ) ,  t h e  impact 

system (lower lander  weight and lower s l o p e s ) ,  and t h e  landed power supply 

(no cold day). 

The major changes are i n  t h e  c a n i s t e r  (due mostly t o  t h e  

The t o t a l  capsule weight i s  reduced by 224 l b ,  o r  about 16%. 
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TABLE 3.4-3 

FLIGHT CAPSULE SENSITIVITY TO ENVIRONMENT 
WEIGHT SUMMARY 

FULL 
ENVIRONMENT 

DELIVERY SYSTEMS 

STERILE CANISTER 174.0 
ADAPTER 16.2 
DE-OR BI T PROPULSION 81.0 
AEROSH ELL  197.1 
TEMP CONTROL SYS 70.0 
ATTITUDE CONTROL SYS 40.6 
PARACH UT E 40.1 
T PS 208.7 
IMPACT SYS 128.4 
F IX ED W El GHT 283.8 

SURFACE PAYLOAD * 
STRUCTURE & MOUNTING 
THERMAL CONTROL 
POWER & SEQUENCER 
FIXED WEIGHTS 

44.6 
32.5 
78.2 
54.6 

FLIGHT CAPSULE 1449.8 

* 30 L B  SCIENCE PAY LOAD, 1 DAY MISSION 

3.4-22 

MODI FlED 
ENVIRONMENT 

129.6 
15.2 
71.0 

131.0 
58.2 
41.1 
34.3 

179.8 
105.6 
283.8 

40.9 
37.6 
43.4 
54.6 

1226.1 

AW 
7 

44.4 
1.0 

10.0 
66.1 
11.8 

5.8 
28.9 
22.8 

- 0.5 

- 

3.7 
- 5.1 
34.8 
- 

223.7 - 




